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FOREWORD

This report was compiled by the Materials Integrity Branch,
Systems Support Division, Materials Directorate, Wright
Laboratory, Wright-Patterson Air Force Base, Ohio. It was
initiated under Task 24180704 "Corrosion Control & Failure
Analysis" with Thomas D. Cooper as the Project Engineer.

This technical report was submitted by the editors.

The purpose of this 1990 Conference was to bring together
technical personnel in DOD and the aerospace industry who are
involved in the various technologies required to ensure the
structural integrity of aircraft gas turbine engines,
airframes and other mechanical systems. It provided a forum
to exchange ideas and share new information relating to the
critical aspects of durability and damage tolerance technology
for aircraft systems. The Conference was sponsored by the
Aeronautical Systems Division Deputy for Engineering and
Materials and Flight Dynamics Directorates of the Wright
Laboratory, Wright-Patterson Air Force Base, Ohio. It was
hosted by the Air Force Logistics Command's San Antonio Air
Logistics Center.
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INTRODUCTION

This report contains the proceedings of the 1990 USAF Structural Integrity Program
Conference held at the Hyatt Regency Hotel in San Antonio, Texas from 11 - 13 December
1990. The conference, which was sponsored by the ASD Deputy for Engineering and the
WRDC Flight Dynamics and Materials Laboratories, was hosted by the San Antonio Air
Logistics Center Aircraft Directorate, Aircraft Structural Integrity Branch (SA-ALC/LADD).

This conference, as in previous years, was held to permit experts in the field of structural
integrity to communicate with each other and to exchange views on how to improve the
structural integrity of military weapon systems. This year, in addition, several of the papers
gave the audience a view of the activities relative to the aging commercial aircraft fleet. Most
of this work has immediaie application to the aging military aircraft. It is anticipated that this
conference will include the commercial research and development efforts in the agenda for
future meetings.

The sponsors are indebted to their hosts for their support of the conference. The sponsors are
also indebted to the speakers for their contributions. In particular, thanks are due to the three
luncheon speakers for their informative presentations. Mr Earl Briesch from the USAF
Logistics Command Headquarters provided an insight into the future of that command.
Mr Tom McSweeny, Deputy Director of the Aircraft Certification Service, FAA, presented the
results of current activities relating to aging commercial aircraft. Mr Ric Abbott, Structural
Integrity Manager, from Beech Aircraft, gave the audience an interesting perspective on the life
of an engineer in the aerospace business. Much of the success of the conference is due to di

efforts of Jill Jennewine and her staff from the Universal Technology Corporation. Their
cooperation is appreciated. We are also grateful to Marianne Ramsey of WRDC/MLSA for
compiling the Proceedings and preparing the publication.

Robert M. Bader Thomas D. Coo6 £/ John W. Lincoln
WRDC/FIB WRDC/MLSA ASD/ENFS
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* OVERVIEW OF PROCESS STEPS AND ACTIONS
* TERMINOLOGY

- ITEMS
- SIGNIFICANT ITEMS
- FAILURE IMPACT DEFINITIONS
- DAMAGE TOLERANCE
- DURABILITY
* CRITICAL ITEMS.CONTROLLED ITEMS
* TRACKED ITEMS

* PROCESS FLOW DIAGRAMS
. GENERALIZED PRODUCT CONTROL PLAN

CO AO LSPROACH FOR ESTABLISHING CANDIDATE

- APPROACH FOR ESTABLSHING CRmCAL ITEMS
* EXAMPLES - DETERMINING WHERE DAMAGE TOLERANCE APPLIES
* TERMINOLOGY DILEMMA
-SUMMARY

¢fAT" a wmo

This material is presented to assist in tailoring the Product Integrity Programs

to specific applications. The outline of the presentation is Illustrated in this

chart.
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OBJECTIVE OF THIS PRESENTATION MATERIAL

MECSIP. ENSIP)

8 ER•t d a'm

The purpose of this document is to provide guidance and further

understanding of the process of identifying those structure and functional Items

where damage tolerance and enhanced durability are required for Integrity

program applications. A part of the process is to determine where specialized

manufacturing and process controls are required to ensure that individual

production Items will contain the designed- in characteristics to satisfy initial

integrity and performance requirements. Critical items are defined as those

where specialized controls are needed. Because special controls cost more,

the list of items needs to be very carefully reviewed from an economic

perspective to avoid overspeclfication.

A second purpose is to clarify terminology used in the Product Integrity

Program documents to better understand the purpose and objectives of the

classification process and to propose modifications to existing documentation

to be consistent.
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OVERVIEW OF PROCESS

I iDENTIFY SIGNIFICANT STRUCTURE
AND FUNCTIONAL ITEMS

D DETERMINE WHERE FAILURE COULD
ADVERSELY IMPACT SAFETY - DAMAGE TOLERANCE DESIGN
ANDOOR MISSION EXECUTION APPLIES

SDETERMINE ITEMS'SIZED-By DAMAGE

OLERANCE CONTROL)

ETERMINE INERE FAILURE COULD
HAVE SIGNIFICANT ECONOMIC IMPACT -~*ENHANCED URAMLITY DESIGNSAPPLIES
DEEMN ITEMS'SIZEDr BY DURABLI W"""" APLE

* ESTABLISH CRITERA AND IDENTIFY
LIST OF CRITICAL ITEMS - INCORPORATE IN CONTROL PLAN

CR fYPAK?' iW

As an introduction to the process, the six basic steps and actions are

described in this chart. This is the process in the most simple terms. The

reason for classifying items is not to make extensive lists or label parts, but to

facilitate the actions shown here in a consistent and intelligent manner. The

process described herein has been used extensively and with success In ASIP.

It is anticipated that the same approach will work with functional hardware as

well. Obviously, some differences will result because of the difference in

component design, materials and failure modes.
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YTERMINOLOGY- ITEMSl

SYSTEM OR

INUSPAUATION ATMO I- A GENERAL FUNCTIO#N

AS BLY ONE OR MOOM ELEMENTS. PRlOEIS A IIMUG FUNCTION

•L NT TTWO OR MOM OEYA1&• MON"
IOENTIPIU PART NME

Q AN ELEMENT

FUEL~~ ~ ~ ~ SYTEOLNWINYTK LAG

SOF 1VSI AVIONICS *IOAAO AMY, • CHIP •SOLDERJOIN

CRIWPAMS 4 &a

Consistent terminology is important particularly when discussing widely

diverse items as structures and electronic components. This chart Ilustratas a

terminology basis which seems logical and will be used throughout this

presentation. One issue that often arises is where to begin the examination of

items, as for application of damage tolerance requirements ( e.g., at the

system, assembly, element level). The approach works at any level as will be

illustrated in subsequent examples.
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TERMINOLOGY - SIGNIFICANT ITEMS

STRUCTURE FUNCONAL
SIGNIFICANTI ISIGNIFICANT/ITEM / TM /

STRUCTURAL ASSEMBLY. * FUNCTIONAL ASSEMBLY,
STRUCTURAL ELEMENT. FUNCTIONAL ELEMENT.
OR STRUCTURAL DETAIL OR FUNCTIONAL DETAIL
WHOSE FAILURE COULD: WHOSE FAILURE COULD:

a. AFFECT SAFETY OF FLIGHT
b. CREATE A HAZARD
c. DEGRADE OR NEGATE MISSION ACCOMPLISHMENT
d. HAVE A SIGNIFICANT ECONOMIC IMACT

The initial step in the process is to begin to identity significant items. For

Illustrative purposes structure is distinguished from functional items. This is

consistent with FMECA and Reliability Centered Maintenance documentation.

As Is shown, the significance of the item is based on the potential Impact of

loss and is safety, mission and economically based. Although this terminology

is presented for hardware items the approach could equally apply to individual

functions as well.and then to items. Later examples will illustrate where

function and hardware are addressed in the same scenario.
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[ESTABLISHING STRUCTURE AND FUNCTIONAL SIGNIFICANT ITEMS

REVIEW:

* DESIGN INFORMATION AND DESIGN CONCEPT
- MATERIALS
- OPERATING STRESSES
- TESTS AND ANALYSES
- MAINTENANCE ANALYSES
- ECONOMIC ASSESSMENTS

* PRIMARY FUNCTIONS

* PRINCIPAL FAILURE MODES POTENTIAL IMPACT OF LOSS
OF FUNCTION OR ITEM

* SAFETY ANALYSES

ETC.

CArYPART. I rWm

This chart illustrates some data that has been used in past evaluations to

establish significant items. Some of these data may not be available at the

time of the assessment and engineering judgement and experience may be

called upon. Failure modes effects analyses and safety analyses shoud be

used if available.
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TERMINOLOGY - FAILURE IMPACT DEFINITION

"* SAFETY OF FLIGHT - FAILURE COULD RESULT IN LOSS OF THE AIR
VEHICLE OR IF FAILURE REMAINED UNDETECTED
COULD RESULT IN LOSS OF THE AIR VEHICLE

"* HAZARD - FAILURE COULD RESULT IN A HAZARD TO PERSONNEL OR
OTHER ITEMS OR IF FAILURE WAS UNDETECTED COULD
LEAD TO FAILURE OF ANOTHER ITEM WITH POTENTIAL
SAFETY OF FLIGHT IMPACT

"* MISSION - FAILURE COULD PROHIBIT THE EXECUTION OF A
CRITICAL MISSION OR HAVE SIGNIFICANT
OPERATIONAL IMPACT (eg. MISSION CAPABILITY,
FLYING QUALITIES, VULNERABILITY, ETC.)

"* ECONOMIC - FAILURE COULD RESULT IN EXCESSIVE OPERATION,
MAINTENANCE OR REPAIR BURDEN OR RESULT IN COSTLY
REPLACEMENT

COMPAT * MW

Failure impact definitions are generally consistent within the various integrity

programs and are shown in this chart. Some items have failure modes that

could be potentially hazardous even though the loss of the primary function

might be considered to be benign. Pressure vessels are good examples where

a rupture could damage surrounding structure or systems or where a leak could

be hazardous from a fire potential. The mission category is particularly

important for functional items since there are few items that don't contribute to

the system mission function. The term critical mission is intended to relate to a

wartime or combat scenario. Our experience indicates that specific definitions

of mission situations will need to be derived for each specific application. For

example, one requirement for a strategic bomber is that it be able to respond to

an alert scenario. This means any item that would reduce this capability would

be a candidate for the mission category.
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FAILURE MODES EFFECTS AND
CRITICALITY ANALYSIS

IFMECA

FAURE MOOES EFFECTS ANALYSIS•- EVALUATION OF POTENTIA.
FAILURE MODES AND THEIR EFFECTS

F A IDENTIFY ALL P•OBABiLE FAILURE MODES
EVALUATE EFFECT ON SYSTEM OPERATION

"D *OETERMINE SINGLE POINT FAILURES

_____ i~TICALITY ANALYSIS- ESTABLISHFS SEVERITY RANKINO US0O"rCA FAILURE RATE INFORMATION

SFMEA RESULTS.-COMPATABLE WITH INTEGRITY PRORAM

1110! IL -9tDO. tm

catllumr to

As discussed previously, the FMECA is an important tool to assist in

determining the effect of loss for an item or function. The terminology and

procedures for conducting the FMEA portion are compatable with the Integrity

programs. The CA portion may provide useful information although It is not

generally used in the Product Integrity Program applications.
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DURABILITY

* THE ABILITY OF AN ITEM TO RESIST DETERIORATION. WEAR,
CRACKING. CORROSION, THERMAL DEGRADATION, ETC.
FOR A SPECIFIED PERIOD OF SERVICE USAGE

- DURABILITY DESIGN APPLIES TO ALL ITEMS AND FUNCTIONS.
ENHANCED DURABILITY (eg. AT LEAST ONE DESIGN LIFE WITHOUT
SIGNIFICANT MAINTENANCE) IS REOUIRED FOR ALL SIGNIFICANT
ITEMS, i.e. THOSE ITEMS AND FUNCTIONS WHOSE LOSS
COULD HAVE SAFETY OF FLIGHT, HAZARD, ADVERSE MISSION
EXECUTION IMPACT, AND/OR SIGNIFICANT ECONOMIC IMPACT.

0IIPA It 62 M

It is necessary to discuss durability as well, since part of the process is to

identify those items which will benefit from enhanced durability ( eg. at least

one design lifetime without the need for significant maintenance as a result of

the design). Durability design is required for all items, however, trade studies

may show that it is more expedient to allow periodic maintenance to be

designed into the product. The phrase "as a result of the design* Is often

confusing particularly to traditional R&M specialists who are accustomed to

specifying reliability requirements that can only be measured by field

performance after the product has been produced. Under the integrity concept

durability design is verified before the product is committed to full production,

and an item that cannot be verified in this manner cannot proceed into

production until it does. In many cases verification includes the need to conduct

some maintenance tasks in service to uphold the durability characteristics

designed into the product. When scheduled maintenance is part of the design

criteria or when the development program results show the need to perform

maintenance, this maintenance is referred to "as a result of the design".
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DAMAGE TOLERANCE

* THE ABILITY OF AN ITEM TO RESIST FAILURE DUE TO THE PRESENCE
OF FLAWS, CRACKS, OR OTHER DEFECTS RESULTING FROM MANUFACTURE
AND/OR OPERATION FOR A SPECIFIED PERIOD OF UNREPAIRED SERVICE USAGE

- DAMAGE TOLERANCE DESIGN APPLIES TO ALL FUNCTIONS AND ITEMS
WHOSE LOSS COULD AFFECT SAFETY OF FLIGHT. ADVERSELY AFFECT MISSION
EXECUTION OR CREATE A HAZARD TO PERSONNEL OR SURROUNDING SYSTEMS OR
EQUIPMENT

CR#Ar 1t1 NA

Since this process is initially used to identify requirements for damage

tolerance, the definition and requirement are summarized in this chart. The

definition is a literal translation from ASIP and the structures community but

applies equally as well to functional items. The term "defects* in the broadest

terms can refer to process flaws as well as product flaws. A later chart will

illustrate some approaches to satisfy damage tolerance requirements for

functional items
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TERMINOLOGY. CRITCAL ITEMS

CRITICAL ITEMS ARE THOSE SIGNIFICANT ITEMS WHICH
AS A RESULT OF THE DESIGN AND/ OR RESULTS OF THE
DEVELOPMENT REQUIRE SPECIALIZED CONTROLS ON
( a.) SPECIFIC ASPECTS SUCH AS MATERIALSNSPECTIONS, MANUFACTURING PROCESSEs.
REPROCUREMENT, ETC., IN ORDER TO ENSURE THAT
REQUIRED INTEGRITY CHARACTERISTICS AND MARGINS
ARE ACHIEVED IN EACH ITEM DURING PRODUCTION -
AND/OR (b) INSERVICE ACTIONS SUCH AS INSPECTIONS
OR OTHER PREVENTIVE MAINTENANCE TASKS.

CRITICAL ITEMS - CONTROLLED ITEMS

I CONTROLS MAY BE IMPOSED FOR ECONOMICI
AS WELL AS SAFETY OR MISSION IMPACT I

0flPWN 13 61M

The use of the term "critical" has not been used consistently within the various

Product Integrity documents. For purposes of this discussion, critical items are

defined in the manner shown. Critical items refer to those items which require

specialized manufacturing and maybe in-service controls to assure and

maintain the required level of integrity for each item produced. Controls may

be imposed for economic as well as safety reasons. This terminology follows

that used in ASIP. Every effort needs to be expended to keep the number of

critical items to a minimum since special controls can add cost to the program.

Typically, one could expect to review hundreds of significant items, a

percentage of which would require damage tolerance and/or enhanced

durability design and a few would end up on the critical list.
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TERMINOLOGY- TRACKED ITEMS

* SOME CRITICAL ITEMS WILL REQUIRE IN -SERVICE
CONTROLS eq INSPECTIONS AND/OR OTHER PREVENTIVEMAINTENANCE ACTIONS AS *A RE:SULT OF THE DESIGN.

-WHEN THESE ACTIONS AR REQUIRfD TO BE IMPLEMENTED
AT INTERVALS ASSOCIATED WITH TIME AND/OR USAGE,
THEN THESE ITEMS WILL REQUIRE IN -SERVICE TRACKING

SSOME CRITICAL ITEMS WILL REQUIRE IN -SERVICE CONTROLSI
AND USAGE TRACKING OF INDIVIDUAL ITEMS MAY B E REQUIREDI

NOT ALL CRITICAL ITEMS WILL REQUIRE TRACKING

CUAT 14 M

Another term, tracking, also needs clarification. When, as a result of the

design it becomes necessary to implement maintenance actions at prescribed

times or intervals which are tied to actual usage, it will be necessary to track

or monitor this usage on each fielded item in order to establish schedules. This

is the original definition for tracking. Some items tracked may be citical items

as previously defined but not all critical items will require tracking. Generally,

critical items for production controls will appear in the Product Integrity Control

Program (eg. Fracture control program for ASIP). Tracking requirements will

appear in the Force Management plan.
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CRITICAL ITEM - EXAMPLE FRACTURE CRITICAL STRUCTURE

"* GENERAL CRITERIA:

SAFETY OF FLIGHT COMPONENTS OR REGIONS OF SAFETY
OF FLIGHT COMPONENTS WHICH ARE EITHER SIZED BY
THE (DAMAGE TOLERANCE) REQUIREMENTS OR WOULD
BE SIZED ...... IF CONTROLS WERE NOT IMPOSED

"* EXAMPLE - HIGH STRESSED REGION OF STRUCTURAL FORGING
ITEM WOULD NOT MEET SLOW CRACK GROWTH DAMAGE TOLERANCE
REQUIREMENTS WITHOUT SPECIAL INSPECTIONS IN PRODUCTION TO
MEET INITIAL FLAW SIZE ASSUMPTIONS..... CONTROLS ON DRAWING AND
IN PROCESS REQUIRED

CONTROLS IMPOSED FOR SAFETY OF FLIGHT IMPACT

C~np~a is-

An example of a critical item is illustrated here. The contols would be

incorporated into the manufacturing process to assure that specific Inspections

are conducted.
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CRITICAL ITEM - EXAMPLE DURABILITY CRITICAL ITEM

"* GENERAL CRITERIA:
FUNCTIONAL rrEM WHOSE LOSS WOULD HAVE SIGNIFICANT
ECONOMIC IMPACT AND WHICH IS SIZED
BY ENHANCED DURABILITY REQUIREMENTS OR
WOULD BE SIZED ,..IF SPECIALIZED CONTROLS
WERE NOT IMPOSED

"* EXAMPLE -PUMP

PREMATURE FAILURE WOULD RESULT IN EXPENSIVE
REPLACEMENT AND/OR NEED FOR INCREASED SPARES
.... DURABILITY WOULD BE DEGRADED TO AN UNACCEPTABLE
LEVEL IF ORIGINAL "DESIGN BASIS WERE COMPROMISED,
eg. THROUGH UNRESTRICTED REPROCUREMENT...ITEM
COULD BE DESIGNATED AS A "DURABLITY CRITICAL ITEM"
WITH REPROCUREMENT RESTRICTED TO THE
ORIGINAL OUALIFICATION BASIS"

CONTROLS IMPOSED FOR ECONOMIC REASONS

Another example for a functional item where controls are Imposed on

reprocurement. In this situation the impact of relaxing this requirement may be

economical in nature. This would make the pump a "durability critical item".

6
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GENERALIZED PROOUCT CONTROL PLAN

THIS PRESENTATION

MAarft CMMMOWfYa ThtMMM

,flPA? I? ai

This chart depicts the relationship between selecting critical items and

controlling critical items. Some candidate controls are indicated. Further

discussion of Product Integrity Controls can be found in the Integrity Program
documents.
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GENERALIZED APPROACH FOR ESTABLISHING CANOIDATE CONTROLS LIST

The following two charts illustrate the complete process. This chart depicts

the flow paths by which damage tolerance and enhanced durability are applied

as a consequence of item or function failure,and these items become

candidates for the critical control list if they are sized by the specific

requirements. Being sized by the requirements implies that the essential item

characteristics ( eg. materials, operating stresses,etc. ) are selected because of

these requirements and either would not be incorporated into the item or to a

lesser degree, if the requirements were not specified. It also may refer to

situations where an item could be sized by these requirements if controls were

not imposed on certain parameters. Both situations would automatically put an

item on the candidate list. Note that a judgement box has been included to

allow exceptions to remain on the candidate list. The "not critical" category

implies that items are clearly not sized by the requirements and/or special

controls clearly are not warranted. The process objective is to keep an item as

a candidate until all reason not to keep it on has been explored. In other

words, an item is kept on the list until it can be justified to not be critical. To be

put on the candidate list, an item must go through the entire process. In other

words, items cannot be added solely on a judgement basis.
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APPROACH FOR ESTABUSHING CRITICAL ITEMS

MNM CAIP6OAU CCoWTMo. PW=MS

CM" Weft I-

TOIPM toCO o"
""co Itv

The second flow chart depicts the process to arrive at the final list of critical

items. Note that there is one step in the path to allow a candidate to be

removed and this is if the design satisfies additional criteria developed for the

specific product in advance. For structure items, a relatively high margin may

be sufficient to allow an item to be removed from the candidate list. These two

flow charts have an implied time line associated with them. The special criteria

may not have been able to be satisfied at the decision time when candidates

were selected. Again, a judgement option Is kept to allow exceptions to remain

as critical items. These lists usually are kept active during the item

development, and items may come and go.
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....MEETS SPECIAL CRITERIA ?

- DECISION OPTION USED TO DELETE ITEMS FROM CRITICAL
LIST

- SPECIFIC CRITERIA ESTABLISHED (9g. DAMAGE TOLERANCE
MARGIN)

This chart reiterates the special category to allow items to be removed from

the critical list.
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DAMAGE TOLERANCE SOME EXAMPLES - APPLICATION 1

"* REQUIREMENT
DAMAGE TOLERANCE DESIGN APPLIES TO ALL FUNCTIONS AND ITEMS
WHOSE LOSS COULD AFFECT SAFETY OF FLIGHT, ADVERSELY AFFECT MISSION
EXECUTION OR CREATE A HAZARD TO PERSONNEL OR SURROUNDING SYSTEMS OR
EQUIPMENT

"° SOME APPROACHES

* CONTROLLED FLAW GROWTH

- SLOW GROWTH

- LEAK BEFORE BURST

-NO GROWTH

* REDUNDANCY - FAIL OPERABLE ,FAIL SAFE

* ROBUST DESIGN

* READILY DETECTABLE / GRAOUAL
DEGRADATION WITH MINIMAL LOSS OF
FUNCTION

COtMMlTat 21

Some examples follow which illustrate how an item and /or function would be

evaluated for applicability of damage tolerance design requirements. First,

some approaches to damage tolerance design will be discussed. The

controlled growth approach follows that used for structures and ensures that

initial flaws will not grow to a critical or limiting size within a prescribed service

usage period. Several sub-categories fall under this approach. The leak-

before -burst category applies to pressure vessels and is imposed to assure

that detectable leakage precedes catastrophic loss of the itemor function.

Redundancy is a common approach for functional systems. This approach

implies that the design concept will fail safely and operably, and in some cases

with the stipulation that the loss be readily detectable. If loss of a redundant

path would not impact safety even if ignored for the life of the system, then it is

clearly not safety of flight. On the other hand, a fail safe structure might fail to

some safe level of strength but could not operate without imposing stress on

adjacent members, the situation would be safety of flight. Robust design

refers to an item with extremely low probability of failure. This is usually used

as a fall back option with the concurrence of the Air Force. The final approach

could be used for components like bearings, where significant degradation can

be detected through oil analyses and chip detectors.
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EXAMPLE - FUNCTIONAL SIGNIFICANT COMPONENTI

ITEM FUNCTION LOSS OF FUNCTION DESIGN APPLICATION

Fuel Line Suppty Fuel Reduced Thrust; Dual Engine Application ;
Assembly To Engine Loss Of Thrust. Singip Line To Each Engine

Potentlal Safety Of Flight;
Loss Of Mission Effectiveness

FINAL EVALUATION; DAMAGE
LOSS OF FUNCTION TOLERANCE
PROVIDED BY ITEM APPLIES TO ITEM ?

Loss Of Thrust One engine;
Reduced System Thrust; Yes
Mission Impact

C0rIPART n

The first example considers a fuel line assembly whose principal function is

to deliver fuel to the engine. The potential effects of losing a fuel One could be

one or all four of the effects shown. The final result depends on the

application, and for this example a dual engine application is assumed with a

single line assembly to each engine. Loss of the line function, then, would

result in the loss of one engine, reduced thrust for the system, and at the

minimum, an impact on the mission capability. Accordingly, damage

tolerance applies to this item.
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EXAMPLE - FUNCTIONAL SIGNIFICANT COMPONENT

ITEM FUNCTION LOSS OF FUNCTION DESIGN APPLICATION

Fuel Line Supply Fuel Reduced Thrust Single Line, Single Engine
Assembly To Engine Loss Of Thrust: Application

Potential Safety Of Flight;
Loss Of Mission Effectiveness

FINAL EVALUATION; DAMAGE
LOSS OF FUNCTION TOLERANCE
PROVIDED BY ITEM APPLIES TO ITEM?

Yes

Lou Of Thrust One Engine;

Loss Of Thrust For System:

Safety Of Flight

CRAM'Aff n M

In this case, the same item is considered but the application is now a single

engine with single fuel line. Based on this application, the loss of function would

result in loss of engine and a safety of flight situation. Therefore, damage

tolerance applies.
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EXAMPLE - FUNCTIONAL SIGNIFICANT COMPONENT

ITEM FUNCTION LOSS OF FUNCTION DESIGN APPLICATION

Hydraulic System Reduced Power.
Pump Pressure Loss Of Power Single Pump, Single System
Assembly To Flight Control To Air Vehicle Systems;

Surface Poten•ial Safety Of Right;
Loss Of Mission Effeclvesness

FINAL EVALUATION; DAMAGE
LOSS OF FUNCTION TOLERANCE
PROVIDED BY ITEM 'APPLIES TO ITEM ?

Loss Of Power; Yes
Safety Of Right,

cmTfPAlrN? ae mew

Another example considers a hydraulic pump assembly with the primary

function of supplying power to a flight control surface. The potential

consequences of loss of this function are listed. The design application is

considered to be a single line element with the resultant loss being safety of

flight. Damage tolerance would apply to the item.
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I EXAMPLE - FUNCTIONAL SIGNIFICANT COMPONENT

ITEM FUNCTION LOSS OF FUNCTION DESIGN APPLICATION

Hydraulic System Reduced Power. MuAltple SyPtems
Pump Pressure Loss Of Power (Metiple Punms)sAsufty To lightRedundant System
Ass.mbol To Flight Potential Safety Of Right: to Control Sface

Contol Surface Lous Of Mission Eftaiveness

FINAL EVALUATION; DAMAGE
LOSS OF FUNCTION TOLERANCE
PROVIDED BY ITEM APPLIES TO ITEM ?

Loss of One Pump.Loss Of No. Damage Tolerance
One System; Function Retained Sansled At System Level
In Remainng
System(s): No Loss Of Power;
Not Safety Of Right;
Not Mihason Esential

cm11•as, -

Same item with a different design application. In this case the system has
redundant lines and are fully independent from a functional perspective. If it is

assumed that full function can be maintained even with the loss of the pump,
then the item is not safety of flight and Is not critical to mission execution, and
therefore, damage tolerance would not apply to the item. The intent is

satisfied at the system level via redundancy. In this example, the redundancy
Is assumed to be fully independent, In that the system could tolerate the loss

for the service life without impact. If this were not the case, each leg of the
redundant path would have top meet damage tolerance requirements to assure

the remaining functional system could operate safely until detected and

repaired.
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EXAMPLE -PRIMARY STRUCTURE

ITEM FUNCTION LOSS OF FUNCTION DESIGN APPLICATION
No Or Reduced

Fuselage Distnbuis Wn Load Capiiity. Will PIe bidhead
Bulkhead Loads To Ptenia Loss Of Wing. Ainwgenhmnt

FubelagS Potentia Safety Of Fight:
Potential PMssion Essential

FINAL EVALUATION; DAMAGE
LOSS OF FUNCTION TOLERANCE
PROVIDED BY ITEM APPLIES TO ITEM ?

Sorne Reduction yes
In overall Load Capatklity;, increased
Suvea In Remasining Bulkheads;
Losu If Not Detected,
Would Lead to Eventuali
Loss Of Remaining~ulkheads;
Safety Of Flight it Detected,
Would curtail PNssion

This example is the classical example of fall safe structure. In this case the

structure is safe with a failed bulkhead but the remaining structure has reduiced
capability and must meet residual strength and remaining life requirements.
Since the Rtem is one of several elements It must also satisfy damage tolerance
requirements associated with remaining structure.
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'SAFETY OP PUGH EXAMLE ONILY: MESIMWUAOTGUThE SAML~AVIPTERAUOWSY SAMS AS "EIM

REhM ASIP ENSP MIECSIP

* OOPOIENTS WHOSE ALL SAPET OF FLIGHTFRCUERICASFTYRTCL
LO WOULD PMOIPITATE STRUCTURE -COMPONENTS ' -COMONi'ENTS'
A SAFETY OF PUGH!
SITUTION
*PROCESS lUSD TO * PMECA C JKR-FOAOR UIMIAA * PHCA ONRIIA

CMYTEEENGINEERINEGE~i
COPOENTP HSE ANALYSISEGNII12smooa

- * THOSE SAFETY
DEIGATISEDCOMPOENT FRCTR CRIIAL ARS THOUE FRACTURE CRITICAL CRITICALCOMPMNTSI

INtmo ORDE COMONENT* LamE IN THE COMPNTIUIN THE
TO SATUSFY DAMAG DAMAGIETOLEPANCE PRODUCT psIToIvY
TOAZPROVE 01AO CONTROL PLAN CONTROLPLUN

SPECIAL OSTrERA FOR * SFEOIALORITENAFOR SPECIAL OMRTMI FOR
M OW IDENTIFIED APPLICATION APPLICATION APPIATION

*EXTEN OF COMPONENTS ONLY THOSE WHERE *THE DAMAGE TOLERANCE * 0SIA TO SUIW THE
WHICH ARE CONTROLLED CONTROLS ARE CONTROL PLAN WILL PLAN MAY LOT ALL

REOUPIO TO MEET DAMAGE LIST ALL FRACTURE CRITICAL SAFETYCaITCAL
TOLERANCE RROUIREMENTS COMO~NTS SPECIL CONIO~ITS, ONO
NOT ALL SAFETY OF FLUGHT CONTROLS RELATE TO A THE UPECIALCONTROLS
STRUCTURE 0 FRACTURE POIRTION OF THEE UIST WILL NCLUCIE ONLY
CRITICAL CONTROL PLAN COMPOIRNWIL THE A PORTIO OF THESE
DOES NOT IDENTIFY ALL PLAN WILL 011IFPERENTITE
SAFETY OP PUIGHT SETWENEN NORMLMAN
COMPONENT$ SPISCIALCONI'ROW

*OTHER COMPONENTS * OLAASAIUTY CRITICAL
THAT AME DEFINED AND COMPOPENTSwm WHR SAEA __I O SAME AS ASME FOR
O4ONTPROLLI IN THE CONTROLS ARE REOPO TO DURABILITY CRTIA DLWASITY 0.1CAL.
SAME WAY SATISFY DUAIFIAUTY COPNNSDRM11TCRTA

REQUIREMENTS

CRITIART v 609191

This table compares current terminology from ASIP, ENSIP, and MVECSIP to
illustrate differences in terminology. The most significant difference Is the use
of the term *critical". There is a need to rectify the situation in Product Integrity
document updates.
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* GENERAL PROCESS FOR IDENTIFYING CANDIDATE AND CRICAL ITEMS IS
APPLICABLE TO ALL PRODUCT INTEGRITY PROGRAMS

BE PLACED ON LIST. THE PROCESS MUST BE REPEATED

WAW CR~ ~ ~ i X
*DETERMINATION OF THE APPLICABILITY OF DAMAGE TOLERANCE REOUIREMENTS

NEMADE AT ANY LEVEL (eg. ELEMENT SEL

* USE OF THE TERM CRITICAL" NOT CONSISTENT IN CURRENT WTEGRIfY PROGRAM
ROMINOHM 80A fJ4T"AT1ON CHANGES

* CLARIFICATION OF SOME TERMINI0OGY HAS BEEN INCLUDEO IN THIS DOCUMENT

caemmI•T ugms

In summary, this presentation has described the process used to address

significant functional and structure items under the Product Integrity Programs.

(e.g., ASIP, AVIP, MECSIP, ENSIP ). The presumption is that Inconsistent

terminology can and hase led to confusion and misinterpretlation of the integrity

process requirements. Since the baseline for comparison has been ASIP, this

presentation has described the process in ASIP terms as much as possible. A

major concern has been for the use and meaning of the term "critical'. It

appears that the difference is significant enough to warrant revisions to current

Integrity Program documentation.
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I. Introduction

The Structural Integrity process established by the United
States Air Force is an or anized and disciplined approach to
ensure that each USAF system meets certain structural performance
requirements. To simplify the structural integrity process each
major system is evaluated separately. Each system evaluation is
conducted through a process referred to as a Structural Integrit
Program. The intention of this paper is to propose a procedure
address the initial phase in the implementation of a Structural
Integrity Program.

The proposed procedure provides a systematic and logical
approach for identifying candidate items in a structure or system
for specific test analytical evaluation, or special controls.
Specific numerical ranking values are determined for the many
durability and damage tolerance aspects of component integrity
which allows the analyst to categorize the component's cr ticality
and prioritize subsequent component evaluation. This procedure
has been developed for airframe structures to compliment ASIP and
can be readily tailored for application to ENSIP, MECSIP, AVIP,
and other Integrity programs. The implementation of this
procedure as a structural integrity tool will simplify the process
of ensuring systems meet USAF requirements.

To Illustrate the concept, the details of the procedure as
applied to our military fighters was originally intended to be the
focus of this paper. However, due to the open nature of this forum
a less sensitive airframe was chosen to serve as an example of
this procedure, namely, a small high wing turboprop transport.
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II. Generation of Sign~ficant Items List

The development of a USAF structural integrity program
requires a process to identify structural and functional items
that may be durability and/or damage tolerance critical. This
process starts with the generation of a Significant Items List.
Items can be defined as subsystems, assemblies, or regions of
structure, as well as elements and details. Compilation of the
Significant Items List is best conducted by experienced stress and
fracture engineers, with support from design, reliability, NDE,
maintenance, and safety engineers.

To begin the selection process, a basic structural review is
conducted to select items based upon previous aircraft experience,
test experience, design concept, primary functions, and principal
failure modes. In addition, items are selected from all major
load paths, control surfaces and their attach areas, major
splices complex load paths, access areas, and to represent
particular areas or assemblies. The items selected encompass the
entire structure and systems.

The structural configuration of the transport aircraft used to
demonstrate this procedure was of conventional sheet and stringer
construction. The pressurized fuselage and wet wing are primarily
constructed of aluminum alloys. The Significant Items List used
on this structure contained over one hundred items.

III. Categories for Evaluation

All the items on the Significant Items List are evaluated by
the use of a "Category Ranking Guideline". The Category Ranking
Guideline is a ranking system that relates significant damage
tolerance and durability 'categories' to numerical values. The
value or maximum rank for each category is weighted relative to
the other cate ories based upon relative level of importance. The
summation of the maximum ranks for all categories is 100. Each
category is divided into subsets that provide a measure of
severity of that particular category to a condition that could
exist in the structure or subsystem. Specific values are assigned
to each subset In terms of relative severity up to the maximum
allocated for the particular category. The analyst is thus able
to select the subset from the Category Ranking Guideline sheet
that best describes the item being evaluated, and subsequently
determine an appropriate numerical value.

SIn addition to determining the subsets within the category,
brief narratives are used with the Category Ranking Guidelire to
explain the rationale used to develop the ranking. Appendices to
the narratives can provide further explanations, technical
details, discussions of phenomena, and results of studies used in
determining the categories subsets, and relative ranking. These
narratives enhance the analyst's understanding of the ratings and
the Important aspects of structural integrity.
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Nine categories for the small transport aircraft structure
are shown with their maximum category ranking in Figure III-i.
For the airframe described in this procedure the system results in
the accumulation of ratings ranging from a minimum of 8 to a
maximum of 100, with 100 representing the maximum possible
severity for a item. The Category Ranking Guidelines for each
category are described in Figure 11-2 through Ill-10.

IV. Ranking of Significant Items List

To rank each item, the analyst begins by gathering available
drawings, material lists, assembly layouts, static stress
analysis, and general structural descriptions. Access to a
typical structure for physical examination is a significant
advantage in this evaluation process.

The analyst then evaluates each candidate item on the
Significant Items List. A standardized form is used to provide
documentation for each item. On this form brief statements are
made as to the justification of the selection, the primary
function, a description of the environment, the material used, and
a description of the accessibility of the area. The second half
of the form contains the worksheet for the ranking to be
conducted. The analyst, using the Category Ranking Guidelines,
works through each of the categories selecting the subset and
ranking score that is applicable. Comments and the selected
ranking are then duly recorded, and sketches are assembled for a
visual description of the geometry and region being addressed.

A preproduction airframe of the small transport aircraft was
available for inspection. An example of the form and the results
of the evaluation for a single item from that aircraft is shown in
Figure IV-1 and IV-2.

V. Listing, Ranking, and Prioritization

After ranking the significant items, a listing and grouping of
the ranking scores is used to prioritize the items. These
groupings can be assembled on the total of all categories, on
various combinations of categories, or on an individual category
For example overall priorities can be used to select critical and
non-critical items and to establish the order of further
evaluations. Low scores indicate the items that are non-critical,
and high scores indicate the items that are critical and will
require special provisions.

Figure V-1 presents the distribution of the Total Ranking
Scores for each of the significant items in the example airframe.
A review of the prioritization based upon aircraft structure, as
shown on Figure V-2, shows potential 'hot spots' or areas of
concern. A grouping of the ranking scores obtained by combining
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only the 1G stress, the residual strength, and fall-safe aspects
is used for determining the priority order of crack growth
analysis. To determine how well the ranking of these three
categories acted as an indicator of dama e tolerance, analyses
were conducted at the three mean ranked items. All three analyses
showed significant damage tolerance life. As a result, detailed
crack growth analyses were conducted on the higher ranked items,
thus eliminating detailed crack growth analyses on the less
critical Items. For another example, the grouping of the two
corrosion categories ranking scores can be used to determine areas
that might require periodic maintenance. The ranking score of an
individual category is also an important indicator. For example,
the information and results of the fail safe ranking are direct
indicators of safety-of-flight items.

The listing, ranking, and prioritization of items provides a
group of useful tools that are beneficial to many disciplines of
engineering. The selection and prioritization procedure helps to
systematically evaluate the items from this list to determine what
analyses, controls, criticality classification, and actions are
required for each item. This procedure thus assures that critical
areas will not be overlooked and eliminates unnecessary work on
relatively non-critical locations.

VI. Summary

This procedure has been successfully applied by MCAIR to a
fighter/attack aircraft and a small transport aircraft. For the
fighter aircraft, the Category Ranking Guidelines were modified to
account for high load factor, results of full scale fatigue tests,
and field experience.

By tailoring the "categories", their subsets, and the relative
'ranking', this procedure could become a important integrity tool
in component selection for application in ENSIP, MECSIP, AVIP, and
other integrit programs. The application of this procedure
provides many benefits as a structural integrity tool by
addressing many of the durability and damage tolerance integrity
drivers. The procedure compliments the structural integrity
process through a systematic approach to the selection of
principal structural components. The selection, ranking, and
prioritization process provide valuable information and
documentation in support of component classification, subsequent
detailed analyses, and potential controls to ensure structural
adequacy of critical components.

Thib procedure could be considered a part of the USAF
Structural Integrity Requirements so as to ensure systems meet
USAF expectations.

EXPORT AUTHORITY: 22 CFR 125.4 (b) (13)
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FIGURE III-i

THE NINE CATEGORIES FOR DURABILITY AND DAMAGE TOLERANCE RANKING

CATEGORY RANKINGMinimum to Maximum

1 1G OPERATIONAL STRESS LEVEL 1 to 20

2 LIMIT STRENGTH AND RESIDUAL STRENGTH 1 to 15

3 FAIL SAFE ASPECTS OF THE STRUCTURE 1 to 15

4 LOAD DISTRIBUTION CHARACTERISTICS 1 to 10

5 SUSCEPTIBILITY TO SUSTAINED STRESS 0 to 5
CORROSION CRACKING

6 SUSCEPTIBILITY TO CORROSION 1 to 10

7 STRESS RISER DUE TO GEOMETRY (Kt) 1 to 8

8 SUSCEPTIBILITY TO ACCIDENTAL DAMAGE 1 to 5

9 INSPECTABILITY 1 to 12

TOTAL 8 to 100
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FIGURE 111-2

CATEGORY RANKING GUIDELINE 1: IG OPERATIONAL STRESS CONDITION

One of the more important drivers in a structural assessment is the
operational stress state. The iG stress condition is considered to
be the typical stress state for a transport aircraft. The number
and magnitudes of stress excursions about this condition determine
the fatigue capability of the structure. To establish the subsets
and their relative ranking for this category, preliminary
sensitivity crack growth analyses were conducted using generic
spectra for this transport aircraft representing major structural
assemblies. These approximations for maneuver load factors,
pressurizations, and gust responses provided relative stress
severities required to produce equivalent damage for correlation
between the assemblies. As a result the subsets for selection are
based on the major structural location of the item. The ranking to
be selected is to be based on the maximum 1G operational stress of
the structure in the area of the item being evaluated.

Subset Major Structural Assembly Descriptions Ranking

Wing Structure; Wing-Engine For 1G o > 9 ksi 17 to 20
and Wing-Fuselage attach
Structure 6 < 1G a < 9 ksi 15 to 17

a Stress Level Guidelines
for Aluminum Structure For 1G a < 6 ksi < 15

For other metals; adjust scale by the
a* ratio of yield strength; oalloy/ualuminum

Fuselage Structure; For lGo > 7.5 ksi > 13
and Horizontal Stabilizer
Structure 6( 1Ga < 7.5 ksi 11 to 13

b
Stress Level Guidelines 3 < lGo < 6 ksi 8 to 11
for Aluminum Structure

For lG ( < 3 ksi < 8
b* Reference a* above

Systems or Components, such as Hydraulic
c Systems that operate near limit load for 15

each load excursion.

Vertical Tail Structure; Control Surfaces;
d Elevators; Flaps; etc., and their attachments 4 to 8

Indirect structural elements and structure not
e directly responsive to the normal operatio.,al 1 to 4

flight spectra (e.g. low # of applied cycles)
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FIGURE 111-3

CATEGORY RANKING GUIDELINE 2: LIMIT STRENGTH AND RESIDUAL STRENGTH

The maximum amount of crack growth damage allowed for a damage
tolerant structure is limited by residual strength criteria. The
uncracked adjacent structure must have adequate residual strength to
sustain the redistributed loads at limit load conditions without
loss of performance, loss of stiffness, excessive permanent
deformation, loss of control, etc. This category uses static
margins-of-safety of the primary structure and of the adjacent
secondary structure as indicators of the residual strength. Static
margins alone are not ade uate, therefore the amount of material
available to carry the redistributed loads after the primary load
path failure is important. In addition, potential benefits due to
crack arrest features should also be included in the evaluation.
The definitions and methods of determining low M.S., high M.S.,
relatively less significant material, and crack arrest features
could be given in an Appendix.

Subset Primary Adjacent Material Arrest Ranking
Structure and Secondary Structure Feature

a Low M.S. Low M.S. with relatively NO 15
LESS significant material YES 14

b Low M.S. High M.S. with relatively NO 13
LESS significant material YES 12

c High M.S. Low M.S. with relatively NO 11
LESS signiFicant material YES 10

d Low M.S. Low M.S. with relatively NO 9
Significant material YES 8

e Low M.S. High M.S. with relatively NO 7
Significant material YES 6

f High M.S. High M.S. with relatively NO 5
LESS significant material YES 4

g High M.S. Low M.S. with relatively NO 3
Significant material YES 2

h High M.S. High M.S. with relatively NO 1
Significant material YES 1
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FIGURE 111-4

CATEGORY RANKING GUIDELINE 3: FAIL SAFE ASPECTS OF THE STRUCTURE

The Fail Safe aspects of a damaged structural element are intended
to ensure that the remaining structure can withstand reasonable
loads without failure until damage is detected. This cate ory
weights each item according to the anticipated level of evident
pre-catastrophic damage and the consequence of failure. The
intention is to rank the items based on the criticality and physical
chance of avoiding impending failure through early detection. The
subsets are determined in accordance with the crew ability to
address impending failure or from routine ground inspections.

Subset Description of Failure Indications Ranking

Damage can only be detected by a scheduled
a inspection. An in-flight failure would result 15

in the loss of the aircraft WITHOUT warning
and/or emergency procedures.

Damage can only be detected by a scheduled
b inspection. An in-flight failure WOULD allow 13 to 14

the crew to implement Immediate emergency
landing procedures.

Damage can be readily detected by a scheduled
c inspection. Pre-catastrophic damage would be 11 to 12

in-flight evident to crew, thus enabling a
safe scheduled landing.

Damage would be evident without a scheduled
inspection. Pre- or post-flight inspections

d would indicate incipient damage. Adequate 6 to 10
residual strength available to complete a
flight prior to catastrophic failure.

Damage is obvious to ground crew or flight
e crew, and inspections are readily performed. 1 to 5

Multiple flight capability is avail able prior
to catastrophic failure.
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FIGURE 111-5

CATEGORY RANKING GUIDELINE 4: LOAD DISTRIBUTION CHARACTERISTICS

A structure with good load path distribution characteristics has the
capability to transmit the load that It is carrying to adjacent
structural members without generating severe stress states. Global
and local design configuration of load path confluences and splices
are used for the subsets and ranking of the items for load path
distribution characteristics.

Subset Type of Load Path Ranking

a MAJOR LOAD PATH CONFLUENCES 8 to 10
o Lugs and Primary Fittings
o Stringer Runouts with Complex paths
o Abrupt area differences in a major load

path and/or abrupt changes in direction

b SPLICES AND LOAD PATH'S with COMPLEX 4 to 8
DISCONTINUITIES

o Splices where local bending moments are
induced through eccentricities

o Load paths involving high bearing loads
o Complex load path designs; strin er

runouts, load transfer thru tensyon bolts
o Limited fasteners available for load

transfer, single shear joints

c LOAD PATH with MODERATE DISCONTINUITIES 1 to 4
o Double shear joints
o Reinforced splices
o Reinforced cutouts
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FIGURE 111-6

CATEGORY RANKING GUIDELINE 5: SUSCEPTIBILITY TO SUSTAINED
blRLf5 CUKKUSIUN UKAUKINU

Sustained Stress Corrosion Cracking (SSCC) may be defined as
spontaneous cracking resulting from the combined action of corrosion
and sustained tension stresses. The subsets used for ranking
consider the material's susceptibility to sustained stress corrosion
and the potential for a sustained stress condition being induced as
a result of the item's geometry and assembly. The material
resistance ratings are based on MIL-HDBK-5D ratings . This time
dependent and sustained stress dependent phenomena could be further
discussed in an appendix along with examples of geometries and
sources of induced sustained stress states.

I
Subset Material Stress State Ranking

Resistance

Low Resistance Item subject to Process or
a to SSCC Assembly Built-in stress 5

or Residual Tension stress

b Low Resistance No Significant Induced 4
to SSCC Tension Stress

Intermediate Item subject to Process or
c Resistance Assembly Built-in stress 3

to SSCC or Residual Tension stress

Intermediate No Significant Induced
d Resistance Tension Stress 2

to SSCC

High Resistance Item subject to Process or
e to SSCC Assembly Built-in stress 1

or Residual Tension stress

High Resistance No Significant Induced
f to SSCC Tension Stress 0

A Reference List for Material Resistance Rating can bc provided to
the analyst to expedite the ranking process.
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FIGURE 11-7

CATEGORY RANKING GUIDELINE 6: SUSCEPTIBILITY TO CORROSION

Susceptibility to corrosion Is assessed with respect to
environmental conditions, structural configurations, and the item's
material resistance to environmental deterioration. Aluminum
alloys which comprise most of this example structure, which are not
properiy maintained or protected are subject to corrosive attack.
eterioration is best controlled thru a routine maintenance program.

The subsets for ranking the items consider the environment, the
potential of the area being maintained or observed, and the applied
material surface treatment.

A: Low probability of maintenance/observation
Maintenance Rating B: Possibly maintained and/or observed

C: Frequently cleaned and readily observed

Corrosion Ranking - Environmental & Maintenance Rating
+ Protection Rating

Environmental &
Maintenance Rating

Environmental Subset A B C

ae Single Load Path Element; or Corrosion 5 4 3
problem area based on experience

Elements exposed to exhaust gases,
be excess temperature, heavy salt exposure, 4 3 2

sump tank water, anaerobic degradation
(e.g.; cargo spillage, tracked in dirt)

ce Elements exposed to climatic conditions 3 2 1
(e.g.; rain, smog, humidity, condensates)

de Elements contained in closed dry areas, 2 1 0
and not exposed to contaminants

Protection
Protection Applied to Material Rating

ap Bare Metal 5

bp Alodine, Cadmium Plate, or Epoxy Primer only 4

Cp Chromic Anodizing, or Alclad without chem-mill 3

dp Chromic Anodizing plus Polyurethane Fuel Coating 2

ep Sulfuric Acid Anodizing 1

Alloys other than aluminums require independent evaluation.
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FIGURE 111-8

CATEGORY RANKING GUIDELINE 7: STRESS RISERS DUE TO GEOMETRY ( KTJ

Stress risers are irregularities such as holes, screw threads,
notches, and shoulders. When present In a beam, shaft, or other
member, these irregularities under load produce high localized
stresses referred to as geometrical stress concentrations (Kt's).
The local Kt Is particularly Important with respect to fatigue crack
initiation and thus, at the surface, influential to crack growth.
The subsets are grouped by relative severity and the subsequent
ranking is proportional to the stress concentration factor.

Subset Geometric Stress Concentration Ranking

a HIGH TENSION KT's in descending order
o Rectangular cut-outs in uniaxial tension 8
o Triangular cut-outs in uniaxial tension
o Elliptical cut-outs with major axis

perpendicular to the load path
o Circular cut-outs in a pressurized shell to
o Circular/Elliptical holes influenced by

other geometric effects (short e/D, etc.)
o Diamond fastener hole patterns
o Knife Edges (i.e., counter sinks > 70%t) 6

b ADDITIONAL TENSION and BIAXIAL TENSION KT'S
o Fastener holes with thru and bearing 6
o Circular holes in wide sections
o Fastener holes with thru only
o Reinforced holes and cut-outs to
o Circular/Elliptical holes Influenced

by tension-tension loads
o Tension bolts 5

c MILD STRESS CONCENTRATIONS
o Stepped members with shoulder fillets 4
o Reinforced circular holes in biaxial

tension-tension loads to
o Chem-mill fillets
o Base radii of U-members 2

d NON-APPRECIABLE KT 2
o Hole: or cut-outs In shear loading 2
o Smooth members
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FIGURE 111-9

CATEGORY RANKING GUIDELINE 8: SUSCEPTIBILITY TO ACCIDENTAL DAMAGE

Accidental damage Is the physical deterioration of an element caused
bl contact or impact with an object, or influence which Is not part
of the aircraft, or through improper manufacturing or maintenance
practices. Accidental damage is to include discrete source damage
to the item. The subsets for ranking are based on the location, the
potential of detection, and load path redundancy.

Damage sources to be considered:
o Contact with ground or cargo handling equipment
o Impact of rain, hail, birds, or airborne foreign objects
o Runway debris or thrown tire treads
o Improper maintenance or operating procedures
o Spillage of caustics, acid, or other detrimental chemicals
o Propeller tip or cast off materials (e.g., ice)

Examples of high probability areas are:
o Entrance and loading doors
o Wing and tail leading and trailing edges
o Frequent maintenance areas and access areas
o Joints requiring shimming to achieve correct fit
o Fuselage areas in the vicinity of the propellers
o Landing gear bays and adjacent structure

Subset Probability of Damage and Detection Ranking

High probability of damage occurring, generally
a without timely detection or maintenance; also 5

Include structure with low residual strength

Low probability of damage occurring, generally
b without timely detection or maintenance; also 4

include structure with low residual strength

High probability of Jamage occurring, but area
c is frequently maintained or inspected with 3

ood visibility; also include structure with
high residual strength

Low probability of damage occurring, area is
d frequently maintained and Inspected with good 2

visibility; also include structure with high
residual strength

e Negligible probability of accidental damage 1
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FIGURE III-10

CATEGORY RANKING GUIDELINE 9: INSPECTABILITY

Detection of damage before It becomes critical is a significant
control feature to ensure the damage tolerance characteristics of a
structure. The level of difficulty to detect the damage is used for
ranking the Inspectability aspects of an item. To assess the level
of difficulty, a preliminary estimate is required as to the crack
definition and of the inspection reliability.

Crack Definition: Inspection Reliability:
o Crack location/s o Required Equipment
o Probable Initiation site o Size of inspection task
o Crack orientation o Technical complexity
o Structural configuration o Extent of damage to be
o Accessibility detected

Subset Inspection Type Ranking

SPECIAL DETAIL INSPECTION: An intensive check
of a specific location, detail, assembly, or 12
installation. This check requires some special

a technique, such as NDE, dye penetrant, high to
power magnification, etc. Surface cleaning
and elaborate access or disassembly procedures 11
may be required. Candidates include obscured
items which would otherwise require long crack
lengths for detection.

DETAIL INSPECTION: An intensive visual check of
a specified detail, assembly, or installation. 10
This inspection searches for evidence of

b structural irregularity using adequate lighting to
and where necessary, inspection aids such as
mirrors. Surface cleaning and elaborate access 8
procedures may be required.

INTERNAL SURVEILLANCE: A visual check that will
detect obvious unsatisfactory conditions and 7

c discrepancies in internal structure. This
type of inspection applies to obscured items to
and Installations which require removal of
fillets, fairings, access panels, and doors. 5

EXTERNAL SURVEILLANCE: A visual check that will
detect obvious unsatisfactory conditions and 4
discrepancies in externally visible structure.

d Visibi1ity is provided by quick opening access to
doors or panels. Workstands, ladders, etc.,
may be required. 3

WALK AROUND CHECK: A visual check conducted 2
e from ground level to detect obvious to

_ discrepancies.
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FIGURE IV-1

EXAMPLE OF THE COMPLETED RANKING FORM FOR A CANDIDATE ITEM

Document# 90-432 Date: 6 Nov. 90 Analyst: C.L. Brooks

ITEM W3 Title: CENTER WING, LOWER SURFACE
STRINGER 7, STA. Y- 980

SELECTION:
JUSTIFICATION: The runout of the stringer creates a stress

concentration. There is previous aircraft experience
of crackin at details with this geometry. Stringer 7
is the highest loaded strin er In this aft plank at this
station. The rib at this sNation redistributes load
between the wing and the fuselage.

FUNCTION: This is a primary tension load path for wing up
bending from aerodynamic lift and maneuver loads.

ENVIRONMENT: Inb'd of Y- 980 the area is dry normal air.
Outb'd of Y- 980 is a fuel bay, therefore area is subject
to aviation fuel and sump tank water. T- -65°F to 120°F

MATERIAL: 2024-T351 Plate Part No: D-12456
Outer Surface: Part Is covered with epoxy primer
Inner Surface: Part is chromic anodized with Poly Coating

ACCESSIBILTTY: To view the outer surface requires removal of
the aerodynamic fairing. Limited access to the inner
surface through a upper wing access hole.

PRIORITIZATION
Category Comments Ref RANK

1 1G The local max. 1G stress for the rib attach a 16
skin at str.7 runout is 7100 psi.

2 Lim The primary member is the skin from the spar to e 6
center skin splice with M.S.-.4 ; the secondary
members are the rea spar and center skin withMS.>.5 ; possible arrestment at-fastener holes

3 FS A crack, hidden by the fairing, could row un- a 15-dete-cted to failure resultlna in wlna I A/C loss
4 DIs This is a progressive Stringer runout design, a a 8load confluence near due to wlng-fuselage attach

SSC This is a low resistance alloy. Not considered b 4
to have significant res dual stresses.

6 Cor Item may be in fuel tank environment, surface bja 6
protection aDDlied.

7 Kt A diamond fastener pattern is located at the a 6
str. runout attaching the skLn to the rib.

8 Acc The area is protected by the fairings covering e I
the winq-fuselage attach region. Neqligible.

9 Ins Elaborate access procedures required for fairlng b 10
removal to perform a detail Inspection.

TOTAL RANKING SCORE 72
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FIGURE IV-2

EXAMPLE OF GEOMETRY AND REGION FOR DOCUMENTATION FOR ITEM W3

Document # 90-432 6 Nov. 90

LFORWARD LOWER SKIN-

OUTBID .Y-980 _ Part No. D-12454

+ STR. 4

+ _+ . .. . . . .. ._- _ _+_ +_+ 4 - . STR. 5

4-• FWD.

I+
S+ 4-STR. 8

+ IT .

'+ + +• + 7#74 + 1 REAR SPAR- 4- + - +- . +. + + "I + + + "+ 1 4 .,

STRINGER 7 RUNOUT CENTER LOWER SKIN
Part No. D-12456

VIEW LOOKING DOWN ON LOWER WING SKINS AT STA Y-980

ITEM W3 - CENTER WING, LOWER SURFACE, STRINGER 7 RUNOUT

91



FIGURE V-1

DISTRIBUTION OF TOTAL RANKING SCORE FOR ALL ITEMS
IN EXAMPLE AIRFRAME

102 Total Items

Maximum Ranking 84 out of 100
Minimum Ranking 39

Total Spread =45
Arithmetic Mean =62.5

48 Items less than the mean
54 Items greater than the mean

Median =63

0 7_

6 _

< 5
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FIGURE V-2

DISTRIBUTION OF TOTAL RANKING SCORE BY AIRFRAME SECTION
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CHANGES IN THE GWJEPAL SPECIFICATION
FOR AIRCRAFT STRUCT.VRES

- AIR FORCE GUIDE SPECIFICATICN 87221A -

James N. Snead
Structures Division

Directorate of Flight Systems Engineering
DCS, Integrated Engineering and Technical Management

Aeronautical Systems Division
Air Force Systems Command
USAF, WPAFB OH 45433-6503

11 February 1991

This paper discusses the siC-ificant changes incorporated into the revision of the
Air Force's Structures Mil-Prime Spe,,iiication - AFGS-87221A.

SEVOLUTION OF This new approach focused on these
elements:

REQUIREMENTS - First, to define the perfor-
__ _mance requirements necessary to enable the

user's needs to be met.
By 1975 there were some 47,000 DoD specifications & - becond, to involve both the
standards - of which 43,000 were procurement related: government and the contractor in sharing

A 1975 memo from the Deputy Secretary of the risk & responsibility of designing a
Aefs 1 d me e asuccessful product.
Defense cited misuse cf specs and standards as a - Third, to minimize the bureau-
major cost driver cracy and time involved in selecting con-

A 1977 Defense Science Board report concluded tractors.- Fourth, to give the contractor
that this misuse represented a bottom-up rather flexibility in developing their preferred
than a top-down approach and dictated design solution to meeting the user's needs.
soluticns rather than specifying functional needs

SMIL--PRIME PHILOSOPHY
A NEW APPROACH WAS MANDATED M ESTABLISHED

In the mid-1970s there was a growing
realization that the approacn then being Features:
used to develop new weapons systems was
not yielding the desired results. In par- Emphasis on performance requirements
ticular, it was found that the misuse :f Definitions of performance parameters
specifications and standards, particularly
through the imposition of unneeded or Leaves specific values blank
incorrect "design solutions", was = major
cost driver. It was decided that a new ap- One to one correlation of requirements to
proach should be implemented - one that verification
focused on designing the weapons system to
achieve the desired system capabilities. Allows innovative design solutions

Retains "Lessons Learned" in a non-contractual

SACQUISITION OBJECTIVES appendix to assist in tailoring

THAT AFFECT ASIP
The resulting philosophy - which the

Emphasizing cost control by relating requirements Air Force refers to as the "Mil-Prime"
to user needs philosophy - has these attributes:

- It emphasizes performance
Sharing of risk and responsibility between the rt esign solftions.requirements, not design solutions.
contractor and the govern,.,ent - It allows contractors to pro-

Streamlin-ng of RFPs and Source Selection pose the specific performance values that,
in combination, produce the "best" or

process "preferred" concept.
- It insures that the user' s

Encouraging contractor innovation through the n ar ieved bvin the asir-needs are achieved by verifying the abil-
tailoring of requirements ity of the design to meet each performance

Avoiding technical leveling by eliminating requirement.- And, finally, in the appendix,
government mandated design s-Autions it captures "lessons-learned" - the advan-

tages and disadvantages of different de-
sign approaches.
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f STATUS OF THE
MIL-PRIMES SPECIFICATION SCOPE

Over 50 of the Aeronautical Systems Division's
major acquisition documents have been updated to This specification establishes the structural
conform to the Mih-Prime philosophy performance and verification requirements for an

airframe. These requirements are derived from
The Aircraft Structures MIL-A-87221 was initially aiofam nee rnduipplynto are dir e srur

released on 28 Feb 1985 operational needs and apply to the airframe structure
which is required to function and sustain loads during

A revised version of this Mil--Prime. Version A, was usage. This usage includes take-off, flight, landing,
released on S Jun 1990 ground handling, maintenance, and taberaete tests.

it is now referred to as an Air Force Guide This specification also establishes certain structural
Specification (AFGS) to enhance the understanding design criteria which, as a minimum, are necessary to
that the specific requirements and verification enable the airframe to meet these structural
methods are to be tailored to the program performance requirements.
requirements

To date, over 50 of the major air- The scope of the specification was
craft acquisition specifications have been expanded to include all test requirements,
rewritten to conform to the Mil-Prime phi- such as, proof and functional strength
losophy. For aircraft structures, MIL-A- tests performed to verify airworthiness in
87221 consolidated all of the structures preparation for flight test. The scope was
design, analysis and test requirements also expanded to clarify that the tailored
into one specification. This Mil-Prime, specification establishes the essential
originally released in 1985, was updated structural design criteria which are nec-
and has been released as AFGS-87221A. The essary to meet the structural performance
name was changed to "Air Force Guide Spec- requirements. This change clarifies the
ification" to enhance the understanding distinction between structural design re-
that this specification serves as a start- quirements and structural design criteria
ing point for the development of the final - a distinction that was not clear in MIL-
weapons system's structures specification. A-87221.

W ORGANIZATION OF THE STRUCTURAL DESIGN REQUIREMENTS
AIRCRAFT STRUCTURES SPECIFICATION

3.1 Detailed structural design requirements. The
requirements of this specification reflect operational and

.SECTION I - SCOPE maintenance requirements and are stated in terms of

-SECTION 2 - APPLICABLE DOCUMENTS parameter values, conditions and discipline (loads, flutter.
et cetera) requirements. The air iehicle structure

-SECTION 3 - REQUIREMENTS (airframe) shall have suffilcient structural integrity to

•SECTION 4 - VERIFICATION meet these requirements, separately and in attainable
combinations.

-SECTION 6- NOTES (DEFINITIONS) -CLARIFIES THE DISTINCTION BETWEEN

•SECTION 10 - HANDBOOK STRUCTURAL DESIGN REQUIREMENTS
AND STRUCTURAL DESIGN CRITERIA

The basic structural design require-
ments statement was expanded to clarify

The changes incorporated into Ser- that the airframe shall have sufficient
tions 1, Scope, Section 3, Requir.ments, structural integrity to meet the require-
and Section 4, Verification, %ill be dis- ments of the tailored structures specifi-
cussed in greater detail. cation.
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unacceptable frequency of structural fail-
STRUCTURAL DESIGN CRITERIA ure.

3.1.1 Structural design criteria. The deterministic WEIGHTS
structural design criteria stated in this specification are, as a
minimum, those necessary to ensure that the airframe shall 3.2.5 Weights. The weights to be used in conducting the
meet the detailed structural design requirements established design, analysis, and test of the air vehicle are derived
in this specification, .. Each individual criterion established combinations of the operating weights, the defined payload,
herein has been selected based upon historical experience and the fuel configuration. These weights shall be the
with adjustments made to account for new design expected weightatlOC.
approaches, new materials, new fabrication methods,
unusual aircraft configurations, unusual usage, planned 3.2.5.1 Operating weight. The operating weight is the weight
aircraft maintenance activities and . The empty (MIL-STD- 1374) plus unusable fuel, oil, crew, and -

substantiation of the adequacy of these criteria in meeting
the specified and inherent design requirements is 3.2.52 Maximum zero fuel weight. The maximum zero fuel
documented in weight shall be the highest required weight of the loaded air

vehicle without any usable fuel and is specified as the operat-
A new requirements paragraph was

added t o address deterministic structural ingweight plus
design criteria. This requirement states The weight requirements have been re-
that the criteria selected must be tai- vised to establish that the expected
lored to the particular design concept, weights at the Initial Operational Cape-
selected materials, fabrication methods, weits at the ni al Opr tioa Caaet cetera, used in the air vehicle. This bility (IOC) of the weapons system, not
etchnera, wsemade toipre the rveple.Thiti the weights at the beginning of Full Scalechange was made to prevent the repetitive Development (FSD), as the weights to beuse of inappropriate or historically-used used in the design and analysis process.
criteria. The change was also made to add This was included to address the reduction
the requirement that the selected criteria in misincapabilty asso te with onin mission capability associated with the
must be substantiated and this substantia- increase in weight that normally occurs
tion must be documented. This change will fr ease of wih t o IOC.
help ensure that a sound set of criteria from the start of FSD to IOC.
is selected based upon a good understand- been revised to define design weights in
ing of the circumstances involved in its terms of vehicle configurations and not as

specific numeric weight values. Again,

this was done to prevent the use of out-
PROBABILITY OF DETRIMENFAL of-date vehicle weights in the design and

DEFORMATION & FAILURE analysis process.

3.1.2 Probability of detrimental deformation and structural LIMIT LOADS
failure. (_). A combined load-strength probability analysis
shall be conducted to predict the risk of detrimental
structural deformation and structural failure. For the 3.2.11 Limit loads. The limit loads, to be used in the design of
design requirements stated in this specification, the airframe elements of the airframe subject to a deterministic design
shall not experience detrimental structural deformations criteria, shall be the maximum and most critical combination
with a probability of occurrence equal to or greater than -c
- per flight. Also, for these design requirements, the airframe of loads which can result from authorized ground and flight

shall not experience the loss of adequate structural rigidity use of the air vehicle, including maintenance activity, the
or proper structural functioning such that flight safety is system failures of 3.2.22 from which recovery is expected, a
affected or suffer structural failure leading to the loss of the
air vehicle with a probability of occurrence equal to or lifetime of usage of 3.2.14, all loads whose frequency of

greater than __ per flight. occurrence is greater than or equal to. -per flight, and -

The specification now provides the - All loads resulting from the requirements of this
option, at the government and contractor's specification are limit loads unless otherwise specified.
discretion, to use a probabilistic load-
strength failure analysis as an alterna- T
tive to the use of deterministic design dated to 'nsure that limit loads are the
criteria for selected structural compo- maximum and moat critical combination of
nents. This is done by establishing two lads to be e riencd dur inmi ion of

probability requirements. The first, simi- loads to be experienced during mission use
lar to the typical strength design re- and maintenance activities. The definition
quirement at limit load, establishes an of limit loads now includes a requirement
unacceptable frequency of occurrence of to establish a lower bound on the fre-
detrimental structural deformations. The quency of occurrence of random loads to
second, similar to the typical ultimate act as a cutoff for excluding severe but
load strength requirement, establishes an very infrequent loads from the design pro-

cess. This cutoff frequency is referred to
in later sections involving probabilistic
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loads. These limit loads are to be used in
the design of elements of the airframe POWER OR THRUST LOADS
subject to a deterministic design crite-
ria.

3.2.17 Power or thrust loads. The power or thru,ot of the
SLinstalled propulsion system shall be commensurate with the

ground and flight conditions of intended u,&. uicluding
system failures of 3.2.22, and ihe capabilities of the propulsion

3.2.12 Ultimate loads. Ultimate loads not derived directlv system and crew. The thrust loads attainable shall include

from ultimate load requirements of this specification shall bc all thrust loads up to the maximum. These loads shall
obtained by multiplying the limit loads by appropriate factors include engine transients due to both normal engine

of uncertainty. These ultimate loads shall bc used in the operation as well as the engine system failures of 3.2.22 and _

design of elements of the airframe subject to a deterministic

design criteria. These factors of uncertainty and the

circumstances where they are to be used are

The Power or thrust loads require-
ments were expanded to specify that the
thrust loads to be used in the determina-
tion of the limit loads shall be all

There are two changes in the ultimate thrust loads up to the maximum. Also, the
loadserequirements. ch est the utemin y selection of the critical thrust design"loads requirements. First, the terminology loads shall include engine transients due

"Factor of Safety" has been changed to to both normal engine operation as well as"Factor of Uncertainty." This change was eniessefalr.
made to better define how this factor is engine system failures.

used in the structural design process. The
second change states the requirement that
the factors of uncertainty and the circum-
stances where they are to be used are to
be incorporated into the tailored specifi-
cation. This change acknowledges that dif-
ferent factors of uncertainty may be ap-
propriate for different structural con-
cepts in the same vehicle. It also helps
to ensure that consideration of the appro-
priateness of historically-used factors FLIGHT CONTROL &
are reviewed before they are incorporated STABILITY AUGMENTATION DEVICES
into the tailored specification.

3-2.18 Flight control and stability augmentation devices. In
the generation of loads, flight control and automatic control
devices, including load alleviation and ride control devices,
shall be in those operative, inoperative and transient modes

SREPEATED LOADS SOURCES for which use is required or likely or due to the system failureconditions of 3.222 and

3.2.14.2 Repeated loads sources. All significant sources of
repeated loads shall be considered and included in the
development of the service loads spectra. The following
operational and maintenance conditions shall be included as

significant sources of repeated loads.

g. Heat flux. The repeated heat flux time histories are

The requirement was added that system
Heat flux was added to the list of failures of the flight control system and

repeated load sources to be considered in stability augmentation devices must be
the determination of the tailored require- considered in the selection of the criti-
ments. cal design loads.
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4 MATERIALS & PROCESSES NON-STRUCTURAL COATINGS,
a a FILMS & LAYERS

3.2.19 Materials and processes. Materials and processes 3.2.21 Non-structural coatings, films and layers. Coatings,
shall be selected in consonance with MIL-STD-1587, films and layers applied ... Further, methods of
MIl-STD-1568 and the following requirements so that the nondestructive inspection shall be provided for inspecting
airframe meets the operational and maintenance the structure behind or beneath the coatings, films and
performance requirements. layers for cracks, failures, damage, corrosion and other

This and subparagraphs now incorporate all the structural integrity anomalies. In particular, if the
mateiial and process requirements formerly found inspections of 4.11.21.d and 4.12.1 are applicable to the
in Section 3 10 Strcngth structure behind or beneath the coatings, films and layers,

the coatings, films and layers shall not preclude or impede
-Castings, Forgimgs. Grain Direction, the performance of the durability and damage tolerance
F-nironni'ntal EffetCs, Nonmetallic Materials inspections. If the coatings, films, or layers are attached by

adhesive bonding ...

The requirements relating to the non-
destructive inspection of non-structural

MATERIALS coatings, films and layers were expanded
to ensure that such coatings do not unac-

3.2.19.1 Materials. The materials used in the airframe shall ceptably degrade the ability to maintain

be commensurate with the operational and maintenance structural integrity of the underlying
capability required of the airframe. Whenever materials are structure.

proposed for which only a limited amount of data is
available, the acquisition activity shall be provided with
sufficient background data so that a determination of the
suitability of the material can be made. The allowable
structural properties shall include all applicable
environmental effects, such as exposure to climatic
conditions of moisture and temperature; airborne or spilled SYSTEM FAILURES
chemical warfare agents; and maintenance induced T F L
environments commensurate with the usage of the airframe.
Specific material requirements are: 3.2.22 System failures. All loads resulting from orfollowing

a. the single or multiple system failures defined below whose
frequency of occurrence is greater than or equal to the rate
specified in 3.2.11 shall be limit loads. Subsequent to a
detectable failure, the air vehicle shall be operated with the

PROCESSES flight limits of 3.2.5, 3.2.7.10 and 3.2.9.5.

1% - Tire failures - Propulsion system failures
3.2.19.2 Processes. The processes used to prepare and form - Radome failures - Mechanical failures
the materials for use in the airframe as well as joining - Hydraulic failures - Flight control system failures
methods shall be commensurate with the material - Transparency failures - Other failures
application. Further, the processes and joining methods
shall not contribute to the degradation of the properties of
the materials when the airframe is exposed to operational
usage and maintenance environments. Specific material
processing requirements are:

a.

b.

The specification requirements for
establishing the limit loads resulting

The materials and processes require- from single or multiple aircraft system
ments previously found in several differ- failures has been renamed from "Probable
ent sections of the specification are now Failures" to "System Failures." The cut-
consolidate into one section. off frequency of occurrence established in

One additional change in the area of the limit loads section is also used here
materials is that "B" basis allowables are to define which loads resulting from an
now accepted for the design of structures aircraft system failure - for example, an
whose strength will be verified by static uncommanded control surface deflection -
test. Where appropriate, environmental are to be included in the selection of the
induced material property degradation must limit loads. Other possible system fail-
be included. ures to be considered are listed.
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FOREIGN OBJECT DAMAGE PRESSURIZATION

32.24 Foreign object damage (FOD). (_) The airframe 3.4.1.12 Pressurization. The pressure differentials to be used
shall be designed to withstand the FOD environments listed in the design ot pressurized portions of the airframe,
below. These FOD environments shall not result in the loss including fuel tanks, shall be the maximum pressure
of the air vehicle or shall not incapacitate the pilot or crew differentials attainable during flight within the design flight
with a frequency equal to or greater than ____ per flight, envelope, during ground maintenance, and during ground
These FOD environments shall not cause unacceptable storage or transportation of the air vehicle. These maximum
damage to the airframe with a frequency equal to or greater pressure differentials shall be the maximum attainable with
than per flight, the normal operation of the pressure regulation system

(nominal settings plus manufacturing tolerance) or the
maximum pressure differentials attainable during or
following the system failures of 3.2.22 which occur at a rate
greater than or equal to that specified in 3.2.11.

BIRD FOD PRESSURIZATION (CONT'D)

3.2.24.1 Bird FOD. (_). The airframe shall be designed to These maximum pressure differentials shall include both
withstand the impact of pound birds with the positive, inside--to-outside, and negative, outside-to-inside

pressure differentials as well as pressure differentialscorresponding air vehicle speeds of -_ KTAS in a across pressure boundaries separating adjacent internal
manner consistent with the normal flight without loss of compartments. Where appropriate, these pressures shall be
the air vehicle or the incapacitation of the pilot or crew. The combined with other flight loads to obtain the most critical
airframe shall be designed to withstand the impact of combination of flight and pressurization loads. The internalstresses and strains arising from the pressurization loads
pound birds with the corresponding air vehicle speeds of strbe ass trieing from otheriflight loads

KTASwit nounaceptbledamge. naceptbleshall not be assumed to be relieving from other flight loads
SKTAS with no unacceptable damage. Unacceptable unless the probability of a loss of pressurization is less than

damage is the rate specified in 3.2.11. Similarly, structural
-Also applies to HAIL FOD and RUNWAY, stabilization derived from pressurization shall not be used

to achieve required structural performance capabilities
TAXIWAY, AND RAMP DEBRIS FOD unless the probability of the loss of pressurization is less

than the rate specified in 3.2.11.

The foreign object damage (FOD) re-
quirements have been rewritten to estab-
lish these requirements on a probabilistic The requirements for pressurization
basis. Two cut-off frequencies of occur- have been rewritten to expand the range of
rence, similar to the approach used for flight and ground operations to be in-
random loads in the limit loads section, cluded in the selection of pressurization
were defined. The first establishes an un- design loads. The loads resulting from
acceptable frequency of occurrence for the random pressurization system failures are
loss of the aircraft or the incapacitation addressed consistent with the previously
of the pilot or crew due to FOD. The sec- discussed system failures and the cut-off
ond establishes an unacceptable frequency frequency defined in the limit loads sec-
for the occurrence of unacceptable damage tion. Also, the circumstances for the use
to the airframe. of pressurization induced stresses and

The specific damage mechanism, such strains to reduce the .- lperity of other
as the size of an impacting bird and the flight and ground operacic.Is' induced in-
corresponding air vehicle speed, relating ternal loads or for the use of the in-
to each cut-off frequency as well as the creased structural stiffness resulting
specific definition of what constitutes from internal pressurization in achieving
unacceptable damage is defined in the sub- limit or ultimate load sLructural require-
paragraphs. ments are defined.
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FAIL- SAFE STABILITY STATIC STRENGTH

3.7.4 Fail-safe stability. For the system failures of 3.2.22, the 3.10.5 Static strength. Sufficient static strength shall be
air vehicle shall be free from flutter, divergence or other provided in the airframe structure for reacting all loading
acroelastic or aeroservoelastic instabilities after each failure. conditions loads without degrading the structural
In addition, this fail-safe criteria shall include air vehicle performance capability of the airframe. Sufficient strength
augmentation system failures that occur at a rate equal to or shall be provided for operations, maintenance functions, and
more frequent than the rate specified in 3.2.11. any tests that simulate load conditions, such that:

a. Detrimental deformations, including delaminations,
shall not occur at or below limit loads, or during the tests

required in 4.10.5-3 and 4.10.5.4. The deformation require-
ments of 3.2.13 apply.

b. Rupture or collapsing failures shall not occur at or below
ultimate loads.

The requirement that the air vehicle The static strength section was modi-
be free of aeroelastic or aeroservoelastic fied to include the requirement that the
instabilities following the defined system airframe shall have sufficient strength to
failures of 3.2.22 was expanded in ensure withstand the loads and load distributions
that potential augmentation system fail- applied to the airframe during ground
ures are included in meeting this fail- tests. Specifically, the airframe must
safe criteria, have sufficient strength to withstand the

functional, strength, and pressurization
proof tests. Also, the requirement that no
detrimental deformations shall occur at or
below limit loads was expanded to include
delaminations.

S INITIAL & INTERIM

STRENGTH FLIGHT RELEASES

3.10.6 Initial and interim strength flight releases. Initial and,
as needed, interim strength flight restrictions shall be

1 established to maintain safe flight conditions until all

STRESSES & STRAINS structural validation testing has been successfully
completed. The loads resulting from overshoots, upsets and

__ the recovery from overshoots and upsets, and the loads
3.10.4 Stresses and strains. Stresses and strains in airframe during and following the system failures of 3.2.22 shall be

structural members shall be controlled through proper sizing, included in the establishment of the flight restrictions.

detail design, and material selections to satisfactorily react all a. For the initial strength flight release, flight restrictions
shall be defined to restrict the air vehicles from experiencing

limit and ultimate loads. In laminated composites, the loads greater than __ percent of limit loads.
stresses and ply orientation are to be compatible and residual b. Prior to the completion of all structural validation test-
stresses of manufacturing are to be accounted for, ing, interim strength flight releases shall be defined to permit
particularly if the stacking sequence is not symmetrical. flight up to limit loads or the strength envelope cleared

through the strength proof testing of 4.10.5.4, whichever is
3.10.4.1 Fitting factor.... less.

3.10.4.2 Bearing factor.... INITIAL & INTERIM
STRENGTH FLIGHT RELEASES (CONTD)

4.10.6 Initial and interim strength flight releases.

a. Prior to the initial flight release, the airframe shall be

satisfactorily strength analyzed for reacting all predicted
limit and ultimate loads and this analysis shall be approved
by the procuring activity. Also. prior to the initial flight
release, the fulnctional proof test requirements of 4.10.5.3

The general strength requirement re- shae be successfully met. Prior to flrst pressurized fllght
lating to stresses was expanded to include ofallairvehicles, thepressurizationprooftestrequirements
strains since strain is the controlling
design parameter in some structural mate- of 4.10.5.4 shall be successfully met.
rials. These general requirements were
also expanded to specifically address lam-
inated composites.
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INITIAL & INTERIM Ji.1 FATIGUE CRACKING/
STRENGTH FLIGHT RELEASES (CONTD) DELAMINATION DAMAGE

b. Prior to flight beyond the initial strength flight release, 3.11.1 Fatigue crackingldelamination damage. Adverse

the accuracy of the loads predictive methods shall be vail- cracking/delamination which would cause functional

dated by using an instrumented and calibrated flight test air impairment or require costly maintenance action or both
vehicle to measure actual loads and load distributions dur- shall not occur within lifetimes when the

ing flight within the initial strength flight release envelope, airframe is subjected to the environment and service usage of
Also, prior to flight beyond the initial strcngth flight relea.,e, 3.2.14, except where it is desired to meet the limited life

the strength proof test requirements of 4.10.5.4 shall be suc- provisions of 3.11.5. Steady state level flight and ground
cessfully met. Extrapolations of the measured data beyond loading conditions shall not result in sustained growth of

the initial flight limits shall be used to establish the expected cracks/delaminations in the airframe.

conservatism of the predictive methods for flight up to limit
loads. This procedure of loads measurement and data t xtrap-
olation shall be used to validate the conservatism of the
strength analysis and strength proof tests ...

V FINAL STRENGTH FLIGHT RELEASE DAMAGE TOLERANCE

3.10.7 Final strength flight release. Prior to final strength 3.12 Damage tolerance. The damage tolerance capability of

flight release for operation up to 100 percent of limit strength the airframe shall be adequate for the service life and usage of

for either production air vehicles or flight test air vehicles 3.2.14 as amplified below. Particular requirements

not proof tested per 4.10.5.4. the airframe shall have applicable to specific materials are so identified. Safety of
exhibited ultimate load static test strength for ultimate loads flight and other selected structural components of the

airframe ... These requirements apply to metallic and
nonmetallic structures, including composites, with

appropriate distinctions and variations as indicated.
Damage tolerance material properties shall be consistent and
congruent with those properties of the same material, in the
same component, used by the other structure's disciplines.
See 3.2.19.1. Damage tolerance requirements shall also be

applied to the following special structural components:

The sections defining the initial, The durability and damage tolerance
interim and final strength flight releases requirements were expanded to better ad-
have been reorganized to clarify the limi- dress nonmetallic / composite structures.
tations to be imposed on the air vehicle
as a function of the analyses and tests
satisfactorily completed.

D L FUNCTIONAL PROOF TESTS
SDURABILITY

4.10.5.3 Functional proof tests prior to first flight. Prior to
a_ the first flight of the first flight article, proof tests shall be

3.11 Durability. The durability of the airframe shall be conducted to demonstrate the functioning of flight-critical
adequate to resist fatigue cracking. corrosion, thermal structural systems, mechanisms and components whose

degradation, delamination and wear during operational and correct operation is necessary for safe flight. These tests

maintenance use such that the operational and maintenance shall demonstrate that the deformation requirements of

capability of the airframe is not degraded. These 3.2.13 have been met. The functional proof tests that will be

requirements apply to metallic and nonmetallic structures, conducted, the articles on which they will be con lucted, and

including composites, with appropriate distinctions and the load level to which the systems, mechanisms and
variations as indicated. Durability material properties shall components will be loaded are: . Where

these tests are not performed on every flight air vehicle, the
be consistent and congruent with those properties of the substantiation that the planned test program is adequate to
same material, in the same component, used by the other demonstrate the flight safety of all flight air vehicles is
structures disciplines. See 3.2.19.1. The economic life of the documented in

airframe shall be sufficient to withstand the service life and

usage of 3.2.14.

The functional proof test require-
ments were rewritten to better clarify the
intent of this testing.
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SSTRENGTH & PRESSURIZATION conclusionQ PROOF TESTS
;_-pollPROOF _TESTSThese changes in the Structures Mil-

4.10.5.4 Strength and pressurization proof tests. Strength Prime reflect the experience gained in ap-
proof tests shall bt successfully performed ... Pressurization plying the requirements contained in this
proof tests shall be successfully performed on every airframe Mil-Prime to ASD programs currently in or

prior to pressurized flight. These proof tests shall entering Full Scale Development.
The author, in behalf of the entire

demonstrate that the deformation requirements of 32.13 Structures Division, extends our apprecia-
have been met at all load levels up to the maximum loads tion to the Aerospace Industries Associa-
expected to be encountered during flight for flight anywhere tion (AIA) for their assistance in devel-
within the released flight envelope including the effects of oping the Mil-Prime specification's re-
recoveryfromupsetsandthesystemfailuresof3.2.22. These quirements in general and, particularly,
proof tests shall also validate the accuracy of the strength the damage tolerance requirements for con-

predictive methods through comparisons of measured Posites.

critical internal loads, strains, stresses, temperatures, and
deflections with predicted values. Re-pr()f tests shall be
conducted ...

q STRENGTH & PRESSURIZATION
PROOF TESTS (CONT'D)

a. Strength proof test load levels shall be equal to or great-
er than percent of limit mechanical loads or the
maximum mechanical loads to be encountered during flight,
whichever is less, and __ percent of limit thermal loads

or the maximum thermal loads to be encountered in flight,
whichever is less. The proof load distributions shall be equal

to or more severe than the predicted load distributions.

i STRENGTH & PRESSURIZATION
PROOF TESTS (CONT'D)

b. Prior to the first flight with pressurized compartments,
each pressurized compartment of each pressurized flight air

vehicle shall be pressure proof tested to - percent of

the maximum pressure limit loads of 3.4.1.12. Subsequent

to the successful completion of ultimate pressurization tests

on the static test article, each air vehicle shall be pressure

proo: tehtu&' to the maximum operating pressure differential

attainable with normal pressure control system operation

multiplied by a factor of - _. Where necessary to

demonstrate combined external load and internal pressur-

ization strength, the pressure proof tests shall be combined

with the strength proof tests of subparagraph a. above.

The strength and pressurization proof
test requirements were combined and
rewritten to clarify when these tests are
required and what these tests are expected
to accomplish.

102



INSPECTION OF AIRCRAFT STRUCTURE

WITH

ADVANCED SHEAROGRAPHY

By
John W. Newman

Abstract

Electronic shearography has emerged in the last three years as a

powerful new tool for the nondestructive inspection of composite

and honeycomb structures. Shearography is a laser based

interferometer that is sensitive to the out of plane derivative

of deformation of a panel due to the nonhomogeneous strain field

caused by a flaw. Shearography has been used in the last 12

months to inspect the strain field in riveted lap joints under
tensile loads as well as for the NDT of composite and honeycomb

repairs. The results indicate that shearography can detect

cracks in rivet holes, unbonding of lap joints as well as provide

a rapid nondestructive evaluation of aircraft composite and

honeycomb repairs and impact damage.

Introduction

Laser Technology, Inc. (LTI) has developed advanced shearography

techniques for the detection of debonds, delaminations and impact

damage for both the production and repair of composite and

honeycomb structures. Recently, LTI was contracted by DOT

Transportation Systems Center under the FAA Aging Aircraft

Research Program to evaluate the use of shearography for lap

joint inspection for cracks, multiple site damage and corrosion

unbonding. These tests were conducted on large (10 x 12 ft.)

test coupons consisting of fuselage panels manufactured to Boeing

737 drawings and containing a bonded and rivet lap joint. The

coupons were fatigue cycled by repeated pressurization, and
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shearography was used to examine the changes in the strain field
on the joints as the fatigue cracks grew into multiple site

damage.

This test and many others have demonstrated that electronic
shearography has been developed into a useful tool for

nondestructive testing, and that it can be used easily in the

hangar environment meeting all laser safety concerns. Additional

applications include the nondestructive testing of honeycomb

structures such as flaps and control surfaces on-aircraft without

removal. The NDT of honeycomb repairs as well as the detection

of impact damage and evaluation of repairs in composite panels is

fast and effective.

Shearography offers a great increase in the speed of inspection

by allowing on-aircraft inspection without removal as well as the

inspection of areas up to several sq. ft. in several seconds.

Theory of Shearography NDT

Originally developed for strain measurement, advanced

shearography provides a full-field video strain gauge, in real

time over a large area. The technique uses a proprietary image
shearing optical system to provide two overlapping and laterally

sheared images to a CCD camera. These images interfere at paired

points over the entire field of vision. The intensity of the

laser-illuminated object image at each point is a function of the

phase relationship between these paired points over an entire

image. If two interferograms representing two different strain

states of the test object are image processed, the difference in
the strain patterns is displayed. The video processed image

yields a fringe which is the locus of surface strains.

Subsurface defects induce surface strain anomalies when the test

part is properly stressed. Advanced shearography reveals these

strain concentrations.
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Real time shearography is performed after the operator captures

the first image. Each successive image is compared with this

first captured image. As the test object is stressed in the

course of the NDE test, the strain changes in the object from the

first image are displayed as fringes defining the size, shape and

location of the defect or amount of plane strain. When the

operator decides to "freeze" the real-time test results, the

double exposure shearogram is displayed, comparing the first

image of the test object with the second "frozen" image.

For on-aircraft inspection, a miniature shearography camera has

been developed that weighs only 5 oz. This camera is mounted in

a vacuum shell that contains an air seal around the perimeter of

the aperture. The inspection head is attached to the panel with

a locking vacuum, and the test is accomplished by reducing the

pressure further. Debonded areas in a honeycomb panel will

expand out of the plane of the panel allowing detection of this

localized deformation by the shearography interferometer.

-f
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FIGURE 1 Schematic diagram showing the major components of a
shearography NDT system. The camera and laser beam
illuminator are generally built into a small housing
for mounting on a gantry or in a vacuum shell for
field testing.
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Equipment

A large number of different shearography systems are presently

offered by LTI and include laboratory NDT development systems,

large production systems and specialized systems for helicopter

blades and such components as the F100 engine fan duct assembly.

In addition, portable systems for on-aircraft use are being

introduced. This equipment has been used successfully to find

debonds in honeycomb on-aircraft on the tarmac.

Development Equipment

The ES-9120 uses an air cooled Argon laser and fiber optics to

illuminate the test part which is generally placed in a test

chamber for pressure reduction stressing. The test chamber

controls are mounted on the control console which also contains

the shearography image generator and the video monitor. The

ES-9120 is excellent for developing NDT test techniques and

method development and is the shearography equivalent to a small

bench top C-scan system. Using the camera on a tripod allows

field inspection with thermal stressing. This has been used on

F-14 engine inlet ducts and was used during the LTI tests of the

737 fuselage lap joints, as well as honeycomb engine inlets on

C-5A aircraft.

Production Eauipment

Production shearography equipment generally consists of a large

test chamber with a built-in gantry for scanning the shearography

camera. The ES-9150 system has a 1 Watt Argon laser located

external to the test chamber with fiber optic delivery of the

laser beam to the diffuser mounted on the shearography camera.

High definition systems such as the LTI ES-9200 is able to image

1/4 inch debonds in a 36 inch wide field of view.
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FIGURE 2 ES-9120 Shearography System for NDT Method
Development

FIGURE 3 An ES-9150 shearography inspection system showing the
test chamber for pressure reduction stressing of
honeycomb panels with shearography inspection.
Images are presented to the operator in color and
stored on disc. Automatic defect analysis and
counting is featured on this equipment.
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Production shearography systems are configured for numerous

aerospace production applications such as helicopter blades,

flaps, honeycomb panels, missile fuselages and more. The ES-9200

is used for production inspection of composite honeycomb on the

B-2.

On-aircraft Inspection Equipment

The ES-9400 is a portable shearography system for the inspection

of aircraft honeycomb structures and can be used for the

inspection of lap joints or tear straps for debonding. The

vacuum shell of the ES-9400 attaches to the aircraft with a

partial vacuum. The operator uses a small hand-held video

monitor and control box to perform the tests and operate the

system. Typical test times are several seconds.

Key applications for the ES-9400 are honeycomb structures that

can be inspected on-aircraft, eliminating the need for removal

for C-scan inspection. Repairs to honeycomb are easily evaluated

as are repairs to composite panels and the detection of impact

damage. Tests have demonstrated the ability to differentiate

between dents in aluminum honeycomb and true unbonds.

FIGURE 4 The ES-9400 inspection system head being attached to
a lai, joint on a 707 for engineering tests.
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Aircraft Inspection Applications of Electronic ShearoQraphy

Shearography offers the ability to map changes in strains to 0.1

microstrain at video frame rates. Using this strain mapping

ability, various crack panels were evaluated using both tension

and ther.al stressing techniques to observe the presence of
cracks at rivet holes. The tension load was applied with the

prin ir-'. stressing being perpendicular to the cracks, simulating

the stress that would include this type of crack. Both EDM
notches simulating cracks and actual fatigue cracks were
examined. Panels were 0.064 inches thick. Cracks as small as

0.2 inches long were easily detected in a large field of view
that encompasses a 6 x 8 inch area. Thermal loading proauced

similar results and is a technique that can be applied easily in

the field.

a IIGAS

2 2

I '

6 v'

FIGURE 5 An EDM notch on both sides of a rivet hole is seen at
left using shearography and at right in a finite
element model of a fatigue crack.
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A finite element model of the crack (0.26) and 0.68 in. long)

shows the very high strain concentration, value of 5, at the

crack tips. While the shearography image shows the strain

concentration factor of 2 at the tip, the EDM notch test specimen

did not exhibit the large strain concentration at the crack tip

due to lack of fatigue sharpening of the crack. EDM notches are

more difficult to detect for this reason than a sharpened fatigue

crack.

Lap Joint Inspection

In bonded and riveted lap joints, such as found in the fuselage

lap joint on the Boeing 737, tensile loading of the joint by

pressurization allows the strain concentrations around the rivets
and the bonded joint to be observed with shearography. A test

fixture, manufactured for the Transportation Systems Center, DOT

was used for the pressurization and fatigue cycling of fuselage

coupons. Artificial cracks, fatigue damage and unbonded areas

could be easily observed with shearography.

At low pressurization differentials, shearography was used to
observe the strain concentration factors at rivet holes. It was

found that with a differential pressure of only 0.04 psi between

the shearography reference image and the final test image, the

lap joint showed very low strain concentration factors at the

site of well installed rivets and well bonded lap joint skins.

Loose rivets or unbonds in the lap joint showed up at strain

concentrations. In one test, a single loose rivet in a 36 inch

section of the lap joint is easily observed. Figure shows the

results of a shearography examination of a 737 lap joint with

only 0.04 psid.
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ShearograDhv InsDection of Honeycomb and Composite
Repairs On-aircraft

On-aircraft NDT of repairs to honeycomb panels made of aluminum

or composites with conventional NDT techniques are very difficult

at best due to the nonhomogeneity of the local structure. The

local build-up of repair patches make the use of impedance bond

testers very questionable. In most cases, the use of through

transmission ultrasonics is impossible, while reflection

ultrasonics is slow and unreliable. Determination of the far

side integrity from a single side is very difficult unless the

operator is using shearography with vacuum loading, such as the

ES-9400.

By vacuum stressing the skin of the repair, unbonded or weakened

areas in the repair as well as far side honeycomb debonds will be
detected. Figure 7 shows an aluminum helicopter panel made of 2

1/2 inch thick aluminum honeycomb and doubled skins after two
repairs. The defective repair patch is easily detected in
seconds and is detectable from the far side of the panel.

Repairs in composite honeycomb and solid laminates are also
easily evaluated with vacuum loading shearography. Figure 8

shows a repair in a graphite skin of a honeycomb aircraft panel.

Both a good repair and a poor repair with a small skin to core

debond are shown.

ShearoaraDhv Inspection of Impact Damage in Comosites

Finally, shearography has been used on-aircraft for the detection

of impact damage to composite structures. Recent studies on the

Harrier AV-8B have shown that the detection of impact damage to

the lower wing skin panels made from graphite epoxy is simple
with the ES-9400 using vacuum loading or thermal loading. The

equipment fastens to the aircraft with reduced holding vacuum and
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proceeds with the test in seconds. Figure 9 shows an operation
impact damage detected with the ES-9400 where no visible damage

was detected.

Conclusions

Electronic shearography has been demonstrated to offer
significant and unique NDT capability for on-aircraft inspection

of the following aircraft maintenance areas:

1. Detection of cracks in skins with pressurization loading to

0.04 psid.

2. Detection of debonds in lap joints.

3. Detection of corroded aluminum honeycomb.

4. Detection of poor or improper repairs to aluminum and
composite honeycomb, as well as composite laminates.

5. Detection of impact damage in graphite epoxy or thermoplastic
aircraft structures.

Shearography offers identical detection capability both in
production as well as in the field on-aircraft. Very high
throughputs are obtainable with significant cost savings.

116



RELIABILITY & QUALITY CONTROL IN FRACTURE MECHANICS ANALYSES

USING THE P-VERSION FINITE ELEMENT PROGRAM, MSC/PROBE

Michael J. Heskitt

28 September 1990

The MacNeal-Schwendler Corporation

St. Louis Office

1600 S. Brentwood Blvd., Suite 840

St. Louis, Mo. 63144

Tel: (314)961-6960 Fax: (314)962-4295

MSC/PROBE Release 4.1

117



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

TA&E or Conmrs

EM
1.0 Introduction ..................................................... 3

2.0 Quality Control In MSC/PROBE ..................................... 3

2.1 Estimated Error in the Energy Norm ........................... 4

2.2 Elemental Equilibrium and Stress Continuity Between Elements. 4

2.3 Convergence of Functionals of Interest ....................... 4

3.0 Planar Fracture Mechanics ........................................ 5

3.1 Extraction Techniques for. Planar Models ..................... 5

3.2 Planar Example Problem:

Cracked Panel Subjected to Shear and Tension ................ 6

3.2.1 Problem Description ............................... 6

3.2.2 Mesh Design and Boundary Conditions ............... 7

3.2.3 Model Checkout and Solution Verification .......... 9

3.2.4 Stress Intensity Variation with Crack Length ...... 13

3.3 Axisymmetric Example Problem:

Rod with a Circular Penny Crack ............................. 14

3.3.1 Problem Description ............................... 14

3.3.2 Mesh Design and Boundary Conditions ............... 15

3.3.3 Model Checkout and Solution Verification .......... 16

3.3.4 Stress Intensity Variation with Crack Length ...... 18

4.0 Solid Fracture Mechanics ......................................... 19

4.1 Extraction Techniques for Solid Models ...................... 20

4.2 Solid Example Problem:

Plate with an Elliptical Surface Crack ...................... 23

4.2.1 Problem Description ............................... 23

4.2.2 Mesh Design and Boundary Conditions ............... 24

4.2.3 Model Checkout and Solution Verification .......... 25

4.2.4 Results ........................................... 28

5.0 Summary and Conclusions .......................................... 31

6.0 References ....................................................... 32

7.0 Appendix ......................................................... 33

MSC/PROBE Release 4.1

118



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

1.0 INTRODUCTION

Methods based on linear elastic fracture mechanics are of great Importance In

evaluating the strength and durability of structural and mechanical systems.

The Finite Element Method (FEN) has become increasingly popular for fracture

mechanics computations, and many commercial FE4 packages now contain fracture

mechanics capabilities. Assessing the quality and reliability of the FEN

results has always been a difficult and tedious task. Global energy, local

error indicators, and convergence of the appropriate functionals, must all be

checked to determine the accuracy of the FEM solution. These procedures are

often neglected in production environments due to time constraints, and thus

the quality of the finite element solution Is often dependent on the

experience of the analyst.

MSC/PROBE contains fracture mechanics extraction procedures developed

specifically for the p-version of the finite element method. These techniques

are extremely efficient and easy to use. This, along with the explicit

quality control features, provides an excellent tool for performing fracture

mechanics analyses and verifying the accuracy of the results. This report

discusses the quality control procedures In NSC/PROBE and demonstrates both

planar and solid fracture mechanics computations through examples.

2.0 QUALITY CONTROL IN MSC/PROBE

To be complete, quality control procedures In the FEM must contain some form

of an evaluation of the error In the overall strain energy, the local

contribution of errors by elements, and the convergence of the data of

Interest. Proper evaluation of these conditions Is very laborious and hence

Impractical with conventional h-version FEM programs. MSC/PROBE includes

features which make these tests easy and straightforward to perform. Each of

the quality control procedures are discussed In the following sections, and

selected tests are demonstrated In the example problems.

MSC/PROBE Release 4.1
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FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

2.1 ESTIMATED ERROR IN THE ENERGY NORM

IMSC/PROBE automatically provides a sequence of solutions, corresponding to

increasing polynomial degree (p-level) shape functions, from which an estimate

of the exact strain energy can be obtained. This estimated exact strain

energy is then compared to the strain energy of the current p-level solution

and the error In the energy norm is computed. The estimated relative error In

the energy norm provides feedback to the overall convergence of the model. It

does not, however, reflect the solution quality on a local level. Therefore,

this Is a necessary but not sufficient check that must be augmented by the

local quality control procedures described next.

2.2 ELEMENTAL EQUILIBRIUM AND STRESS CONTINUITY BETWEEN ELEMENTS

Tabulated data displaying elemental freebody Information Is provided by

MSC/PROBE. The freebody data Is not the nodal force balance h-version programs

customarily provide (which will trivially balance), but rather the integral

of the stress vector components computed from the finite element solution

along the element boundaries. The relative Imbalance In equilibrium for each

element, and the continuity of the force resultants along common edges or

faces of elements are Indicators of the quality of the mesh. If these values

are approximately the same for each element, (with respect to each

interelement boundary), then the mesh Is well designed. This type of feedback

Is not generally provided from h-version programs.

2.3 CONVERGENCE OF FUNCTIONALS OF INTEREST

To Increase the accuracy of the solution in the FEN, whether using h-version,

p-version or a combination of the two, the number of Degrees of Freedom (DOF)

of the model must be Increased In what Is called an extension process.

Without performing an extension process, no estimate can be made as to how

close the data of interest, (i.e. a, a, c, KI, K i, etc.), computed from the

finite element solution Is to the same data computed from the exact solution.

Local error Indicators may help guide decisions on where to refine a mesh or

where to Increase the p-level, but they cannot provide auantitat "y

Information on the accuracy of the data computed from the finite element

MSC/PROBE Release 4.1

120



FRACTURE MECHANICS COMPUTATIONS WITH HSC/PROBE

solution. Because DSC/PROBE automatically provides a sequence of solutions,

where the number of DOF Increase with the p-level of each element, convergence

through the p-extension process can be examined. As such, the convergence of

any functional can be shown. This provides the most powerful method for

evaluating the solution accuracy available.

3.0 PLANAR FRACTURE MECHANICS

MSC/PROBE-PLANAR consists of modules that allow the analysis of plane stress,

plane strain, or axisymmetric problems. In each case, a crack configuration

can be modeled and automatic extraction procedures can be used to obtain the

stress Intensity factors, the strength of the singularity, and the energy

release rates. Special superconvergent extraction techniques are used. No

special "crack tip" elements are needed In the vicinity of the crack tip.

Rather, meshing guidelines, Including grading in geometric progression towards

the crack tip, are used. A discussion of the extraction techniques follows,

and the meshing guidelines are discussed In connection with the example

problems.

3.1 EXTRACTION TECHNIQUES FOR PLANAR MODELS

Two new algorithms, called The Contour Integral Method (CID) and The Cutoff

Function Method (CFM), have been Implemented In DSC/PROBE. The famliiar

Energy Release Rate Method (ERPM) Is also provided..

The CIM and the CFM are extremely efficient extraction techniques that will

separate the Mode I and Mode II stress intensity factors. The methods employ

contour and area integrals to extract K and K i. A complete description of

these methods Is beyond the scope of this report but can be found In [1]. The

present implementation restricts their use to models with constant thickness

(inside the Integral path only), with Isotropic materials, and where no

thermal loading or body forces are present.

The ERRM, as Implemented In DSC/PROBE, uses the Parks Stiffness Derivative

Method [2]. The crack length Is Increased by a small amount and the change In

the local elemental stiffnesses are used to estimate the change In the strain

MSC/PROBE Release 4.1
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FRACTURE MECHANICS COMPUTATIONS WITH NSC/PROBE

energy, AU. This Is then divided by the change in crack area, AA, for the

Energy Release Rate (9):

9 = AU/•A (1)

The magnitude of the stress intensity vector is then calculated from V using

the relation [3],

I•I = K + K 2 (17- 2) (psi Vin ) for Plane Strain, (2.a)

or

= 2 + K2 = / E (psi v'n"F) for Plane Stress, (2.b)
I II

where E is the Modulus of Elasticity and v is Poisson's ratio for the

material.

Computationally, the ERRM is somewhat less efficient than either the CIM and

the CFM, and it does not separate KI and K 1, but it can be used for almost

any crack/model configuration without restrictions on the thickness,

materials, or loading conditions. All three methods will converge to the same

results, although the CFM has been shown to converge more rapidly than the

other two methods [1].

3.2 PLANAR EXAMPLE PROBLEM: CRACKED PANEL SUBJECTED TO SHEAR AND TENSION

3.2.1 PROBLEM DESCRIPTION

The first fracture mechanics example discussed in this paper is a large flat

panel with a crack located near one edge. The panel is loaded in tension

(normal to the crack) as well as in shear. The panel configuration, material

properties, and loading are shown in Figure 3.1.

This problem contains both Mode I and Mode II excitations of the crack. The

crack half-length, (a), will be varied from .2 inches to .8 inches to

illustrate the convenient procedures provided within NSC/PROBE for

investigating the stress intensity variation with crack length.

MSC/PROBE Release 4.1
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a-= 20000 psi

FIGURE 3.1: CRACKED PLATED SUBJECTED TO SHEAR AND TENSION

3.2.2 MESH DESIGN AND BOUNDARY CONDITIONS

Meshing fracture mechanics problems with traditional h-version programs is

inherently cumbersome due to the stringent restrictions that are placed on the

size and shape of an h-version element. This makes transitions from important

areas with high stress gradients (i.e. In the locale of a crack tip or stress

concentration) to the surrounding regions difficult, with many elements (and

DOF) "wasted" In the transition zones. At the crack tip, special quarter

point, or singular, elements are often employed to improve the approximation.

By employing the p extension process on properly designed meshes, the rate of

convergence is much faster than in the case of the h-version. An important

added benefit Is that the elements may have much higher aspect ratios. In

fracture mechanics applications, this allows far simpler meshes with fewer

MSC/PROBE Release 4.1
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FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

elements to be used. Also, no special elements are necessary at the crack

tip.

The mesh for this example is shown In Figure 3.2. The complete mesh required

only 42 elements. Figure 3.3 shows the areas surrounding the two crack tips

magnified. Geometric grading ratios were used to focus the DOF at the crack

tips. Grading ratios of 7:1 to 10:1 were used in the two rings of elements

surrounding the tip. Two rings, used in this manner, will be sufficient in

most cases to assure exponential convergence of the strain energy, and quality

results from the fracture mechanics extraction techniques. Many cases will

require only one ring of elements.

FIGURE 3.2: MSC/PROBE MESH FOR THE CRACKED PLATE
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FIGURE 3.3: DETAILS OF THE CRACK TIP REGION

The tension and shear loading were applied as tractions along the outer

element boundaries. In this case, only constant tractions were required, but

NSC/PROBE allows traction inputs of CONSTANT, FORMULA, or INTERPOLATION, so a

great deal of flexibility Is provided for load inputs. The loading for this

problem is self equilibrating, so constraints are needed only to restrict

rigid body motion. These were applied at two of the corner nodes.

3.2.3 MODEL CHECKOUT AND SOLUTION VERIFICATION

The tests performed to establish that the discretizatlon errors were

reasonably small are described in this section.

The first check Is for the convergence of the strain energy. Figure 3.4 shows

a plot of the strain energy and the estimated percent error In the energy norm

provided In MSC/PROBE. The estimated percent error In the energy norm at a

p-level of 8 is 0.29%. This indicates that the overall accuracy of the finite

element solution is well within the range normally expected in engineering

computations. This strong convergence In the strain energy Is typical for

p-extensions on geometrically graded meshes.
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Estimated % Error In Energy Norm Strain Energy (In-Ibs)10 1 12.0

9 111.8

8 - - 111.6

6 - "111.2
5 "111.0
4 110.8
3 110.6

2- 110.4

1- 110.2

0 110.0
1 2 3 4 5 6 7 8

p-Level

-- Error in Energy Norm .x-Strain Energy

FIGURE 3.4: ENERGY CONVERGENCE FOR THE CRACKED PANEL

The next global check is simply to view the deformed shape to assure that the

loads were applied In the proper directions and positions. Figure 3.5 shows

the deformed shape of the model. The deformed shape is as would be expected

for this type of loading.

FIGURE 3.5: DEFLECTED SHAPE FOR THE CRACKED PANEL
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Several local quality checks were performed before accepting the results. The
first was to investigate the continuity of the stresses along the element
boundaries. This was done using the Elemental Stress Report provided in
MSC/PROBE. Another method of visualizing this effect is by using stress
contour plots. MSC/PROBE does not average the stress results along elemental
boundaries. The results, shown in Figure 3.6, show that, at element
boundaries, several small discontinuities occur. A "perfect" solution would
display no discontinuities in the contour plots. The contour plot shown in
Figure 3.6 is close to this ideal case. Note that the contour was limited to
exclude the gradients in the local vicinity of the crack tips for a better
display of the contours remote from this region. The contour plot also serves
to verify that no reactions are generated at the rigid body constraints. If
the applied loads were not in equilibrium, and reactions were generated at the
points where the rigid body constraints were applied, we would see local
stress concentrations at the constrained points because the nodal constraints

would be singular points.

Another local check of the solution quality is the elemental equilibrium. This
was investigated via the Element Freebody Report provided by MSC/PROBE. All
the elements not directly connected to the singular points were found to have
less than 1% error in the equilibrium.

CONTOUK LICIND

a a 0.2WE4,

C a *.2u.

9 IMMNIS

*a 0.334Wo0

S a .3OU*U

FIGURE 3.6: MAXIMUM PRINCIPAL STRESS CONTOUR PLOT FOR THE CRACKED PANEL

MSC/PROBE Release 4.1

127



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

The last and most definitive check of the local solution quality, is to

investigate the convergence of the functional of interest. Here we are

Interested in the Mode I and Mode II stress intensity factors at the end of

the crack nearest to the panel edge. All three extraction methods available

in MSC/PROBE were used to compare the results for the 1.0 Inch crack length.

These are shown in Table 3.1 and a graph of 191 for the three methods is

included in Figure 3.7. The solutions from all three methods at a p-level of

8 agree to within 0.1%. These results are much more accurate than the results

from (3] where KI = 27300 (psi vf-n) and K = 13700 (psi Vin-h).

CIM CF14 ERRM

PLEVEL Ki Kx i ___ Ki Ki _ _

1 36334 12455 38409 29082 9787 30684 32172
2 27012 12322 28690 29761 13782 32797 32748
3 29228 14383 32575 28036 13890 31288 31368
4 27867 13627 31020 28290 13889 31515 31433
5 28414 13820 31596 28217 13724 31377 31311
6 28056 13655 31202 28140 13704 31299 31253
7 28197 13736 31364 28157 13715 31319 31286
8 28127 13704 31287 28145 13713 31307 31281

(Units in psi Vin-')

TABLE 3.1: CONVERGENCE OF STRESS INTENSITY FACTORS
FOR THE CRACKED PANEL WITH A 1.0" CRACK

STRESS INTENSITY (1000 psI (In)0-1/2)
40.0'- 

-T

35.0'- 
--I

30.0 -4 CFM
SERRM

25.0- -

20.0
1 2 3 4 5 a 7 8

PLEVEL

FIGURE 3.7: CONVERGENCE OF THE STRESS INTENSITY VECTOR FOR THE CRACKED PANEL
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3.2.4 STRESS INTENSITY VARIATION WITH CRACK LENGTH

A study of the change In the stress intensity factors as the crack grows is

greatly facilitated by some of the features In NSC/PROBE. If the circles

enclosing the two rings of elements at each crack tip (See Figure 3.3) are

defined relative to local coordinate systems at each crack tip, then the

cracks can be "grown" by simply changing the location of the two local

coordinate systems. The nodes and elements around the crack tip are

associated with these circles, so they will move along with the new tip

locations. No new mesh is required because the p-version elements are

tolerant of large aspect ratios and skew.

The crack length was varied from 0.2 inches to 0.8 inches, and was centered at

1.0 inch from the panel edge. Details of the resulting mesh for the two

extreme cases are shown in Figure 3.8. The results for the Mode I and Mode II

stress intensity factors vs. the crack length are shown in Figure 3.9. Also

shown are the results from [3] for comparison.

CRACK LENGTH = 0.2 INCHES CRACK LENGTH = 0.8 INCHES

FIGURE 3.8: CRACK TIP MESH DETAILS FOR THE SMALLEST AND LARGEST CRACK
SIZES IN THE CRACK GROWTH ANALYSIS
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Streas Intensity (1000 psi (In)--1/2)
50

40-

30

20-

10- -

0
0 0.2 0.4 0.6 0.8 1

Crack Length (inches)

KI Retf131 X 11 R61.131

• -a- KI (MSC/PROSE) --- KI (MSC/PROSE)

FIGURE 3.9: STRESS INTENSITY RESULTS VS. CRACK LENGTH

3.3 AXISYMMETRIC EXAMPLE PROBLEM: ROD WITH A CIRCULAR PENNY CRACK

3.3.1 PROBLEM DESCRIPTION

The next fracture mechanics example Is a circular bar with an imbedded penny

shaped crack. The crack Is normal to the centerline of the bar. The bar is

loaded In uniaxial tension so only Mode I excitation will occur. A cross

section of the bar is shown In Figure 3.10. The applied traction at the upper

and lower surface is 20000 psi. The material Is steel.

This Is actually a solid fracture mechanics problem, but the AXISYMMETRIC

module In MSC/PROBE-PLANAR was used. This allows problems of this nature to

be solved quickly, with far simpler meshes and less man-time and computer

resources than would be needed with a fully solid model. General solid

fracture mechanics problems are addressed in Chapter 4.

MSC/PROBE Release 4.1

130



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

4 0A.

................

FIGURE 3.10: CIRCULAR BAR WITH PENNY SHAPED CRACK

3.3.2 MESH DESIGN AND BOUNDARY CONDITIONS

The AXISYMHETRIC module in HSC/PROBE-PLANAR was used for this problem. The

model Is constructed as the cross section or generating surface that would be

swept through 360 to generate the complete solid volume. MSC/PROBE then uses

a one radian slice of the solid model for the analysis. Therefore, for

example, if a 1 psi traction (p) were applied to the upper surface of a

cylinder with an outside radius, r , the total force that acts on the cylinder

Is

F prr (2bf) (3)
Total 0

and the resulting force that will be reported for that "edge" of the

model (actually the 1 radian face) is

F pr 2

F Radian = al -- 2 (lbf/radian) (4)

Meshing guidelines similar to the previous example were used, but in this

case, symmetry conditions were employed to reduce the model size. A typical

mesh is shown In Figure 3.11 along with a magnification of the crack tip

detail. For this problem symmetric boundary conditions are used along the

lower face outside the crack front. The left edge Is the axis centerline for

the bar.
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FIGURE 3.11: MSC/PROBE MESH FOR THE CRACKED BAR

3.3.3 MODEL CHECKOUT AND SOLUTION VERIFICATION

Essentially the same procedures as In the first example were used for model

checkout and solution verification. The results for the case with a rod

diameter of 10 inches and an imbedded crack diameter of 0.2 Inch (air = 0.02)

will be shown here. Other cases with increasing crack-size/rod-diameter ratios

are presented In the next section.

The strain energy convergence and estimated error in the energy norm are shown

In Figure 3.12. Again, excellent convergence was obtained with the percent

relative error estimated at 0.05% for the p-level of 8. We should note that

it Is not necessary to obtain the entire sequence of solutions, to p-8,

allowed by MSC/PROBE. Good engineering accuracy is obtained in this case by

p=5 or p=6. The entire sequence is shown here for purposes of Illustration.

MSC/PROBE Release 4.1

132



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

Eat. E% Error In Energy Norm Strain Energy (In-lbs)0.5 - 250.006

0.4- 250.004

0.3 .. . 250.002

0.2 - -250.000

0.1 ........... ..... 249.998

0 249.996
1 2 3 4 a 6 7 8

p-Level

i Error In Energy Norm S Strain Energy

FIGURE 3.12: ENERGY CONVERGENCE FOR THE CRACKED ROD

The deflected shape of the local area around the crack tip Is shown In Figure
3.13. The Mode I displacements are apparent In this figure.

FIGURE 3.13:' DEFLECTED SHAPE OF THE CRACK FACE

Again, other local indicators were checked to assure the validity of the local
solution. These Included elemental equilibrium from the Element Freebody
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Report and continuity of stresses between elements using the Element Stress

Report and contour plots. Lastly, the convergence of the stress intensity

vector magnitude, lei, was checked and Is shown in Figure 3.14. In this case,

since KII= 0.0, KI= 121, and the ERRH was used to extract the results (The CIM

and CFM are not available in the AXISYMMETRIC Module). The ERRM uses the

plane strain assumption for calculating 191 from the energy release rate in

the AXISYMMETRIC Module.

STRESS INTENSITY (100 pal (In)-1/2)
9.0

8.0

7.0. _1

6.0-

5.0
1 2 3 4 5 6 7 8

PLEVEL

FIGURE 3.14: KI CONVERGENCE FOR A 10" DIA ROD WITH A 0.1" DIA CENTER CRACK

3.3.4 STRESS INTENSITY VARIATION WITH CRAQITUN.•I

To study the effect of the cracl- diameter to rod diameter ratio (a/r) on the

stress intensity factor, several MSC/PROBE models were run. In the previous

example, the crack was grown by simply moving a local coordinate system

located at the crack tip. In this case, the outer diameter of the rod, which

was defined as a line, is moved towards the centerline, while keeping the

crack tip constant, to increase the ratio of the crack size to the rod

diameter. The resulting mesh for the two extreme cases and one intermediate

case are shown in Figure 3.15. The results from the crack length variation

are shown in Figure 3.16 and are compared with results from [3]. Once again,

the results obtained from MSC/PROBE are more accurate than those presented in

(3].
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a/r=O.90 a/r=0.40 a/r=O.02

FIGURE 3.15: MSC/PROBE MESHES FOR CRACK GROWTH STUDY OF ROD MODELS

Stress Intensity (1000 psI (In)-.1/2)

14 -

-- KI Ref.13i

10 -4- KI (MSC/PROBE)

8 •

0 0.2 0.4 0.6 0.8 1
Crack Dia./Rod Dia.

FIGURE 3.16: STRESS INTENSITY RESULTS VS. CRACK LENGTH FOR THE ROD

4.0 SOLID FRACTURE MECHANICS

MSC/PROBE can also be used for fracture mechanics analysis of solids. One

case, the axisymmetric problem, although analyzed using the AXISYMMETRIC

module in MSC/PROBE-PLANAR, represents a solid fracture mechanics problem.
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More general solid problems can be analyzed using MSC/PROBE-SOLID. Although

in the current release there are no automatic extraction capabilities for

stress intensity factors for solid problems, several methods may be used to

extract fracture mechanics results reliably with a reasonable amount .f

effort. One method is discussed in the next section, and demonstrated with an

exa-ple.

4.1 EXTRACTION TECHNIQUES FOR SOLID MODELS

Several aspec:ts of the p-version, and features In MSC/PROBE make possible the

construction of simple meshes for solid crack problems. The robust nature of

the p-version allows larger aspect ratios and skew angles which greatly

facilitate transitioning from the area around a crack tip to the surrounding

regions. This is especially important in three dimensions. Also, the smooth

nature of the solution and the ability to examine the convergence of the

displacement and stress data at any point within the model allows reliable use

of the extraction methods. In general, complete quality control tests are

extremely difficult to perform with traditional h-version programs and are

rarely used in professional practice.

Equations of the stress and displacement distributions in the region around a

crack were developed by Irwin (1957) based on the method of.Westergaard (1939)

and are repeated in [3] and (4]. Specifically, the displacement field along

the crack face can be used to calculate the Mode I, Mode II, and Mode III

stress intensity factors using the equations (3],

v G ýr sI n-- 2-2v-cos 2 --0 + Higher Order Terms (5a)

T1  r 6 -2 2 re Trs (b

u = 5u' sin- 2-2v+cos -- )- + Higher Order Terms2n 2 2

K
111 / sin-s + HIgher Order Terms (5c)

where G is the material Shear Modulus, 6 is the angle measured from the

MSC/PROBE Release 4.1

136



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

extension of the crack face into the material (i.e. the x-axis), r Is the

distance from the crack tip, and the u, v, and w displacements follow the

conventions of the x, y, and z axes, respectively, as shown In Figure 4.1.

Equations (5a) and (5b) assume plane strain In the x-y plane and Equation (5c)
assumes plane strain In the x-z plane. We note that the plane strain

assumption is only an approximation to the fully three-dimensional case,

however, since fracture mechanics data are generated In essentially
two-dimensional experiments, such approximations are generally accepted.

y

x *

MODE I MODE II MODE III

FIGURE 4.1: BASIC MODES OF CRACK SURFACE DISPLACEMENTS

If the limit of equations (5) Is taken as r-ýO, the higher order terms can be

neglected. Equations (5) can then be rearranged to solve for K.. Doing this

and recognizing that on the crack face 0=180°, so cos(e/2)=O.O and

sin(e/2)=1.0, gives

K urn vG 2n(6a)i r-o 1a(2-20 /r

K lim G 2u (6b)
II r-o _ r

K l= r. G 2n- (6c)
Ii r-)
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For plane stress (used where the crack front reaches a free surface) equations

(5) and (6) are modified by replacing Poisson's ratio, v, with v/(1+v).

In the finite element method, one can only expect accurate results some finite

distance away from the crack tip, which is a singularity. Therefore, to use

this method, the analyst must be able to determine the zones where the finite

element solution is inaccurate ("close" to the crack tip), and where the

higher order terms become dominant ("far" from the crack tip). The region

between these zones should be linear with respect to r, and can be used to

extrapolate to r->O for the stress intensities. This limiting process is

displayed graphically in Figure 4.2.

K.4 LINEAR ZONE WHERE EXTRAPOLATIONi

HAY BE USED FOR FINDING
"K. AT R40

ZONE WHERE THE
HIGHER ORDER TERMS

S6)ARE DOMINANT
Eq (6)

ZONE WHERE THE F.E.
SOLUTION IS INACCURATE

DUE TO THE PRESENCE
OF THE SINGULARITY

O DISTANCE FROM CRACK TIP - r

FIGURE 4.2: SCHEMATIC VIEW OF THE DISPLACEMENT
METHOD FOR STRESS INTENSITY COMPUTATIONS

In MSC/PROBE, the displacements can be output along any line using any local

coordinate system (in this case; in the crack plane starting at the point of
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interest on the crack tip and normal to the crack front). The results can

then be multiplied by the appropriate factors in Eq. (6), and plotted as in

Figure 4.2. The extrapolation can then be performed for the stress Intensity

factor. One very important feature Is that the zone where the displacements

are inaccurate can be readily Identified by examining the convergence of the

displacements as the p-level Is increased. This procedure is demonstrated in

the following example.

4.2 SOLID EXAMPLE PROBLEM: PLATE WITH AN ELLIPTICAL SURFACE CRACK

4.2.1 PROBLEM DESCRIPTION

The solid fracture mechanics example problem consists of a large rectangular

plate with a semi-elliptical surface crack. The plate Is loaded In bi-axial

tension and In-plane shear. The plate Is 10.0 inches on each side and 0.40

Inches thick. The crack Is located on the centerline with a minor half-axis

(into the plate thickness) of 0.10 inches and a major half-axis (on the plate

surface) of 0.30 Inches. See Figure 4.3 for the problem geometry. The

applied tensile traction is 20000 psi and the applied shear traction Is 10000

psi. The material is steel.

FIGURE 4.3: PLATE WITH A SEMI-ELLIPTICAL SURFACE CRACK
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4.2.2 MESH DESIGN AND BOUNDARY CONDITIONS

To allow only one quarter of the plate to be discretized, symmetric boundary

conditions were used for the tension loading, and anti-symmetric conditions

were used for the shear loading. The tension load parallel to the crack face

does not excite any of the three modes, so it Is Ignored. The finite element

mesh consists of 287 elements. The model is shown in Figure 4.4 with a

magnification of the area around the crack tip. Figure 4.5 shows the bottom

layer of elements along the crack face for more clarity.

Characteristic of p-version meshes, this model shows how rapid transitions can

be made from a fine to a coarse mesh. This is especially important in solid

models to reduce the number of DOF necessary for the analysis. Another method

used to limit the number of DOF was to restrict the polynomial order of the

elements in non-critical regions, while increasing the p-level in only the

critical areas. MSC/PROBE allows predefined sets of elements to be assigned a

fixed p-level. Here, elements removed from the crack zone were limited to a

p-level of 2, while the p-level of the elements in the crack zone were

increased from 1 to 6 to provide information on convergence. This kept the

number of DOF for the model below 27,500 for the p-level of 6 solution. The

higher p-levels of 7 and 8 were not necessary in this analysis, but if the

error estimates and quality control procedures had indicated that greater

accuracy was needed, then the higher p-levels could have been run without any

changes to the mesh. Only if this last step proved inadequate would the

analyst need to make mesh refinements.
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FIGURE 4.4: QUARTER MODEL OF THE PLATE WITH A SURFACE CRACK

I.

FIGURE 4.5: ELEMENTS ALONG THE CRACK FRONT

4.2.3 MODEL CHECKOUT AND SOLUTION VERIFICATION

As In the planar examples, the first step in verifying the model Is to look at

the convergence of the strain energy. The estimated error In the energy norm

is shown In Figure 4.6 for both the tension and shear load cases.
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Estimated % Error in Energy Norm
I--

0.: 94-__ _ _ _ _ _ _ _ _ _

0.8\

0.7-
0.6
0.5
0.4-
0.3 •..

0.2 -
0.1-

0-

1 2 3 4 6
p-Level

i Tension Case -*- Shear Case

FIGURE 4.6: PERCENT ERROR IN THE ENERGY NORM FOR THE CRACKED PLATE

Another global check of the model is to view the displacements. The overall

model displacements were as expected for each load case. Local displacements

around the crack tip were also displayed to check proper constraints In the

region. Figure 4.7 shows the bottom layer of elements around the crack tip

under the tension loading. A refined "data recovery" grid is overlaid on the

original p-version elements to allow better displacement visualization from

the post-processing program. This is done automaticaaly from the plotting

options in MSC/PROBE. The original p-version elements are shown in Figure

4.5.
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FIGURE 4.7: CRACK FACE DISPLACEMENTS UNDER TENSION LOAD

The elemental equilibrium and stress continuity between the elements were also

Investigated to assess the quality of the solution. The elements showing the

highest percent force imbalance are near the crack front. This can be

expected since the crack front Is a strong singularity. The proper

interpretation of this information is that If greater accuracy is needed in

the data of interest, and this accuracy cannot be realized by p-extension,

then these elements should be refined. For this particular analysis, the

displacements in the region of the crack are the functionals of interest,

since these will be used with Eq.(6) to determine the stress intensity

factors. Therefore, establishing confidence in the displacement results near

the crack tip isnecessary.

To evaluate the displacements close to the crack tip, local coordinate systems

were used and the displacements relative to the crack face were obtained in

the local systems. The convergence of the displacements with respect to

increasing p-level is shown in Figure 4.8 for the position along the

centerline of the minor axis of the ellipse. Each line in Figure 4.8

represents the displacement convergence at a point of radius, R, from the

crack tip, as the p-level i increased from 1 to 6. As can be seen, for the

points closest to the tip (i.e. R=O.003 inches) the displacements have not

converged. They continue to increase with the p-level. Further away from the
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crack (i.e. R>O.020 inches) the displacements have leveled off very well by a

p-level of 6. This then establishes the quality of the converged

displacements, and the regions within the domain where they have converged.

This information is available for a single mesh and additional user

interaction is not required.
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FIGURE 4.8: CONVERGCENCE OF DIsPAcEHENTs FOR POINTrS ALONG THE CRA~CK CENTEREImE

4.2.4 RESUaTS

Once the displacements have been verified, plats similar to Figure 4.2 can be

generated at any position for which the stress intensity factors are desired.

The plot of Eq. (6) versus the distance from the crack tip, R, Is shown In

Figure 4.9 for the crack centerline. Here the limiting process Is displayed

graphically as an extension of the linear portion of the curve to R=0.O0

inches. The results for K Iand K IIat the crack centerline are compared to

References [4] and (5] In Table 4.1.
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FIGURE 4.9: EQUATION 6 PLOT ALONG CRACK CENTERLINE

MSC/PROBE REF [4] REF [5]

K 1 11400 11120 11840

K 5740 5150 N/A

TABLE 4.1: MODE I AND MODE III COMPARISONS AT CRACK CENTERLINE

This procedure was continued at various other points around the crack face for

the Mode I Intensity Factors. The plot of Eq. (6) for each position along the

crack front Is included in the Appendix. It should be noted that the plane

stress approximation that was used to develop Eq. (5), and (6) becomes less

accurate as the free surface is approached. The behavior In this region

becomes more three dimensional due to the gradients parallel to the crack

front. As such, some of the plots of Eq. (6) from the region close to the

free surface were not as well defined as those closer to the crack centerline

(i.e. Figure 4.9). Reasonable extrapolations were obtained, though, and the

results are shown in Figure 4.1 '0 with Reference 15] as a comparison. The X

axis coordinates are relative to the angle from the free face (le. 0=0 at the

MSC/PROBE Release 4.1
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free face, 0=u/2 at the centerline). The results from !4SC/PROBE are generally

less than 5% below those from 11feran-ce (5] except at the free surface.

Subsequent studies by some of the authors of (5], found in (6), showed

behavior more similar to the results from MSC/PROBE in the region close to the

free surface. Again, though, the behavior in this region Is three dimensional

In nature, and the limitations of the plane stress and plane strain

assumptions should be recognized.
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5.0 SUMMARY AND CONCLUSIONS

This paper has discussed the application of the Finite Element Method to

fracture mechanics computations. Particular emphasis was placed on proper

evaluation of the quality of the numerical solution. The p-version finite

element program, MSC/PROBE, which has extensive quality control features, was

used for this purpose.

Several examples were provided to demonstrate the use of MSC/PROBE for

fracture mechanics computations. The examples included a cracked panel with

tension and shear loading, an axisymmetric solid rod with an imbedded penny

shaped crack loaded in tension, and a solid plate with a semi-elliptical

surface crack loaded in shear and tension. The quality control procedures

were outlined for each example, and the fracture mechanics results were

provided.

The p-version of the finite element method, as implemented in KSC/PROBE, has

been demostrated to be particularly well suited for fracture mechanics

computations. The automatic fracture mechanics extraction methods used in the

planar and axisymmetric modules are extremely efficient and accurate. The

quality control features that are provided, namely the global error in the

energy norm, the elemental equilibrium, the inter-element stress continuity,

and the convergence of the data of interest, all combine to provide the most

powerful solution verification that can be found in finite elements today.

MSC/PROBE Release 4.1

147



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

6.0 REFERENCES

[1] Szab6, B. and Babugka, I., "Computation of the Amplitude of Stress

Singular Terms for Cracks and Reentrant Corners.", ASTH STP 969, pp. 101-124,

1988

[21 Parks, D., "A Stiffness Derivative Finite Element Technique for

Determination of Crack Tip Stress Intensity Factors.", Int. J. of Fracture,

Vol. 10. No. 4, (1974)

[3] Tada, H., Paris, P., Irwin, G., "The Stress Analysis of Cracks Handbook",

Missouri: Paris Productions Inc., 1985.

[4] Paris, P., Sih, G., "Stress Analysis of Cracks", American Society for

Testing and Materials, Special Technical Publication 381, 1970.

(5] RaJu, I. S., Newman, J. C. Jr., "Stress Intensity Factors for a Wide

Range of Semi-Elliptical Surface Cracks in Finite Thickness Plates.",

Engineering Fracture Mechanics, Vol. II, pp. 817-829, 1979.

(6] Tan, P. W., Raju, I. S., Shivakumar, K. N., Newman, J. C. Jr., "A

Re-evaluation of Finite Element Models and Stress-Intensity Factors for

Surface Cracks Emanating from Stress Concentrations.",NASA Technical

Memorandum 101527, 1988.

MSC/PROBE Release 4.1

148



FRACTURE MECHANICS COMPUTATIONS WITH MSC/PROBE

The following pages contain the plots of Eq. (6) for various points around the

elliptical crack for the sample problem from Chapter 4. Each plot Is along a

line perpendicular to the crack front, as shown in Figure A.1. The

extrapolation to the limit of R=O.O is also displayed on each plot.
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STRUCTURAL RISK ANALYSIS

* ASSESSMENT OF STRUCTURAL INTEGRITY

"* Safety
* probability of fracture

"* Durability
"* economic repair
"* functional Impairment

0 MANAGEMENT OF STRUCTURAL INTEGRITY

* Maintenance Policies
e inspectlon/repair costs
0 safety

STRUCTURAL RISK ANALYSIS

The objectives of the Air Force program on structural risk analysis are to

stochastically assess structural integrity in terms of both safety (as quantified by the

probability of fracture of a population of structural details) and durability (as

quantified by the expected number and sizes of cracks that will be detected at an

inspection). This characterization of structural "ntegtity can then be applied as an

additional tool in making decisions concerning ihe timing of maintenance actions.
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AIR FORCE DATA BASE

* AIRCRAFT STRUCTURAL INTEGRITY PROGRAM (ASIP)

"* Damage Tolerance Analyses

"* Durability Analyses

"* Force Management

"* Individual aircraft tracking

"* Inspection feedback

"* loads/environment spectra survey

AIR FORCE DATA BASE

Because of the Aircraft Structural Integrity Program (ASIP) requirements of
MIL-STD-1530A, the Air Force has an extensive data base for the evaluation of
structural integrity. Of particular application to risk analysis are the data associated
with the damage tolerance and durability analyses that are performed for all
potential airframe cracking sites and the data associated with the force management
tasks of ASIP. These data provided the basis of the risk analysis methodology both
from the viewpoint of data that would be available and that which would not be
available.
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CRACK SIZE DISTRIBUTION VS SPECTRUM HOURS

Because of the available data, the risk analysis methodology was constructed
around the growth of a distribution of cracks. The initial distribution would be
estimated from the best available data. This data may result from routine or
teardown inspection or may be estimated from equivalent initial crack size
distributions derived during durability analyses. Given an initial distribution at
some reference time, the program estimates the distribution at a later time by
projecting the percentiles using the crack growth versus time curve from the damage
tolerance analyses.
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EFFECT OF MAINTENANCE ON CRACK SIZE DISTRIBUTION

At a maintenance actidn, the population of details are inspected and all
detected cracks are repaired. This maintenance action changes the crack size
distribution and the change is a function of the inspection capability and the quality
of repair. Repair quality is expressed in terms of an equivalent repair crack size
distribution, i.e., in a manner similar to the equivalent initial flaw size distribution
which can be used to characterize durability. The post maintenance crack size
distribution is then projected forward for the next interval of uninspected usage. The
process is continued for as many inspection intervals as desired.
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SAFETY - PROBABILTY OF FRACTURE
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SAFETY- PROBABILITY OF FRACTURE

Safety is quantified in terms of the _probablty. of .ftcte. (POF). POF is
calculated as the probability that the maximum stress encountered in a flight will
produce a stress intensity factor that exceeds the critical stre intensity factor for
a structural detail. This calculation is performed in two contexts. The single flight
POF is the probability of fracture in the flight given that the detail has not fractured
previously. This number can be compared to other single event types of risks such
as the risk of an automobile accident in an hour or the risk of death per year due to
home accidents. The interval probability is the probability of fracture at any time
between the start of the analysis (reference time of zero) and the number of spectrum
hours. This POF is useful in predicting the expected fractures in a fleet of aircraft.
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EXPECTED MAINTENANCE COSTS
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EXPECTED MAINTENANCE COSTS

Given the predicted crack size distribution at the time of an inspectlrepair
maintenance action and the POD function, the expected number and sizes of the
cracks that will be detected can be calculated. This information can be interpreted
as it stands or it can be combined with the costs of repairing the cracks (which may
vary with size) to produce expected maintenance costs in pre-defined intervals. Such
data can then be used to evaluate maintenance strategies to determine in the
scheduling can be optimized.
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INPUT

NIAMrR FOINMT

S MATERIAEOMETRY

KM ve a DETERMISNTIC DATA PI

Ka STOCHASTIC PARMTNI(NAL

* AIRCRA"TIJSAG6

ANALYSIS LOCAl O91 CONSTANTS

& vs T DETERMIMSTIC DATA PNL

MAX o PER FLT. STOCHASTIC PARAMETERS (GUJMBI)

NTIA1AL CRACK WSU STOCHASTIC DATA PL

• INBPECTIO#REPAIR

TIMES CONSTANTIS

INSPECTION CAPAMLVY STOCHAnTIC PARAMETERS (LOGNORMAL)

REPAIR QUALITY STOCHASTIC DATA PL

INPUT

Nine types of data are required to perform a risk analysis run. This table
summarizes the type of information required, its nature, and the format of the data
as input to the computer program.
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EXAMPLE

"* AGING A/F/TI AIRCRAFT

"• CRACKS DETECTED IN AFT, OUTBOARD
CORNER OF UPPER COCKPIT LONGERON
CUTOUT

"* EDDY CURRENT INSPECTION - amm = 0.100 in.

"* TWO USAGE SEVERITIES

"* INSPECTION INTERVALS?

EXAMPLE

As an example application of the risk analysis program, representative data
from an attack/fighter/trainer (A/FfT) aircraft will be used to evaluate inspection
intervals and as a basis of comparison of the effects of the input data. Cracks greater
than 0.100 in. were detected during scheduled inspections and the inspection interval
was shortened. The need for the shortened inspection interval must be determined.
The aircraft experiences two usage severities which will be denoted moderate and
severe. The analyses will be started at a reference number of spectrum hours. An
inspection capability was assumed for which the probability of detecting a 0.050 in.
crack was 0.5 and the probability of detecting a 0.100 in. crack was 0.90 (reset crack
size after an inspection is 0.100 in.). The baseline equivalent repair flaw size
distribution was assumed to be a uniform distribution on the interval of 0 to 0.050
in.
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UPPER COCKPIT LONGERON CUTOUT

SCHEMATIC OF DETAIL

The population of details of interest comprise fatigue cracks grwing from slots
for canopy attach hooks in the horizontal flange cf the upper .cockpit l0ngeron. There
are five such cutouts on each side of the fuselage and, for the rear cutout of concern,
the highest stress levels occur at the af c,_,tbeard corner and are due to fuselage
bending. For the population of 7075-T6 aluminum det-ils, it was assumed that the
critical stress intensity factors (K~c) were norn.. llv distributed with a mean cf 27.5
and a standard deviaticn of 1.5.

164



151

II

0.70 FORMN EQUATION. NO RElTAROATION

' 0 . 50 -S V R

0.40

o 0.30.

0o.20-

0.00
1000 20000 4300

SPECTRUM HOURS

PREDICTED CRACK GROWTH

The crack size versus spectrum hours curves were calculated using the flight-
by-flight moderate and severe spectra. The detail of a growing crack is schematically
shown in the figure. For these crack growth curves, DTA inspection intervals were
1150 and 975 spectrum hours for the moderate and severe spectra, respectively.
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A Gumbel extreme value model was fit to the distribution of maximum stresmes
in each flight of the respective spectra. The Gumbel model provides an acceptable fit
to the highest levels of the max stress per flight distribution. The differences at
lower stress levels are believed to result from the mixture of mission severities that
are represented in the composite spectrum. At the time of the analysis, mission data
were not available. It should be noted that only the high stress levels have a
significant contribution to the probability of fracture.
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INITIAL CRACK SIZE DISTRIBUTION

Every airframe in the moderate use population was inspected and, after
adjusting for differences in experienced flight hours, two percent of the subject
cutouts had cracks greater than 0.100 in. at the reference number of spectrum hours.
A Weibull distribution was fit to the cracks greater than 0.100 in. It was assumed
that crack sizes in the other details were exponentially distributed. At the reference
time, the sizes of the cracks in the population of cutouts was a mixture of the two
distributions with a mixing percentage of 2 percent.
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To put fracture probabilities in perspective, this slide shows the probability of
more familiar events.
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POF COMPARISON OF INSPECTION INTERVALS - SINGLE AIRFRAME

This chart presents the moderate usage probability of fracture (POF) as
function of spectrum hours during a single flight at either of the two cutouts on the
fuselage of an airfr-ame. All analyses assume an inspection at the reference time
(T=O). Single flight POF less than 10' has been suggested as an acceptable risk for
military flights. Because of other maintenance activities, the fuselage inspections are
scheduled in multiples of 450 hours. The 900 hour inspection interval does
not keep the POF below 10' and has about 1.5 orders of magnitude higher risks than
the 450 hour -inspection interval. It is apparent that the large cracks are being
repaired at the inspections.
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POF COMPARISON OF USAGE SEVERITIES

This chart shows the interesting result that the severe usage has lower POF
than the moderate. The cracks grow faster under the severe spectrum but the
moderate spectrum contains higher maximum stresses. It should be noted that the
crack size data came from the moderate use airframes. No cracks have been detected
in the severe use airframes. Since the severe spectrum resulted in smaller POF
values and the sensitivity to input parameters were equivalent, only the moderate
spectrum is considered in the remaining analyses.
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SENSITIVITY TO INPUT

"* INITIAL CRACK SIZE DISTRIBUTION

"* V4 DISTRIBUTION

"* INSPECTION CAPABILITY

"* PEAK STRESS DISTRIBUTION

SENSITIVITY TO INPUT

To test the sensitivity of the risk calculations to input data quality, selected
variations were introduced to determine the magnitude of the resulting changes in
the fracture probabilities.
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INITIAL CRACK SIZE DISTRIBUTION

Walker's approach to estimating the crack size distribution at a reference time

was adapted to estimate the initial crack size distribution. This approach assumes
that the time to initiate a crack to 0.100 in. has a log normal distribution with
a=0.14. The a versus T curve is assumed to model the mean of the time to crack
initiation distribution. The two percent of the sites that were determined to have
0.100 in. cracks at the reference time located the a versus T curve and the
distribution of the crack sizes at the reference time was calculated. This model
underestimated the probability of the large cracks but agreed reasonable well with
the previous model at cracks less than 0.100 in.
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POF FOR DIFFERENT INITIAL CRAK SIZE DLMTRXUTIONS

The POF values from the Walker crack m model are higher than those of the
previously assumed mix of Weibulls. Appalmty, large cracks are immediately
detected and repaired (i.e., removed from the analysis) whilU the intermediate sized
cracks dominate the risk calculatio Both maods may have lre cracks than are
actually in the structure. The lai indicat, the detection of cracks at too
many sites as compared to actual inspectim remult•. While this effect could also be
the result of assuming a much better i capability than is actually being
used, the uncertainty in the crack size data is judged to be greater than the
uncertainty in the characterization of the inspection capability.
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To test the sensitivity to fracture toughness, the mean ]K~c was arbitrarily
reduced by five percent. A second comparison was made in which fracture toug' rness
was essentially made constant by greatly reducing the standard deviation.
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POF FOR SHIFT IN AVERAGE FRACTURE TOUGHNESS

The fracture probabilities display a strong aependence on the mean of the
distribution of K1c values of the material. This figure compares a five percent shift
in the mean of the Kic distribution. Decreasing the mean by five percent changed the
POF values by a factor of about 4.5 to 5. While this result is applicable only for the
conditions of this analysis, similar changes have been noted in other A/F/T
application.
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POF FOR A CONSTANT FRACTURE TOUGHNESS

Making Kic essentially a constant (a = 0.01) reduced the POF values from the
baseline by more than an order of magnitude. These results on fracture toughness
indicate the necessity of careful characterization of the fracture toughness properties
of the materials when critical crack sizes are relatively small.
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SENSITIVITY TO INSPECTION CAPABILITY

A change in inspection capability was arbitrarily introduced by reducing the
median detectability (the crack. size which is detected half the time) but keeping the
90 percent detectability at 0. 100 (increasing a). This change produces a larger chance
of missing big cracks but increased the probability of detecting small cracks. Higher
values of a may be more representative of field inspections.
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POF FOR DIFFERENT INSPECTION CAPABILITIES

Reducing the median inspection capability has greater effect than the increased

chance of missing the large cracks.
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SENSI•VITY TO PEAK STRESS DISTRIBUTION FIT

A Gumbel distribution of maximum values of a distribution is used as the basis
for extrapolating the distribution of the maximum stresses encountered in an
operational flight. Due to the mixture of usages that are often represented in the
data, the parameters of the Gumbel distribution should only be obtained from a "few"
of the highest stress levels. Since this process is subjective, the sensitivity to the
Gumbel parameters was tested by fitting a function that bounded the "observed" max
stress per flight values.
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POF FOR SHIFT IN MAX STRESS PER FLIGHT DISTRIBUTION

The 3 percent shift in the location (B) of the peak stress per flight distribution
produced a factor of two change in the POF. Similar effects were noted for changes
in slope (A). Since these effects could be significant, care will be required in judging
the goodness of fit of any particular Gumbel fit to the data of the peak stress
distribution.
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GENERALIZATIONS

"* CRACK GEOMETRY

"* MISSION STRESS SPECTRA

"* CHANGE IN STRESS LEVEL

"* REPAIR

"* MULTI SITE DAMAGE

GENERALIZATIONS

The computer code calculates probabilities offracture and digtunaiorns of cra
sizes for each individual run. However, more complex scenarios can be addressed
through the combination of results from multiple runs. For example. if several crack
initiation sites give rise to different geomeizy fLctars (and different a versus T
curves), fracture probabilities can be calculated for each geometry. A weighted
average of the fracture probabilities, with the weights being the prMpartim of cracks
initiating at each site, provides an overaU estimate of the detail POF. (In the
example of this paper, the most critical initiation site was assumed. If cracks initiate
at less severe locations, their fracture probabilities would be smaller.) Similarly, if
max stress per flight data are available for different mission types, POF can be
calculated for each mission type and combined using the appropriate mission mix.
In the example, essentially every flight is assumed to be from the missions that
produce the highest stresses.

Changes in stress levels can be accommodated by stopping the analysis at an
inspection and starting a new analysis with the crack size distribution at the stopping
time. Similarly, the statistical characterization of the sites for which cracks were
detected and repaired can be kept segregated from the remainder of the population
and analyzed separately. For example, if repair comprises oversizing of hole, stress
levels are increased for the repaired details and they are a different population.

Although the program does not currently address the multi-site damage or
continuing damage problems, it is believed that the computer code could be
generalized to address these problems.
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SUMMARY

" POF DETERMINED BY TAILS OF DISTRIBUTIONS
• Comparisons More Sensible Than Absolutes

" DESIGN STAGE EFFECTS
* Material Characterization
* Stress Levels
* Geometry

" FORCE MANAGEMENT EFFECTS
* Usage
* Inspection Intervals
* Inspection Method
• Repair

" NEED GOOD MAINTENANCE FEEDBACK

SUMMARY

Practical POF values are determined by the tails of the crack size, K1c, and
peak stress distributions. Since there are seldom sufficient data to precisely
characterize the tail behavior of these parameters, absolute interpretations of the
estimated POF values should be treated with caution. Relative POF magnitudes,
however, can provide a basis for choice of actions. Design consideration, as always,
are important as the material characterization, stress levels at the critical location
and crack geometry all have a significant effect on the fracture probabilities. Force
management actions in terms of shortening inspection intervals and using better
inspection and repair methods can also significantly reduce fracture probabilities.

Finally, risk analyses are no better than the data available to describe the
initial conditions and use. A critical need exists good feedback on the size of the
cracks that are being found at the inspections. The crack size data are the most
nebulous in the model and crack size information on real cracks is most helpful for
initiating or updating risk calculations.
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Abstract

Several theories have been proposed to explain the transient fatigue crack growth

decelerations and accelerations which foll ovweloods. The mechanisms that have been

proposed to explain retardation after a tensile overload, for example, include residual stress,

crack deflection, crack closure, strain hardening, and plastic blmting/resharpening. These

mechanisms are reviewed in the light of recent experimental results and implicatioms with

regard to their applicability are examined. Also, the possible extension of the proposed

theories to represent compressive overloads is considered. It is suggested that no single

mechanism can be expected to represent observed effects over the entire range of da/dN

versus &K; e-S, bedaxior rangpn from the ner threshold region to the Pam region.

The I ty and limitations of proposed methods of analysis for the develop-

ment of fWatigu crack growth codes for generA, vmriable amplitude loadmig are discussed.

Recommenda�f •r posuible analytical peocedue are effired.

Introduction

The loading conditions developed in structural components in arcraft are aptly de-

scribed as variable amplitude loading. A comprehezsive treatment of the causes and the

effects ef these conditions indudes an integrated consideration f flight load spectra, com-

ponent load spectra, crack tip strems anaysibs and a crack growth law. Some of the diffi-

culties of the pmbes involved have been dearly identified recently by Par-t and Schijve

[1] who reconstructed crack growth from fractogaphic observatims for two flight simula-

tion loadings. The incentive for initiating their research was their conclusion that a basic

correlation between crack growth and load history must be developed. Previously, Schijvc

[2] had concluded that 'it can not be said that a generally applicable and reliable crack

1
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growth prediction model is now available".

The difficulties encountered in developing a crack growth prediction model can be

recognized by isolating attention to the transient effects which have been observed after

a single overload. The mechanisms that have been proposed to explain the transicnt

retardation after a single overload, for example, include residual stress [3], crack deflection

(4], crack closure [5], strain hardening [6] and plastic blunting/resharpening [7). Of these

mechanisms, two have been the subjects of the most intensive examination and application.

These are the effects of residual stress and crack closure. Willenborg et al [8] and Wheeler

[9] proposed models which account for the effect of residual stress. Modifications of these

models have been adopted for use in a number of fatigue crack growth programs. Crack

closure, which involves the development of obstructions to crack closure upon unloading,

is manifested in different forms. Research studies for developing ar, understanding of these

complex mechanisms are still being conducted.

If, during load cycling, the minimum load is large enough, the crack faces will not come

in contact with one another, so then crack closure mechanisms need not be considered. It

is then reasonable to expect that a Willenborg type model describes crack growth. In the

near threshold region, however, conditions for crack closure are often encountered, so they

cannot be ignored. The relative roles of these two mechanisms in fatigue crack growth,

therefore, need to be examined. The objective of this paper is to present the results of

analyses of recent experimental results which contribute to an understanding of roles of

these two mechanisms.

Recent Experimental Results

Experimental results on the features of crack closure behavior following tensile over-

loads have been presented by Ward-Close and Ritchie [10]. They conducted experiments

in which variations of the effective stress intensity factor ranges before and after overloads

were determined. Near-tip closure was measured by the use of strain gages mounted above

the crack plane, and the values of the effective stress intensity ranges were determined.

Their tests were performed on compact tension specimens which were machined from IMI

550 titanium alloy plate, and all tests were performed under predominantly plane-strain
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conditions.

A variety of variable load experiments were conducted. The results used here were

obtained from tests on specimens with a fine grained c/fl microstructure. In their exper-

iments the stress intensity factor range AK = 15 MPaV'/m with R = 0.1 was maintained

constant. Single 100% and 150% overloads for which KoL = 2K, 1 and 2.5Km,,, re-

spectively, were applied. Test data points for the variation of the opening stress intensity

factor, Ko,, with crack length are shown in Fig. 1. The data in Fig. I a are for an

overload of 100%. Those of Fig. lb are for an overload of 150%. As plotted, the ovelc.ads

occurred at the origins. During the interval between the origin and the first data point, a

transient crack growth acceleration rather than a retardation was observed. This behavior

had also been observed previously by Nowack et al [11] and by Paris and Hermann [12,.

This immediate, post-overload behavior was attributed to a crack tip stretching which

reduced closure contact pressures and, by effectively increasing the stress intensity factor

range, resulted in a brief crack growth acceleration period. Ultimately, the crack extended

through the stretched ligament and formed an asperity which resulted in the Kop data

points shown in Fig. 1. It should be noted that the immediate post-overload transient

cannot be rationalized by use of residual stress models of the Willenborg type. The solid

curves and the parameters Co and L shown in Fig. 1 will be discussed in the section on

Application of the Model..

Obstruction to closure has been observed to occur in different forms. In sheets the

obstruction is formed at the specimen faces at the free ends of the crack tip front. For

dominantly plane strain conditions obstructions on tie interior crack surfaces in the form

of surface roughness can be develcped [i3j.

Recently, McEvily and Yang [141 presented results of experiments designed to examine

,he form of closure obstruction after an overload. They presented evidence which indicated

that even though crack closure obstruction prior to an overload was of the plane strain

form, obstruction after an overload occurred at the specimen faces; i.e., under plane stress

conditions. Data points for Kop obtained by McEvily and Yang [14] for a 100% overload

on an aluminum alloy 6061-T6 compact tension specimen are presented in Fig. 2. For

this test the constant value of AK = 8.0 MPa V/-m, R = 0.05 and the overload AK
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= 16.0 MPa./'m with Kmin unchanged. The trend of the data points is similar to that

observed by Ward-Close and Ritchie [10]. To examine the character of the obstruction

form resulting from the overload, McEvily and Yang [141 repeated their experiment, but

after the overload, they removed surface layers from the specimen by machining. Upon

resumption of testing, no retardation transient was observed. They suggest that the results

of Ward-Close and Ritchie [101 are subject to the same interpretation; i.e., the obstructions

to closure after the overloads occur at the side faces of the specimens.

McEvily and Yang [14] also conducted experiments on the closure behavior developed

for multiple overloads. From their results they concluded that during the transient period

following the start of overloading, there was a transition from a surface obstruction to a

through-the-thickness obstruction. These results clearly indicate that the form of closure

obstruction is subject to a number of variables.

Closure Models

The generation of crack growth programs which include the effects of closure obstruc-

tion requires the development of closure models. Several models have been developed.

Newman [15] has provided a good description of the features of a modified Dugdale strip

model which has been applied by a number of researchers. This model has been used by

Ward-Close et al 116] to analyze results from the paper by Ward-Close and Ritchie [10].

An alternative, discrete asperities model has also been proposed [17-19]. The features

of this model can be described by reference to Fig. 3. Obstruction to closure is developed

by the discrete asperities on the fracture surface. The geometric features of the asperities

and their distances from the crack tip at the right are model parameters. These should be

considered as effective values. It will be shown that the primary values can be determined

from experiments.

The features of the model are used in conjunction with the elasticity solution for

concentrated forces acting on a crack face. This problem is illustrated in Fig. 4. The

stress intensity factor, K, developed and the displacement, u, at the load point are also

given. The solution for multiple asperities has been developed by use of superposition [18].
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The equation for the opening stress intensity factor for a single asperity is

Ko - (T -- V) (T))

where G is the elastic modulus of rigidity and v is the Poisscn's ratio.

The f atures of che model can be illust rated by ,.4Ierence to the pit of stress ist,.nli, ,,'

factor versus external load in Fig. 5. For no obstruction to closure, jr n,, asperities, the

loading cycle passes along the straight line from A to B. The correspr.iing stress intcnsity

range is then measured between A and E. For a sil.rie asperity load~n~ proceed's ri,'.e D-

C-B, and clearly, the range of the stress intensity factor is reduced, being measured from D

to E. Additional features of the model ca. be illustratcd by reference to the iash'•d lir.s

For two asperities, loading proceeds alo,,, G--C_- B. Hf .spf ties weld to

then loading is extended from D-C to the dashed line wo the right. This corresp,-ds to

the development of a tensile force in the asperities to the right of point C. T'his results

in a further reduction in the range of stress iatensity factor and properly descri:hes the

difference in crack growth rates between tests in an inert atmosphere, where welding can

occur, and an active atmosphere where welding does not occur (20].

The model can also be extended to the left of the origin; i.e., for cases in which the

external load;ng contains a compressivc overload. If the compressive overload is sufficiently

large, it may be anticipated that Lhe asperities vil]! lnde; go inelastic deformation. This

is illust-ated by the downward curve of the extended da.shed line. Reloading would then

occur along the lower straight line retura:,•g tV tlfhe ight. The subsequent loading cycle

would then exhibit an increased stress intensity range which would result in the increased

crack growth rate which has been ob~ervod after a compressive overload.

In the next section the discrete asl-ritnies model will be used to analyze the data by

Ward-Close an,' Ritchie [101 and that of McEvily and Yang [14].

Application of the Model

When closure conditions are developed, the crack growth rate is determined by the

range of the stress intensity factor. Thus, the equation AKqff = K... - Kop indicates

that Kop must be determined. The discrete asperities model will be used to demonstrate
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the correlation between Eq. 1 and the data of Ward-Close and Ritchie 1101 and McEvily

and Yang [14].

The variable C in Eq. (1) represents the distance between an asperity and the crack

tip. This corresponds to the abscissa variable of Fig. 1. From [101, Young's modulus E

= 107 GPa. Assuming material isotropy and a Poisson's ratio of 0.3, an estimate of the

rigidity modulus G = 41.2 GPa. Using these property values and an asperity misfit value

of L = 1.1 •Am in Eq. 1 yields the curve shown in Fig. la for an overload of 100%. An

obstruction misfit value of L = 4.3 Mm gives the curve of Fig. lb for an overload of 150%.

These curves describe how Kop decreases as the distance increases between the tip of the

growing crack and the asperity which results from the overload. An examination of these

plots reveals that the data points are well correlated by the use of Ecj. 1.

In the experiments analyzed, retardation did not begin until values of C of about

0.04 nun and 0.65 nun after the overloads were achieved. This immediate, post-overload

behavior was attributed to a crack tip stretching which relieved the contact pressure on

asperities developed prior to the overload. Ultimately, the crack extended through the

stretched ligament, and the asperity causing retardation was formed. The values of Co in

Fig. 1 represent initial, effective distances from the crack tips.

The data of McEvily and Yang [14] for Kop have also been analyzed. For their

aluminum alloy 6061-T6 specimen G = 26.5 GPa for a value of Poisson's ratio of 0.3. For

a value of L = 1.26 j•m in Eq. 1, the solid curve of Fig. 2 is obtained. Again, Eq. 1

provides a good correlation with the data. A value for Co = 0.075 mm represents the

initial, effective distance of the asperity from the crack tip at the beginning of retardation.

Discussion

The experimental results of Ward-Close and Ritchie 1101 and McEvily and Yang [141

demonstrate that the retardation transient observed after a tensile overload can be at-

tributed to the obstruction to closure developed by the overload. The discrete asperity

model can describe the opening stress intensity variation after the overload. The pri-

mary parameter in the model is the obstruction misfit, L, which can be determined friom

experimental data.
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It should be noted that the determination of the obstruction dimension is also the goal

of the modified Dugdale strip model [15]. For this model the determination is, however,

base(] on an analysis of the production of the obstruction layer.

The discrete asperity model is two dimensional an( therefore may be considered to be

more applicable to through-the-thickness closure. The correlation with the McEvilv 1;1'1

Yang [14] data, however, suggest that L can be considered the "effective" value of obstruc-

tion which props the crack open. It would appear that it represents an experimen tally

integrated measure of closure obstruction.

The results which have been presented here are limited in scope and represent an

exploratory examination of the use of a relatively simple method for describing the effect

of an overload on asperity induced closure. It would, in future work, be of interest to

examine possible correlations of the parameters L and Co with such basic quantities as

crack tip opening displacement. An examination of the limited data of Ward-Close and

Ritchie [101 indicate that it may be possible to develop a simple relationship between L

and Co with K 2 0 which is proportional to crack opening displacement, for overloads up

to 100% (19]. A marked nonlinearity which is observed for K 2 above 100% overloads

may be related to the details of the crack extension mechanism. Ward-Close and Ritchie

[101 observed that for the higher loads, there was, in addition to crack tip stretching and

blunting, tearing or crack extension during the overload cycle. This added complication of

incremental crack advance during the overload cycle must, therefore, be considered.

As the asperity produced by the overload recedes from the crack tip and loading at

a lower, constant AK resumes, additional asperities are produced. If L1 represents the

overload asperity height and L2 a subsequent asperity height, a condition in which L, is

much greater than L2 would develop. Then near tip contact would occur, but it would not

be on the asperity closest to the crack tip. Nearest crack tip asperity contact would not

develop until KoB for the most recently produced asperity was larger than the current Ko I,

for the overload asperity. In the process of asperity production under variable amplitude

loading, a sequence of scalloped curve segments derived from curves of the type shown

in Fig. 1 can be visualized. The operative Ko0 curve would be the highest one for the

current crack length.
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The retardation behavior observed for the data considered can also be analyzed by

use of the modified Willenborg model. Since this model uses the crack tip plastic zone as

a measure of the reduction of the stress intensity factors, it proves revealing to examine its

size. The distance the crack extends during the retardation transient has been described

as the delay distance [10]. It may be shown that the delay distance for the modified

Willenborg model is less than the plastic zone size. The delay distances for the data

considered here are presented in Table 1.

Table 1

Delay Distances

Material Measured delay Plastic zone* Willenborg delay**

mm mm mm

Titan. alloy 0.88 0.14 0.07

Alum. alloy 0.35 0.51 0.23

I(KO)2

Based on the requirement that the retardation stress intensity factor must be greater

than zero.

An examination of the results in Table 1 indicates that the modified Willenborg model

underestimates the delay distance substantially for the titanium alloy and slightly for

the aluminumn alloy. It could be inferred from these results that both f acture surface

roughness, which is related to microstructural features, and hardness or yield strength are

important variables in the retardation behavior.

The ultimate interest in the use of the models discussed focuses on their predictive

capability. The data of Ward-Close and Ritchie [10] for the 100% overload can be used to

examine this issue. The modified Willenborg model is based on the use of a retardation

stress intensity factor KR which is used to compute the effective values of stress intensity

factor and the effective stress ratio R [21]:

KR = 4D [KOL (I _ ) K...] ,(2)
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where
1 - Kth/Kmaz

S-1

For the given application the overload stress intensity factor is KOL = 33.4 MPaViii, the

overload plastic zone is POL = 0.14 mm, Kma, = 16.7 MPavry and the threshold stress

intensity factor is Kth = 5 MPav/iii. A shut-off ratio of S=2 has been used.

A da/dN versus AK curve for a value of R = 0.1 was available, so data were fitted

to the Forman equation. The crack growth equation used was

da 4x10- 7 (AK)3 .5

d-N =[(1 - R)K, - AK] I3

A comparison of the crack grow-th rates predicted by the use of Eqs. 2 and 3 with

the measured rates obtained by Ward-Close and Ritchie [10] is presented in Fig- 6. The

ranges of crack growth rates for the two curves are the same. Since the measured values

extend over a larger delay distance, however, it can be expected that the conservatism of

the Wilienborg crack extension prediction should be significant.

The transient behavior following a tensile overload can rationally be attributed to

either a residual stress effect or to closure obstruction. It is not, however, necessary

to choose one model at the exclusion of the other. Certainly, both surface roughness

obstructions to closure and residual stresses in front of the crack tip due to the overload

can be expected to be present in the near threshold region. A combined procedure for

determining effective stress intensity factors is possible. Thus, let

eff Kma = Kmaz - KR, (4)

effKmin = Kop - KR , (5)

for Kop - KR > 0,

and

ejfKmin = 0 , (6)

for K o p - KR <0.

It also follows that

-= efKm (7)
12 f Kmaz
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The KR in this formulation would not be determined by use of the modified Willenborg

model which is not based on an actual determination of the residual stress state in front

of the crack tip. The KR in Eqs 4 and 5 should be based on the actual state developed by

the overload.

In the near threshold region in which closure obstruction is clearly present, Kop may

dominate. When the crack faces do not impinge upon one another during a cycle, KR

probably dominates. A proper partitioning of Kop and KR should be the subject of

future research. It should, however, be noted that the interaction between Kop and KR

may well be complex. Suppose that both closure obstruction and residual compressive

stresses in front of the crack tip are present. Then, if the local compressive stresses were

relieved, the pressure across the asperities would be increased. This, in turn, would signify

an increase in Kop. The two effects are not, therefore, uncoupled. The extent of this

coupling probably varies with the level of loading, but at present, it is unknown.

Conclusions

A review of the available crack growth prediction methods was performed to assess

their limics and regions of validity. Plastic deformation occuring around the tip of a fatigue

crack following an overload induces residual stresses and causes crack closure. Although

current fatigue life estimation procedures make use of one model at the exclusion of the

other, both mechanisms need be considered especially in the near threshold region. An

examination of the results of the modified Willenborg model was also performed to obtain

insight into its degree of conservatism. The following conclusions can be specifically drawn:

1. Available crack growth prediction models do not properly account for all of the mech-

anisms which are operative under variable amplitude loading.

2. A discrete asperities model can be used to describe the variation in the opening stress

intensity factor after a tensile overload which results in an obstruction to closure.

Crack tip closure measurements of the type made by Ward-Close and Ritchie [10] and

by McEvily and Yang [14] can be used to determine the two parameters of the discrete

asperities model.

3. The discrete asperities model has features which can rationalize the acceleration tran-
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sient after a compressive overload, and the difference in crack growth rates observed

in inert and active atmospheres.

4. When obstruction to closure develops after a tensile overload, retardation continues

beyond the crack tip plastic zone. This indicates that retardation models based oa

residual stress effects alone cannot describe the transient behavior observed. Fracture

surface features, which are microstructure dependent, must also be considered.

5. Ultimately, a model which incorporates both residual stress effects and closure obstruc-

tion effects may be required to describe the full range of possibilities under variable

amplitude loading.
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1990 USAF STRUCTURAL INTEGRITY
PROGRAM CONFERENCE

SYNOPSIS

"*THE ZONING APPROACH TO INSPECTION INTERVALS FOR F-5 & T-38 AIRCRAFT"

by

M. Gottier, Eidoenossisches Flugzeugwerk (F+W),
Emmen, Switzerland

-and-

C. Hu, Northrop Aircraft Division, Hawthorne, CA

M. Reinke, SA-ALC/MtEOD Kelly AFB, TX

The increased severity of usage for both F-5 and T-38 aircraft have led to
requirements to develop new inspection intervals for Individualized spectrum
for Swiss AF usage of their F-5 aircraft, and USAF advanced training in air
combat maneuvering using T-38's. Based on an extensive analytical and
experimental program performed by F+W, Switzerland, with technical support
from Northrop, the requirements for new inspection intervals for Swiss Air
Force usage were established. The concept of structural zoning of the F-5 was
developed, and applied to all critical structure for both inspection times and
NDI procedure, and a usage peculiar document was prepared for both maintenance
and inspection personnel.

Under USAF/SA-ALC contract the T-38 aircraft was analyzed to current Lead-in-
Fighter usage. The zoning concept was employed to determine inspection
intervals for the T.O.-6. The determination and selection process for those
zones will be presented.

Both F-5 and T-38 programs have made extensive use of confirmatory damage
tolerance testing, improved stress intensity factors, and retardation data,
which will be presented. The final inspection intervals and use of the zoning
concept will be detailed so that others may consider using it for supplemental
data to better understand the T.O.-6.

204



L_

V Z
0 >1

0 L.4-a 0. L --
"4-- 0 C%.

co C 00o- c

• ,, .- U)•"F Ci

2O5

o 00 a

0) Ea~

Cl ) CD-

CO CL

CZ w Ii
I cc

205



Lai

I-A

U.. LI..V

P-4

IJ

L..

Ln206



\4

LL

-J

I-

I-l

U.

2

207



hQCh

Cf,

208



1-4

C7%

Coi

Coo

3c

c-

LL.

I Lfl
LL. I

LA.

oL LL.

z

00

209



a0 0 0

IAA

* - 1

210.



Iii I I

z
CL

clI

211



L16.
LaI

06

LiJ LIO L&1

L <> ~LL. CD

-j 9x CDWI = =
to 1-.4=V

CD ~ I ~ I--

W i uiLa~

zz occ

w 0w

to C

= CD

P-4

ui tA212



LL.

Lfl
I

0

0

213



LO
co

E E

aC) 0I

5LL C

4-LLLL 0

Cl) co co

~0L

Ec, o
E I

Q~~) LLm  L

cri 0 0
LO LO

L I I

214



0

c0)

0 CO = c
* - a)

C6 .0 a c
.F co c:

>% EZ-0 co)

a))"

co coa)

CZ, 0

0 0
Z -0

4-A 0 0L3 a

o6- NCc

00
EC

LO CM >,

a)O 0) cm

Jc'J

F-

215



co

0-0
LL

co)

Lm

oo

121



CO)

> _0 0. OG) 00 1

4-0 0

0 LL.
U (/)~ 0 0 0 0 0 0 0 0

LoI (.) 00 00 00 00cy
D~c) 0LO LO

c CO 0 00 00 00 II
0 C>1 ) 00) 00 00) 00 co co

W xX

I-00 00 00 00
) 0oo 00 00 00

< CC)co co c'j ocm 0CC

co

a 0
E N

0

217



c

0)0

ULL

I I
LLLL.

0C5

c
0

N

0

ci

218



S"0

H co

> coS• ,4-. 0 o

Lo L
oco

---
co z 0. 4.-00

(pi)0
CE

0 C0

So 0
cj4.L0 co

0 LL LO(D a

C- I 
.L

0) d -

c i5 0
00

0

a21



0

L. ( 1 ) L L J

Lii.0 4-0LCU)) I

I L
LL~ 4- 1ý0 '0

cJ~)0 01

CCO)

0 ~ CO
3- mo

0 0 L0

00

0CD 00

*-CJ, 0 o~
C Z

NC _ 0

2230



CO)
C
0 0 CO)

ml-' 
U

40 a)•
c0 CO U

0 0)CO 0

)(D -
a c: Q) o E , a

o • d o)

CD -

Z0- ) - -,DD~~ 0 :•
0- E 0.

CD- 4 0

U 
,-

Eo 0
E C

.-) CLL)

~L(o o )0

VI (D CD" - U
=3LO0co CU v

4-0CT c- C)

L. co- o

CU CD C

w. U) U)0-

221



c 0a

-~00

C 00

000
oo, roo

.j-

u-co 0 0

wo 00
I N

U.~

0)Z
CO)c

0
N
C
0
4-

C)

CO)
C

222



C: co
co 

4-

00 co

CO) CD

CD'4 O C / L

C C:
CO 0.(

co x
L.

C0)0
CD E

0L

-co

223



0)

0Z 0_
.9 0 0D

0 00

co

CL.

0M 0. 03uc 0 0 &- 0

co &- CO Cc-WCU
coCO cOL)c
(~r- ocl CO 00C

Ez E. 4U) 0U- 4)C

Jco Z..

E) 4)c

cl cLL.JW

00 14.) c 00-

L- %-.. CIO 224



00 00

00 00
04 IV- CC)C

CO) 00 00

cz. 00 00

> )r
L~.L00

~0000

LC))
U)'00 00

to 00 00

CL cU 00 00

(1) 1

cv-00 00

oi) -0 0

1f0 10
.1 Io 00

LL.0 U..

(22



0
0
Go

0

co)

CO)0

~0

00

(D.. 0
0

.Qo 0

'l 6- 0

00~0

COL.,
Q4c: a)0

06- a 0

0D

226



0L 0C4- a
4) c6(~ 0w

0Lo E cO
LO~

0 U 02. (
0~+. >C4 E

- C~
0

00 v

0~ 0V 0 Q -. C C 0 04)*
0 ý: o

CO O -0 ~00C

O 0 CIcO %I. co v_-

0 0 c. 0 0C

C 2 3 0

S 00

C.LLL 0 ~ ' 0  co

-0 (0 WF ~010 a)O CO)

(1)L C.O &- -o- CF

O.CLL vc Cc~o
Lo0 .2 o0=3

I) LO I

227



I-.

co

Cw)
m

I-22

0

228



j ca

P-1 CD
m w 1= ( LI-

I- I A m lW >

ml~c " - 0

>- ) = 1- =w
en~~(U( = j - - L. c

CD~~~ f- .00
1ý0 &A- P- 1- P- o4CI Q Lml 1- =

CD U(U I-- W 3cP40A L LJC

i~ 1.- 0 0 )
mlD = 1-4-0

1-4 C) c.lI10D'Uj0 C=
C. zm 0 l - 0 W -I.) I--2c LWA = in 0 LL L c C

bm~ L. D ) -.- a z i t L -

C)U6= = hemlL

=- ' 1.- 1-- 4c CDJ

I--

229



CDIL

LL. 34 L

0-m4
CA

23U



Lfl

LUn

U.U

ok ~ U. U
C9-L
-L Y A

ml 0
U- 310

L6 P%
6- c r*,%uA

L6~~~ LL <IJ

D I- C LLU

C) 06 -J 4
m. ml ILL

0 LU I

U- LU6 00

""~ I-- " "-

OCA L 404 J L U

~231



Go LL. Li.
maU

II

w I-

a m b- ' = Ihi

l ým LIJ oe w
I- L

*a am-
muD

CK t 'I m
LuaU' LL

d~Lai alS

P--

232



Co
I

CD
L6 0

I- L--

= LUA
I-I
o

0

- rz
=

233



0 0

IX-

usE C4 P. a

C -- 40 C-

4c C C 0 0 in
C, OC 0 4 s C

t IP 0 C4 CO c

LU 0lz z
U)
-i

o z zl0ccC
CL WE =) 0 a

4Cw z CLLI- z'"Op :J 0 co
0 LbW49 V$ CO

0~

PL U.
cc 0'
0Jqrf

> CC

CC

z 3 0

2a -1 0' In

I- a2 40 w0~ U
0w 4c .~

w ,z 3i 3:
z 0 0 0

0 Ir c CC 9234



( iI~jI
L-a

Im *

cc 0

2 0

IL.

UU.

co

A.j

235



THE EFFECTS OF RUNWAY SURFACE ROUGHNESS

ON AIRCRAFT FATIGUE LIFE

by

LT David J. Krueger
Mr. Anthony G. Gerardl

WRIGHT RESEARCH AND DEVELOPMENT CENTER
FLIGHT DYNAMICS LABORATORY

STRUCTURAL INTEGRITY BRANCH
WRIGHT-PATTERSON AFB, OH

1990 USAF STRUCTURAL INTEGRITY
PROGRAM CONFERNCE

SAN ANTONIO, TEXAS

236



INTRODUCTION

Recently, the Structures Division of the Flight Dynamics Laboratory at Wright-

Patterson Air Force Base, Ohio was asked to take a look at the surface of runway 16/34 at

Dyess AFB TX. Pilots using this runway have complained about experiencing an unusual

amount of discomfort during ground operations. Several pilots have made claims of being

temporarily incapacitated while operating on portions of this rough runway. This particular

runway is about 35 years old and has never been overlayed, although small repairs have

been made.

Due to the significant accelerations experienced by pilots on the Dyess runway, it was

postulated that fatigue damage would be a likely consequence. The next question posed

was by what percent would the fatigue life of an aircraft be reduced if it spent its whole

life operating on a "rough" as opposed to a "smooth" runway?

The objective of this paper is to present the method and results on the work performed

on examining the effects of runway surface roughness on aircraft fatigue life.

The appropriate military specification applicable to ground loads is MIL-A-87221,

"General Specification for Aircraft Structures". [1] This specification states that runway

roughness for ground operations will be stated in terms of power spectral density levels or

discrete (1-COS) bumps and (COS-l) dips. PSD have the distinct advantage of reducing

large quantities of data to a few power spectra in the frequency domain. Since PSD

techniques have been successfully applied in the area of flight turbulence, similar

techniques were also investigated for runway surface effects. The thought was that

runways with similar roughness power spectra would provide similar aircraft responses.

Reference 2 describes an attempt to apply PSD techniques in comparing roughness effects

on aircraft for two different runways. Although both runways had similar roughness power
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spectra, in practice one runway was found to be quite smooth while the other produced

numerous complaints from flight crews. The failure of this method is because it is only

valid for a linear system [3]. This linear assumption is reasonable for ff51 look, bat not

for ground loads. The landing gear are so strongly non-linear that loads derived from PSD

analysis can be grossly misleading.

Power spectral density proffies were not used in the present amlysis. Imtead

dscretized runway data, along with aircraft model data, was used as rikpt to a compete

code to predict acceleration at the aircraft center of gravity. M[L-A.87221 states that

dynamic taxi analyses must account for pitch, traslation, and roll rigid body modes, and

all significant flexible modes. The aircraft gear's complete nonlinear air spring and

hydraulic damping of the oleo and tire must be included. Aerodynamic lift mad engine

thrust shall also be included.

The only criteria from MIL-A-87221 applicable to this analysis is fomud in Table XII.

This table is reproduced in the results section of this paper. It contains occurences of load

factors experienced at the aircraft center of gravity.

Discretized data for hree different rnways were used in this amalysis. The three

runways exanined were (1) Dyess AFB IX, (2) Palndale CA mad (3) King K -bnh

Air Base, Saudi Arabia. Each of these runways represent various levels of surface

roughness. Two different aircraft models were also used. The first aircraft model used in

this study was the Boeing KC-135. The second aircraft analyzed was the Rockwell

International B-lB.

The aircraft c.g. accelerations obtained from the dynamic taxi analysis were converted

to stresses at various locations on the aircraft. These taxi stresses were used with the

corresponding flight stresses for each aircraft to make a complete stress spectrum. This

full stress spectrum was used as input to a PC based fatigue crack growth analysis code to
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study the effect of each runway on the fatigue crack growth at each of the structural

locations chosen for analysis.

Dynamic Taxi Analysis

The general mathematical model (TAXI) is represented as an asymmetrical body with

a nose, and a right and left main landing gear. [4] For this study, however, symmetry

was assumed. Each landing gear strut is assumed to have point contact with the runway

profile. The model has aerodynamic lift and drag, and thrust applied at the aircraft's

center of gravity.

The airplane is free to pitch, plunge and translate horizontally down the runway and

each landing gear unspnuig mass is free to translate vertically. To these rigid body

degrees of freedom, up to 30 airframe modes of vibration are included. This airplane

motion is controlled by the landing gear strut forces, lift, drag, thrust and the resisting

parameters of aircraft mass and inertia. The landing gear struts are nonlinear, single or

double acting oleo pneumatic energy absorbing devices and are represented in the model as

the sum of the three nonlinear forces; pneumatic, hydraulic and strut bearing friction. The

tire force is represented as a linear spring constant times an instantaneous deflection.

The runway elevation profile data provides the forcing function for the mathematical

model. The profile data is input on two foot intervals and is then made continuous by

fitting a polynomial curve through three elevation data points and the slope from the end

of the previous profile segment. This polynomial fit technique simulates the engulfing

effect that a tire exhibits on step bumps.

The differential equations of motion for the mathematical model (figure 1) were

derived by application of the method of Lagrange. These coupled nonlinear differential
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equations that describe the simulated aircraft response are solved using a direct three term

Taylor series with a time step increment of 0.001 second.

The computed results are displayed as time history printouts or plotted time histories

of either gear forces or fuselage vertical accelerations.

TAXI was originally developed in 1970 and has been validated with actual aircraft test

data on many occasions. Figure 2 shows a comparison of simulated versus measured

aircraft dynamic response for the B-52 aircraft operating out of U-TAPAO AB Thailand

during the Vietnam War. Since then, many fighter, cargo, and bomber aircraft have been

simulated with TAXI and validated with measured test data. Consequently, a great deal of

confidence exists in using TAXI to predict aircraft dynamic response.

The runway profile data used to represent the Dyess runway was measured by Dyess

civil engineers using a rod and level. Measurements were taken every two feet for the

entire length of the runway. Figure 3 shows a plot of a section of the Dyess profile

compared to a known smooth runway at Palmdale CA.

Figures 4 and 5 show the plotted response generated by TAXI of the B-IB aircraft

taking off of the Palmdale runway and the Dyess runway, respectively. The difference in

load factor level is significant.

The change in dynamic response for the KC-135 was also significant, but not as severe

as the B-lB. One reason for this increase response is that the B-IB flexible wing and

fuselage structure resonated with the rigid body modes of vibration.

Structurally Critical Locations

The locations on the aircraft structure examined in this analysis were chosen by the

aircraft contractors. The selection of these so-called structurally critical locations was

based on the respective contractor's experience with the KC-135 and the B-IB and the

sensitivity of these aircraft to ground loads.
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Two structural locations were chosen for the KC-135 analysis, and four locations for

the B-IB analysis. The two structural locations chosen for the KC-135 analysis are an

upper wing skin section and a fuselage crown station. The wing detail is an upper wing

skin section located at a fuel filler cap cutout between stiffener S-10 and S-I1 at wing

station 295. The material used at this station is 7178-T6 aluminum. The body detail is a

stiffener located at body station 960. The material used at this location is 7075-T6

aluminum. The four locations chosen for analysis of the B-IB are an upper and lower

wing station and an upper and lower fuselage station. The upper wing station is located at

stringer number 7 at X, = 240.6. The material used is 2124-T851 aluminum. The lower

wing station is a rib land fastener hole located at X, = 314 and Y, =-23.3. The material

used is 2219 - T851 aluminum. The upper fuselage station is a dorsal longeron located at

fastener holes from Y, = 820 to Yf = 875. The material used is PH 13-8Mo, HIM0 extract.

The lower fuselage station is a longeron located at Y, = 639.5. The material used is 7075-

T6511 aluminum.

An eight mission composite stress spectrum for the two KC-135 structural locations

was also included in the data package. Included with the spectrum for each location was a

factor used to convert the accelerations at the aircraft center of gravity to stresses at the

location of interest. Stress spectra were also obtained for eac:ii of the four structural

locations analyzed on the B-lB. A load factor spectrum for the wing and one for the

fuselage was also obtained. The load factor spectrum for the taxi loads was correlated

with the corresponding stress spectra to obtain a ratio of o/n, at each of the four

structural locations. This ratio was then used to convert the accelerations at the aircraft

center of gravity obtained from the TAXI program, to stresses at the location of interest.

The stresses resulting from the taxi analysis were added to the beginning of the flight

spectra obtained from the aircraft contractors. This resulting stress spectra was used in the
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analytical fatigue crack growth analysis. Table 5 shows the maximum, minimum, and

average values for each of the taxi and flight stress spectra used in the analysis.

Since the objective of this analysis was to obtain general trends for fatigue crack

growth occurring from various runway surfaces, the damage that occurs at the actual

geometry is not important. To simplify the analytical predictions and to allow for

experimental verification of the analytical predictions, the same geometry was used for

each structural location analyzed.

The geometry used in the analysis is shown in Figure 6. It consists of a 7075-T6511

aluminum plate that is 4.0 inch wide, 16.0 inch long and 0.25 inch thick. A 0.25 diameter

hole is located in the center of the plate. For the purpose of this analysis, the hole used

was open and unloaded. In any aircraft structure, initial flaws are assumed to exist as a

result of material and structure manufacturing and processing operations. MIL-A-87221

was used to determine the initial flaw size for the test specimen. According to this

military specification at a hole where the material thickness is greater than 0.05 inch, the

assumed initial flaw shall be a 0.05 inch radius comer flaw at one side of the hole. This is

also shown in Figure 6.

Analytical Fatigue Crack Growth Prediction Methodolog v

The crack growth analysis methodology is based on linear elastic fracture mechanics

(LEFM) principles, where it is assumed that at the initiation of fracture, any localized

plastic deformation is small and contained within the surrounding elastic stress field. The

plastic zone is considered small with respect to the features of the structural geometry and

to the physical length of the crack.

The analytical method used in this analysis to predict fatigue crack growth rate is

based on tabular data and the Walker equation [5,61. The Walker equation is a
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modification of the Paris equation in that it accounts for the shift in crack growth data due

to stress ratio effects. The Walker equation is given below in equation 1.

da = C [AK (j))()J", (1)
dN

where C and n are the fatigue crack growth rate constants, AK is the stress intensity

factor range, R is the stress ratio, and m is the Walker stress ratio layer "collapsing" factor.

When plotted using a logarithmic scale for da/dN vs. AK, this equation describes a

straight line. Experimental test data shows that crack growth data is usually linear over a

limited range of crack growth rates [7]. It takes several Walker lines to account for this

change in shape. A problem arises when using the Walker equation in this manner. The

shift that occurs due to the stress ratio is parallel for each Walker line when a logarithmic

scale is used. This can be a source of error since the shift in the crack growth rate data as

a function of the stress ratio is usually not parallel throughout the entire crack growth

range. This is particularly true near the threshold stress intensity factor and critical stress

intensity factor ranges.

To account for the non-uniformity in spacing between the curves with variations in the

stress ratio, Mr James Harter developed the Point-by-Point Walker Shift Method. [6]

This method is used in the fatigue crack growth prediction program called MODGRO.

At a given crack growth rate, the crack growth rate constants C and n, may be

eliminated from the Walker equation by the relationship shown below.

AKI (I-R 1)"-' = AK1 (1-R))"-' (2)
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Both R and AK are known during a crack growth rate test. Therefore, only one

equation is needed to determine the value of m for a given crack growth rate. MODGRO

uses 25 pairs of tabular da/dN vs. AK data. This requires experimental data for two

different stress ratios to determine the 25 associated m values.

The stress intensity factor solution used in this analysis for a single comer crack at a

hole is based on the work accomplished by Newman and Raju and is documented in

Reference 8.

Since this case deals with a part-through flaw, the analysis transitions to the case for a

single through crack at a hole when the depth of the crack has grown through 95 percent

of the specimen thickness.

Since a variable amplitude spectrum loading is being used in this analysis, it is

important to consider the effects of load interactions on the crack growth behavior.

Results from experimental fatigue crack growth tests have shown that tensile overloads

cause a retardation in the crack growth rate. The amount of retardation depends on the

ratio between the magnitude of the overload and the subsequent cycles. Hold periods,

where the stress is maintained at a positive load, increase the retardation effect. Multiple

overloads can significantly enhance retardation [9]. The fundamental assumption of yield

zone models used in crack growth predictions is that there is retardation as long as the

current plastic zone is contained within a previously generated plastic zone.

The retardation model used in MODGRO is the Generalized Willenborg model [10].

This model relates the magnitude of a retardation factor to the overload plastic zone size.

The magnitude of this retardation factor is determined by using an effective stress intensity

factor that senses the differences in the compressive residual stress state caused by

differences in the load levels. The effective stress intensity factor, KIeff, is equal to the

remote intensity factor, K., for the kth cycle minus the residual stress intensity factor, KR.
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KI(eff = Ki- KR (3)

The residual stress intensity factor, the real meat of the Generalized Willenborg model is

given by equation 4.

K= [KO I a _ao_ 1/2 _ (4)
ZOL

where K.. is the maximum stress intensity factor corresponding to the remotely applied

stress of the current cycle in the crack growth calculation. The incremental crack growth

immediately following the overload cycle is Aa = a, - aOL. . The overload plastic

yield zone size is given by ZOL. The multiplier 9 is determined from

KR=

= R 30-1 s

where K., is taken to be the lowest value of K that will cause a crack to grow for R--O.

It is determined from the relation of K. = AK/(1 -R). Rso is the overload shut-off

ratio, and is defined as the ratio of the overload maximum stress to the subsequent

minimum stress required to stop further crack growth.

Kn,x,.so =-- (6)
Kmnx,

This ratio is determined by experimental testing and is affected by the type of

underload/overload cycle, as well as the frequency of the overload occurrence. Equation 3
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indicates the complete stress intensity cycle is reduced by the same amount. This means

that the retardation effect is sensed by the change in the effective stress ratio calculated by

K,.aj.4f KW,- KR mRe-i- (7)
K=.Lf Kw - KR

Another load interaction effect that must be considered when using variable amplitude

spectra is the crack growth acceleration effect due to compressive underloads. A

compressive underload will annihilate some of the residual compressive stresses left by a

tensile overload and reduce the crack retardation benefit caused by a tensile overload.

MODGRO incorporates a method to handle compressive load effects. When a

compressive stress in encountered, the overload yield zone size is reduced by the ratio of

the minimum stress to the most recent overload stress. An effective crack is also

determined by adding the current yield zone to the calculated crack length. If this

effective crack length extends beyond the overload yield zone, then the previous overload

is no longer assumed to retard crack growth.

All of the stress spectra used in this analysis contained blocks of cycles. The

numerical method used to accumulate the growth of a crack is a modification of the

Vroman linear approximation technique. This method assumes that the crack growth rate

is constant throughout a block of cycles. A limit of 3 percent was used as the maximum

allowed crack growth increment. This crack growth increment is divided by the current

crack growth rate to determine a value for 8N. If the number of cycles in the cirrent

block is greater than 8N , the crack length is incremented by 8N • -a. If, however,
DN

the value of 8N is greater than the number of cycles in the current block, the crack
Da

length is incremented by N - , where N is the number of cycles in the current
DN
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block. After the crack length has been increased, a new crack growth rate is determined

and the integration procedure continues.

RESULTS

MIL-A-87221 contains criteria for aircraft taxi ground loads. The criteria is based on

load factor occurrences experienced at the aircraft center of gravity. A summary of the

load factor occurrences predicted for each aircraft model during the taxi analysis is shown

in Tables I through 3. Also shown, as a reference, are the guidelines presented in the

military specifications. The results listed in these tables include the load factors

experienced during both takeoff and landing. For this study, the ground loads experienced

during taxi were assumed equivalent to those experienced during landing. The results

presented in these three tables for the two aircraft and three runways show that the Dyess

runway is the roughest of the three runways. This conclusion is based on the larger

number of load factor occurrences experienced by each aircraft operating on this runway

compared with the results obtained by operating on the other two runways. The smoothest

runway is the King Kamehameha runway in Saudi Arabia. Notice that the fewest number

of load factor occurrences are obtained using this runway, and also the smallest

acceleration peaks occur on this runway.

The analytical fatigue crack growth predictions are shown in Figures 7 through 10. A

summary of these results are shown in Table 4. The fatigue life of the KC-135 fuselage

location is reduced by 4.7% when operated on a rough (Dyess) versus a smooth (KKAB)

runway. This is shown graphically in Figure 7. This is an insignificant reduction in life,

especially since it occurs over a period of more than 20,000 flights. A summary of the

stress spectra used for all the analyses is presented in Table 5. The reason the change in

taxi spectra for the KC-135 fuselage locations produces insignificant results is that the

flight stresses are more severe than the taxi stresses. These flight stresses dominate in the
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analytical fatigue crack analyses. Most of the overload zones are produced from the flight

stresses.

Figure 8 shows the fatigue crack analyses for the upper wing location on the KC-135.

For this case, operation on the rough runway at Dyess reduces the life by 47.5% over

operation on the KKAB runway, certainly a significant reduction. However, when one

considers that this reduction occurs over a period of more than 93,000 flights, these results

become less significant. These results are reasonable when considering the stress spectrum

used in the analysis. The flight stress are all in compression, which is expected since the

wing experiences a vertical force in flight due to the force of lift. This will put the upper

surface of the wing in a state of compression. Therefore, since the opposite trend occurs

while the aircraft is on the ground, the only tensile stresses on the upper wing occur as a

result of the ground loads. The long life predicted seems reasonable when one considers

that the ground loads are relatively small. The average stress from the taxi loads used in

the analysis is roughly 6 ksi. The stress ranges used at this location are also very small.

This means that the stress intensity factor range will also be quite small. Since this is the

driving parameter for the fatigue crack growth, the !ong life prediction is reasonable.

The fatigue crack analysis results on the upper fuselage location for the B-IB are

shown graphically in Figure 9. Notice that the stresses occurring during taxi operations on

different runway have no effect on the fatigue crack growth surface roughness conditions

at this structural location. The stresses experienced at this location are very high, as Table

5 shows. This is why a material with a strong resistance to fatigue crack propagation must

be used at this location. Table 5 shows that the average stress range for the flight loads

are more than 10 times as large as that for the ground loads. In fact, the stress range for

the ground loads is only about 1 ksi. Since the critical crack size for this location is very

small (0.16 in), the AK for the ground loads is probably not above the threshold level.
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If the critical crack size were larger, this small AK value may be above the threshold

value and hence would have an effect on the fatigue crack growth rate.

Table 5 shows that all the stresses occurring at the lower fuselage location are in

compression for both the taxi and flight spectra. Since a crack does not open under

compression, and hence AK < 0 is undefined in the analytical fatigue crack predictions,

there is no fatigue crack growth at this structural location.

The analytical fatigue crack growth predictions, for the B-IB lower wing location is

shown in Figure 10. Once again the various taxi stress spectra do not have any effect on

the fatigue life at this structural location. All of the taxi stresses are compressive for the

lower wing. The only effect that the compressive stresses have is to accelerate the crack

growth rate. The manner in which compressive stresses are accounted for in the analytical

code were discussed earlier. If the current plastic yield zone has grown out of the

overload zone before a compressive stress is encountered, that compressive stress has no

effect on the fatigue crack growth. There are some compressive stresses contained within

the flight stress spectrum itself. These loads may account for acceleration effects before

the taxi stresses are reached. Since there are quite a few tensile cycles encountered before

and after each taxi spectra, the crack has probably grown out of the current yield zone and

a new overload zone is created.
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CONCLUSIONS AND RECOMMENDATIONS

The objective of this study was to determine what effect, if any, nmway surface

roughness has on aircraft fatigue life. Based on the initial results obtained for the KC-135

and B-IB analyses, it appears that runway roughness has a minimal effect on the aircraft

fatigue during the life of the aircraft. This conclusion is, however, speculative because of

questionable stress levels used in the analysis and therefore requires further analysis or

testing for verification. Other airframe structural locations should be analyzed, particularly

the landing gear. Verification of the fatigue crack growth predictions should be made with

experimental testing using the same stress spectra, material, and geometry. Validation of

the taxi analysis computer code could be accomplished with an aircraft flight test program.

This would also produce actual stress data which would remove any errors involved in

transferring aircraft c.g. acceleration data to stress data at the location of interest.

Several conclusions can be made with a high level of confidence, based on the results

obtained from this study. The first is that the Dyess runway is indeed a rough runway.

This conclusion is based on aircraft pilot station and c.g. acceleration data obtained from

the taxi analysis computer code. The second conclusion is that the KC-135 seems to be

more sensitive to fatigue crack growth than the B-1B, even though higher load factors

were obtained at the c.g. on the B-lB. This is probably due to design and structural

considerations. The third and final conclusion is that the B-IB is more sensitive to runway

roughness than the KC-135.
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CUMULATIVE OCCURRENCES/1000 RUNWAY LANDINGS
THAT LOAD FACTOR (Nz) IS EXPERIENCED AT THE C.G.

LOAD OCCURRENCES OCCURRENCES OCCURRENCES

FACTOR (KC- 135) (B-1a) (MIL-A-87221)

1 -/- 0.0 972000 4480000 988000

1 ./- 0.1 1702000 2716000 388000

1 ./- 0.2 404000 516000 58000

1 ÷/- 0.3 74000 200000 4200

1 ./- 0.4 0 32000 186

1 /-0.5 0 0 8

1 ./- 0.6 0 0 0.31

1 ./- 0.7 0 0 0.01

1 .- 0.8 0 0 0

TABLE 1 DYESS RUNWAY

CUMULATIVE OCCURRENCES/1000 RUNWAY LANDINGS
THAT LOAD FACTOR (Nz) IS EXPERIENCED AT THE C.G.

LOAD OCCURRENCES OCCURRENCES OCCURRENCES

FACTOR (KC-135) (8-16) (MIL-A-87221)

1 .1- 0.0 1428000 4490000 988000

1 .1- 0.1 1572000 3150000 388000

1 ./- 0.2 142000 302000 58000

1 .1- 0.3 4000 22000 4200

1 .1- 0.4 0 4000 188

1 /-0.5 0 0 8

"1 -1- 0.8 0 0 0.31

1 ./- 0.7 0 0 0.01

1 .- 0.8 0 0 0

TABLE 2 PALMDALE RUNWAY

CUMULATIVE OCCURRENCES/1000 PUNWAY LANDINGS
THAT LOAD FACTOR (Nz) IS EXPERIENCED AT THE C.G.

LOAD OCCURRENCES OCCURRENCES OCCURRENCES
FACTOR (KC-135) (8-18) (MIL-A-87221)

1 -/- 0.0 2820000 6240000 988000

1 ÷/- 0.1 322000 1690000 388000

1 ÷/- 0.2 0 8000 58000

1 /-0.3 0 0 4200

1 -/- 0.4 0 0 188

1 *-0.5 0 0 8

1 /-0.6 0 0 0.31

1 .I- 0.7 0 0 0.01

1 .- 0.8 0 0 0

TABLE 3 KING KAMEHAMEHA RUNVWY
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STRUCTURAL LOCATION CRITICAL CRACK LENGTH (IN.) NUMBER OF FLIGHTS

KC-135 FUSELAGE
1. DYESS 1.525 22659.9
2. PALMDALE 1.531 23679.9
3. KKAB 1.531 23788.9

KC-135 UPPER WING
1. DYESS 1.767 49150.0
2. PALMDALE 1.807 84206.0
3. KKAB 1.768 93670.0

B-IB UPPER FUSELAGE
1. DYESS 0.160 21.4
2. PALMDALE 0.160 21.4
3. KKAB 0.160 21.4

B-lB LOWER WING
1. DYESS 1.705 12485.0
2. PALMDALE 1.705 12485.0
3. KKAB 1.705 12485.0

TABLE 4 FATIGUE CRACK GROWTH ANALYSIS SUMMARY
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STRUCTURAL LOCATION TAXI STRESS SPECTRUM (KSI) FLIGHT STRESS SPECTRUM (KSI)

MAX. AVE. MIN. AVE. MAX. AVE. MIN. AVE.

KC-135 FUSELAGE
1. DYESS 8.35 6.36 3.90 5.77 14.99 10.48 2.70 6.82
2. PALMDALE 7.56 6.29 4.69 5.91 14.99 10.48 2.70 6.82
3 KKAB 6.88 6.17 5.60 6.05 14.99 10.48 2.70 6.82

KC-135 UPPER WING
1. DYESS 8.23 6.28 3.86 5.70 8.82 -5.07 -13.40 -9.17
2. PALMDALE 7.46 6.21 4.63 5.84 8.82 -5.07 -13.40 -9.17
3. KxAs 6.79 6.09 5.53 5.97 8.82 -5.07 -13.40 -9.17

9-1B UPPER FUSELAGE
1. DYESS 19.29 13.46 8.19 12.50 56.69 31.27 -1.42 16.57
2. PALMDALE 17.02 13.68 7.87 12.25 56.69 31.27 -1.42 16.57
3. KKAB 15.78 13.32 10.52 12.62 56.69 31.27 -1.42 16.57

5-I LOWER FUSELAGE
1. DYESS -2.45 -3.73 -5.76 -4.02 -0.91 -7.93 -31.83 -13.96
2. PALMDALE -2.35 -3.66 -5.08 -4.08 -0.91 -7.93 -31.83 -13.96
3. KKAB -3.14 -3.77 -4.71 -3.98 -0.91 -7.93 -31.83 -13.96

B-1B UPPER WING
1. DYESS 3.45 2.41 1.46 2.23 2.41 -4.64 -17.39 -10.16
2. PALMDALE 3.04 2.44 1.41 2.19 2.44 -4.64 -17.39 -10.16
3. KKAB 2.82 2.38 1.88 2.26 2.38 -4.64 -17.39 -10.16

B-1 LOWER WING
1. DYESS -0.99 -1.51 -2.33 -1.62 12.48 7.38 -1.71 3.14
2. PALMDALE -0.95 -1.48 -2.05 -1.65 12.48 7.38 -1.71 3.14
3. EKAB -1.40 -1.61 -1.73 -1.52 12.48 7.38 -1.71 3.14

TABLE 5 STRESS SPECTRA SUMMARY
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A COST EFFECTIVE IMPROVEMENT IN STRUCTURAL FATIGUE LIFE
THRU GUARANTEED FASTENER HOLE QUALITY

INTRODUCTION

A prime concern in aircraft design and fabrication is the
techniques used for joining structural members and components.
The method most commonly used is some type of mechanical
fastening system. But, whenever holes are placed in components
for the purpose of joining them together with bolts or fasten-
ers, the stress concentration resulting from these holes
significantly reduces the dynamic load which the components can
safely carry. It is sometimes possible to reduce the importance
of these stress concentrations by locating the holes in areas
which are not critically stressed. As a practical matter
however, the requirlpents for fasteners are so numerous and
their placement so widespread that other means must be used to
mitigate the fatigue strength degradation due to the stress
concentrations caused by many holes.

As a consequence, many varieties of "joint fatigue life
enhancement" fastener systems have been developed. One of the
most widely used approaches to enhancing the fatigue life of
structural joints is through the use of interference fit
fasteners. Fasteners designed to produce a controlled interfer-
ence with their hole preload the region around the hole in such
a way that the range of cyclic stress will be reduced, thereby
improving the joint fatigue life.

Experience has shown that the joint fatigue performance of
interference fit fasteners is highly dependent upon the prepara-
tion of the holes into which the fasteners are placed. This
presentation (Figure 1) discusses the effects of fastener hole
quality on structural fatigue life, the methods currently used
to inspect and evaluate holes and their limitations, and a new
cost effective method which has been developed that assures hole
quality.

EFFECTS OF HOLE OUALITY ON FATIGUE LIFE

Although it may be assumed that fastener hole quality may
have an effect on joint fatigue life, a belief has existed that
by placing an interference fit fastener in the hole, any effects
of poor hole quality are mitigated. In actuality however, very
little experimental data exists to verify this belief. About
the only comprehensive test results available on the effects of
hole quality on fatigue life of interference fit structural
joints is contained in a report issued by the U. S. Air Force

264



Materials Laboratory in 1977. This report, AFML-TR-77-185,
"Verification of Production Hole Quality", concluded that a
variety of hole quality factors (listed in Figure 2) will
adversely affect joint fatigue life. The results of this study
are summarized in Figure 3 and further discussed below.

Hole Size/Interference The amount of interference between
the fastener and hole must be within specification limits
to achieve desired joint life performance. Variations
within specification limits have little effect, but low
interference fits produce larger data scatter.

Bering Barrelling Figure 4) and bellmouthing (Figure 5)
of the hole have serious effects on joint fatigue life. At
higher interference fits, bellmouthing has a less detrimen-
tal effect. Hole ovality (Figure 6) has a highly detrimen-
tal effect on joint fatigue life. Hole ovality is more
serious than any other single condition evaluated.

Surface Condition Holes with a surface finish greater than
125 RMS have a detrimental effect on joint fatigue life.
Rifling (Figure 7), axial scratches (Figure 8), and chatter
all have a detrimental effect on fatigue life. Surface
tears and tool marks also have a detrimental effect but to
a lessor degree.

Angularity/Perpendicularity Test results indicate that
there is no reduction in joint fatigue life for up to 3
degrees misalignment from the centerline of the hole
relative to perpendicularity of the surface (Figure 9).

Another factor considered detrimental to joint fatigue
life, although not included in the above program, are gaps
between faying surfaces (Figure 10). When a joint with gaps
between the faying surfaces is pulled together by the fastener,
stresses are induced into the members which are pulled together
which may have adverse affects on fatigue life.

In summary, any requirement to insure the fabrication of a
quality structural joint must include inspection methods to
guarantee these quality factors.

STANDARD HOLE INSPECTION METHODS

No single conventional inspection method is available which
will measure and evaluate all of the quality factors necessary
for an interference fastener hole. In fact, as shown in Figure
11, a number of separate inspections must be accomplished to
evaluate all the quality factors. These are briefly discussed
below.
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Air Gag Air gauging (Figure 12) is widely used through-
out industry for quantitative dimensional measurement of
holes. A controlled air flow is metered thru a hollow
spindle of known diameter which is inserted into the hole
to be measured. The air escapes through opposing orifices
and the corresponding pressure change is proportionate to
the distance between the spindle and the hole, thereby
providing a measure of hole diameter. Accuracies of modern
air gauging equipment are generally adequate for fastener
hole requirements.

Unfortunately, measurement is only made inside the
hole at the location of the orifices on the spindle.
Therefore, unless time and great care are taken to record
corresponding dimensional measurements all around the hole
circumference at incremental depths along the hole bore,
nothing regarding the hole shape (ovality, barrelling or
bellmouthing) can be learned. In most industrial environ-
ments today with the pressures of workload and schedule
however, detailed profiling of fastener holes is simply not
accomplished even though it has been shown that improperly
shaped holes (which provide poor bearing between the hole
and fastener) severely effect fatigue life.

Plug GuM Plug gauging is simply two master male pins,
one which is sized for the minimum acceptable diameter and
the other sized just in excess of the maximum acceptable
diameter for a particular hole. If the first pin cannot be
inserted, the hole is too small. If the second pin can be
inserted, the hole is too large. This inspection is quick,
takes little operator training, and requires minimum cost.
However, it again tells nothing about the actual size or
shape of the hole, only whether the overall diameter at the
hole entrance is within specification allowables.

Protrusion Measurement Protrusion measurements (Figure 13)
of the extension of the fastener head above the hole
surface are sometimes required for tapered fastener holes.
The proper amount of head protrusion is an indirect
indication of proper hole taper and interference fit and
therefore, to some degree, proper bearing between the hole
and fastener. This measurement is usually made with feeler
gauges or a depth gauge, is reasonably quick, dependant
upon the inspectors feel and judgement, and is rarely
recorded as a quantitative number.

Blue in Sometimes known as a Bluing Dye Pin Check,
(Figure 14) this inspection is usually required for tapered
fastener holes. A tapered pin similar in size to the hole
is covered with machinists bluing dye (Prussian blue) and
"tapped" into the hole with a mallet. The pin is then
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knocked out of the hole in such a way as not to smear the
dye and rolled onto a sheet of coordinate paper to provide
a permanent record of the results. The object is that
wherever the pin made contact with the hole, the dye was
rubbed of and where dye remains, there was no contact,
hence no bearing at that location. This method, while
antiquated and time consuming and requiring proper inter-
pretation, will provide an indication of the shape of the
hole (oval, bellmouthed, barrelled, etc.). Most engineer-
ing specifications require a minimum amount of bearing
between the fastener and the hole usually spelled out as a
percentage. This inspection does not provide any quantita-
tive measurement, only a pictorial of the hole shape. This
method can only be used for tapered holes and cannot be
applied to straight holes. Air gauging is the only
conventional method of providing any data regarding the
shape and subsequent bearing for a straight shank interfer-
ence fastener hole.

Profilometer A Profilometer (Figure 15) and a Surfindica-
tor are both stylus type surface roughness measurement
instruments designed to provide a measure of roughness (or
smoothness). Both are difficult and very time consuming to
use particularly in holes on built-up structure, and are
impractical for small fastener holes. It does provide a
quantitative measure of surface roughness however.

Visual The most common method of inspecting fastener
holes, visual inspection (Figure 16) is sometimes supple-
mented with the aid of a flashlight, mirror or Borescope.
Usually, a comparative standard is provided the inspector,
either as a series of opened half holes or photographs of
holes depicting acceptable and non-acceptable hole condi-
tions. This method is very quick but also very subjective
and highly dependent on inspector skill level.

Angularity/Pergendicularity Although several aerospace
manufacturers have developed their own proprietary methods
for measuring hole perpendicularity (Figure 17), they all
involve some form of physical measurement. Normally, for
tapered fastener holes, the head protrusion measurement
discussed above is made at 90 degree intervals around the
head and the hole perpendicularity calculated.

In summary, most of the conventional methods used today for
interference fastener hole inspection are either subjective,
depending upon the operators skill and interpretation, or are
time consuming ind costly, or both. In almost all cases when an
inspection is completed, there is no quantitative data available
on the quality of fatigue critical fastener holes, only the
inspectors initials or stamp to verify that the holes in
question were actually inspected and met drawing requirements.
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CAPACITANCE HOLE INSPECTION METHOD

Basically, in order to assure the quality (and fatigue
life) of interference fastener holes, the diameter of the hole
must be known at many locations in order to ascertain the true
size, shape, roundness and straightness of the hole. Using only
conventional inspection and measurement methods, this task is
prohibitively expensive and impractical.

However, now there is a practical and inexpensive method
available to achieve this purpose which uses the principle that
electrical capacitance varies inversely with the distance
between two opposing plates (Figure 18). By using a capacitance
measuring probe with many tiny capacitor plates and the hole
wall as an opposing plate, discrete changes in the hole condi-
tion can be quickly and accurately measured as shown in Figure
19. By placing capacitor sensors around the circumference of
the probe, the circular shape of the hole can be readily
determined as illustrated in Figures 20 and 21. Accordingly,
with capacitor sensors placed along the length of the probe, the
entire bore of the hole (See Figures 22 and 23) can be measured
and evaluated for straightness and other factors relating to
correct interference and bearing.

A high speed microcomputer converts capacitance data into
dimensional values for true hole size, and highly sophisticated
algorithms then determine the hole shape, roundness, straight-
ness, etc. This information is then compared with specifica-
tion tolerances already loaded into memory to provide a simple
go-no-go signal to the operator.

This method, known as the Capacitance Measurement System,
or simply CMS and shown in Figure 24, is finding widespread
usage throughout the aerospace industry for inspection of
interference fastener holes. It is extremely accurate, requires
a minimum of operator training, and inspects a fastener hole in
just a little over one second, and records all the data from
each inspection for future reference. Now, for the first time,
each and every critical fastener hole can be economically
inspected to guarantee its quality is acceptable for maximum
fatigue life performance.

The CMS is basically comprised of four major components.
These are 1) the capacitor probe which is inserted into the
hole, 2) an electronics assembly which contains all the circuity
necessary for measuring extremely accurate capacitance values,
3) a microcomputer which processes, analyzes and stores the data
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as well as displaying graphic and pictorial representations of
the hole, and 4) a hand held device with which the operator can
remotely control the system's operation (see Figure 25).

All the operator requires at the workpiece to perform hole
inspections is the capacitor probe and the hand held control
device. Each hole requiring inspection has its own number and
the specification requirements for that hole are contained in
computer memory. The operator simply calls up the hole number
to be inspected by increasing or decreasing the increment
switches (see Figure 26). After inserting the probe into the
fastener hole, the operator simply presses the test button
located on the hand control device and all three of the lights
go out while the CMS makes its capacitance measurements. In
about two-tenths of a second, all three lights will come back on
while the computer is analyzing and processing the data. After
about a second, two of the lights will go out and one light will
remain on. If the light which remains on is green, the hole is
acceptable, that is, it has met the specification requirements
for that particular hole. A red light indicates that the hole
is unacceptable, and a yellow light signals that a retest is
necessary. Usually a retest is the result of the operator not
completely inserting the probe into the hole.

The complete system is housed in a convenient pushcart,
shown in Figure 27, which is easily transported around a shop
floor. The cart contains storage drawers for extra probes,
cables, etc. The capacitor probes are available in many sizes
and shapes (as seen in Figure 28) to accommodate almost any
conventional size fastener hole. The system operation is user
friendly (Figure 29) and training usually takes less than a half
day. The microcomputer used with the CMS is a Hewlett-Packard
R/332 controller shown in Figure 30 which is operated by a touch
screen. Each and every hole inspected can be displayed on the
microcomputer screen in several different ways. Figure 31 shows
what is called circular plots (or horizontal slices) of the
hole. The upper left plot represents the top of the hole, and
the lower right represents the bottom of the hole. Each of the
remaining plots is a corresponding slice down the hole bore.
For each plot, the larger dotted circle represents the maximum
hole diameter established by the drawing specification, and the
smaller dotted circle represents the minimum hole specification
diameter. The solid line shows the actual hole diameter and
shape at each of the locations down the length of the hole.

Each hole can also be displayed in vertical cross-section
as shown in Figure 32. These are four vertical slices of the
hole taken at 45 degree intervals. The two sets of dotted lines
represent the minimum and maximum requirements for the hole, the
dashed line represents the hole center, and the solid line is
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the actual hole shape at that location. You can see at the top
of this Figure that the actual hole measurements are displayed
(minimum, maximum and average) along with the specification
requirements. These measurements can be printed on hard copy
for each and every inspection by hole number, all in about one
second per hole and to an accuracy of +/- 0.0001 inches.

APPLICATIONS

Figure 33 illustrates the time required to perform all the
conventional inspections that are usually required in order to
insure maximum fatigue life performance for a critical interfer-
ence fit fastener hole . A conservative estimate is about 5
minutes per hole assuming all the equipment and documentation is
available at the work site. At an average production manhour
rate of $50.00 per hour, each fastener hole cost approximately
$4.16 to inspect if done correctly (Figure 34). For an aircraft
that may have as many as 10,000 fatigue critical fastener holes,
that computes to a fastener hole inspection total cost of
$41,650.

By using the Capacitance Measurement System which performs
all the required inspections with a single probe insertion in
just a little over one second, a conservative assumption would
be an average hole inspection time of about 3 seconds. This
equates (see Figure 35) to a cost of less than $0.05 per hole,
or less than $500 for the same aircraft with 10,000 fastener
holes. The savings on just one such aircraft would almost pay
for the cost of the entire capacitance system. And the accuracy
and consistency of the inspection results assures hole quality.
Maximum fastener hole fatigue life can by guaranteed.

This is why so many aerospace manufacturers are now using
the CMS for inspection of all interference fastener holes,
straight or tapered. Figure 36 shows a growing list of applica-
tions where the CMS is being used in either initial manufacture
of new holes, or in modification/rework programs where either
new holes are drilled or old holes are reamed prior to reuse.

The Capacitance Measurement System (Figure 37) is a unique
and innovative approach to an old and troublesome inspection
problem. One which uses the established principle of electrical
capacitance coupled with the latest computer and electronic
technology to provide a better, cheaper, and faster way of
guaranteeing hole quality (Figure 38). Further information on
the Capacitance Measurement System may be obtained from Measure-
ment Systems Incorporated (Figure 38), 2262 Northwest Parkway,
Marietta, Georgia USA.
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ABSTRACT

A unique method is examined for reducing the growth rate of

fatigue cracks in aluminum alloy sheet materials. This is accom-

plished by thermally inducing a tensile residual stress in front

of the crack.

2024-T3 and 7075-T6 aluminum alloys center-cracked tension

specimens were made for fatigue testing. The crack growth rates

of the specimens with localized heating to 2000C and global

cooling by liquid nitrogen are compared with those with no treat-

ment. Based on these preliminary results, 7075-T6 aluminum sheet

specimens show a reduction of crack growth rate by 50% while

2024-T3 aluminum specimens show a reduction of 33%. At this

stage, the conclusion may be premature but yet these results

indicate that extending fatigue life is possible.
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1.0 INTRODUCTION

Aircraft safety has always been of paramount importance, for

both the military and commercial aircraft industry. For example,

the B-52 has long been designated as the primary aircraft for

long range delivery system. Many of the present-day pilots of

these aircraft were not even born when their planes were first

put into service. To keep these planes flying for so many years,

a great deal of maintenance, inspections and even several ccm-

plete refurbishments have taken place. The basis and issues dis-

cussed at this conference clearly illustrate the concerns DoD has

on the subject. The commercial air transport industry is faced
with a similar but slightly different problem than those encoun-

tered in the military. The aging aircraft issue presents a major

economic challenge to both military, as well as commercial air

carriers. The average age of commercial airline airplanes is

12.9 years. By 1993, over 1,350 Boeing 727, 737 and 747 aircraft

will exceed their economic design life.

Several studies have been performed by a variety of Govern-

ment agencies to insure the safety of the older fleet of commer-

cial aircraft. The concerns of the Federal Aviation

Administration (FAA), aircraft manufacturers, NASA and the air-

lines have recently begun a general review of aircraft mainte-

nance, inspection and design. Even so, recent DC-10 and 737

failures have dramatized the need for more control on inspection

procedures, and new methods have to be employed if the aircraft

life is to be extended.

The two choices for the original operators are: 1) retire

the older aircraft from service and replace these with new ones

or 2) perform the required inspection and maintenance operations

until the aircraft reaches its economic life. If the first

option is selected, then the responsibility of aircraft certifi-

cation is relegated to the new owner.
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It has been estimated that approximately $600,000 to

$800,000 will be required per aircraft to replace the fuselage

rivets and sheet material in the early Boeing 737 I1] (the

primary cause of the Aloha 737 failure). Since the replacement

cost of an aircraft is on the order of $28 million plus, and the

buying cycle and supply of aircraft requires a minimum of three

years lead time, extension of aircraft life is essential. To

reduce the economic impact of this dilemma, engineering studies

have been used to define ways to extend aircraft life. In 1975,

Yang [2] demonstrated that the cumulative cost of maintenance,

inspection and repair was well within acceptable economic limits

for two and perhaps four service lifetimes of the aircraft.

These same conclusions can be drawn today, but probably with less

optimistic forecasts. The accepted reliance on fracture mechan-

ics methods has proven to be an efficient tool for the industry.

The effects of an overload or underload on subsequent crack

propagation are understood qualitatively; however, obtaining a

quantitative estimate for structure life requires a fracture

mechanics approach that models the basic physics at the crack tip

without being burdened with excessive computations. Vlieger [31

has presented a discussion on how to determine a Safe Inspection

Period (SIP) for damage-tolerant (Fail-safe) and fatigue (Safe-

life) composite metal structures. For various load path and

structural designs, a Safe Inspection Interval (SII) is estab-

lished. The FAA recommends [4]:

for single load path damage tolerant structures (slow crack

growth structures):

SII = SIP/3
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arid for multi-site fail-safe structures:

SII = SIP/2

Thus, the examination of a new and unique method that uses these

principles for reducing the rate at which fatigue cracks propa-

gate is in order.

Prof. Earl R. Parker, formerly with the University of

California, has filed a patent disclosure entitled "A Method For

Greatly Retarding The Rate At Which Fatigue Cracks Will Grow In

Aluminum Alloy Sheet Materials Used In Aircraft", dated May 9,

1989 [5). Prof. Parker's patent disclosure is principally based

upon the metallurgical aspects of the material properties and

their extension to crack growth rates. The proposed method pro-

vides a relatively simple and inexpensive means for greatly

retarding crack growth rates, and in some cases, for actually

stopping a crack in an aluminum alloy sheet material. Prelimi-

nary results of an investigation by Anamet are presented herein

to provide a technical basis for the procedure. The examination

of the behavior of the stress intensity factor is used to demon-

strafe the feasibility of the proposed method. If the stress

intensity at the tip of a crack is reduced by a factor of two,

the growth rate of the crack can be reduced by a factor as much

as one tenth. In this way, the proposed method can be applied to

aircraft during the regular inspection procedures now set forth,

and can therefore add years of service life with the assurance of

safety. The delineated approach will provide a logical and

assured solution, as well as the theoretical basis for this life

extension concept.

2.0 TECHNICAL DISCUSSION

The overall simplicity of linear elastic fracture mechanics

(LEFM) is an inherent advantage when using a computational proce-
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dure that must account for millions of cycles of behavior; unfor-

tunately, many crack-related phenomena are not captured within

the framework of LEFM. That these phenomena are not predictable

in a linear sense is irrefutable evidence that the proper and

complete mechanics of the fracture process are not properly

modeled. To develop a methodology that will permit the suppres-

sion of growth of cracks, this modeling must be adequately repre-

sented in the evaluation. Preliminary investigation of the crack

suppression process from both a structural mechanics and metal-

lurgical point of view provides the justification of the proposed

approach. This paper initially examines the overall first order

effects of local behavior.

2.1 CLASSES OF FAILURE

It is the consensus of most air transport, commercial

carrier and military system managers that older aircraft will

continue to be in service despite the added maintenance costs

resulting from the inspection and repair requirements imposed by

the FAA and the military Logistic Centers. Because of the eco-

nomic environment, it will be cheaper to operate and maintain

these aircraft than to purchase new ones. As the age of the

fleet increases, so does the likelihood of fatigue crack exis-

tence. Several Service Bulletins and Airworthiness Directives

have been issued by the FAA that pertain to investigative proce-

dures designed to detect and repair cracks found in aging air-

craft. Interestingly, the size or extent of the crack length is

never specified in these directives, although the airframe man-

ufacturer has specific limits set for the inspection teams to

monitor. The location and extent of the cracks found within a

specific aircraft differ considerably with aircraft class and

type and their components. Significant numbers of cracks which

have been attributed to pressurization have been discovered in

the skin of aircraft.
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When commercial aircraft are flown, a pressurization cycle

is encountered for each landing and takeoff -- known as Ground-

Air-Ground (GAG) cycle. From nominal dimensions of typical com-

mercial aircraft used today, it is estimated that the hoop stress

due to pressurization in the skin is in the order of 15 ksi.

Experience of the operators has shown that significant crack

extensions have been observed adjacent to the lap joints along

the rivet line of mating skin surfaces in the range of 30,000 to

40,000 cycles. In addition to normal crack growth due to

pressurization-depressurization cycles, some additional growth of

these cracks has also been attributed to the corrosion process in

a hostile atmosphere.

Fatigue cracks have been observed in other parts of the air-

craft, such as in the horizontal and vertical stabilizers. These

service loads are entirely different than those encountered in

the pressurization problem, but the same proposed methodology to

reduce the extension of the cracks can be employed.

2.2 CRACK GROWTH

The rate of crack growth is specified by the change in crack

length per load cycle (da/dn). The range in stress intensity

factor is specified by either AK for LEFM or AJ for an inelastic

path-independent process. The linear elastic fracture mechanics

definition for the stress intensity factor, K, is given by Irwin

[6]:

K = YOcý(ja)

where a. is the remote boundary stress, 2a is the crack length

and Y is a shape correction factor that accounts not only for the

shape of the crack, but the method of loading, adjacency to near
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boundaries, etc. Note, for an apparent critical stress intensity

factor of iO0ksL in. (plane stress), the critical crack length is

in excess of 20 inches for the pressurization problem.

The J-integral is given by the expression

J = f (Wdy - aiJnjduL/dxds)

where, W is the strain-energy density of the material under con-

sideration, oa, is the stress tensor, u, is the displacement field,

n is the outward normal of the contour encircling the crack tip.

The J-integral can be shown to reduce to the stress intensity

factor, K, for linear states of stress. It has been observed [6]

for many aluminum materials that the relationship between the

rate of crack growth with increasing AK (AJ) follows the Paris

type [7], i.e.,

da/dn = C f(AJ)Mf

For all aluminum alloy sheet materials, this relationship falls

into a relatively narrow band, as illustrated in Figure 1 [8].

The significance of Figure 1 for this problem is that it

provides a measure of crack growth retardation: a decrease in

stress intensity factor by two corresponds to a decrease in crack

growth rate by a factor of ten. Therefore, a process must be

considered to change the state of stress adjacent to the crack

tip in such a way as to reduce the stress intensity factor.

Beyond the tip of the crack there is a region in the metal

that has undergone plastic flow. This region results from the

high state of stress of the crack tip. The stress level at the

outer boundary of the plastic flow is at the yield strength of

the material. Ideally, if a local residual stress equal and

opposite to the longitudinal stress could be introduced, the net
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Figure 1 Constant-Amplitude fatigue crack growth curves.
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stress would be zero and the crack would cease to grow. There

seems to be no simple way to introduce such a residual stress, so

the solution to the problem of retarding crack growth must come

from a different approach.

The successful solution proposed by Prof. Parker is based on

the knowledge of the microscopic nature of the crack growth

process in aluminum and its alloys. Such materials do not frRc-

ture on the plane of maximum tensile stress. Rather, the local

microscopic fracture path is on slip planes of the individual

crystals that have slip planes on or near the macroscopic plane

of maximum shear stress (at 450 angles to the direction of the

load producing stresses). The reduction in the shear stress can

be accomplished by introducing a tensile stress acting in the

direction that is 900 to the line of the load stress. If a

residual tensile stress in a direction parallel to the crack

could be introduced in the aluminum alloy sheet at and near the

crack, and extending a significant distance in the uncracked

sheet ahead of the crack, and if the magnitude of this stress

were equal to the magnitude of the longitudinal stress, the shear

stress on the 450 plane would be zero -- further crack growth

could not occur.

The method employed for producing the required stress in the

transverse direction with respect to the load and the device used

in the process comprise the basic elements of the disclosure.

The method consists of first cooling the base temperature of the

material to a sufficiently low temperature (-196oC). Next, a

strategically located strip of the sheet material is heated to a

high enough temperature (2000C) to produce a region of plastic

flow. When the base temperature of the sheet is again normal, a

residual tensile stress in the transverse direction develops.

The consistency of the residual stress around the boundary of the

plastic flow will dictate the effectiveness of the procedure.

Further, the extent of the induced plastic zone will be dictated
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by the change in material properties at the extreme temperature

limits. In this way, the properties and residual stress states

of the base material in the remaining sheet at normal ambient

temperatures will not be affected.

2.3 PRELIMINARY ANALYTICAL STUDIES

One of the primary concerns of an initial study is to assure

that the proposed process is technically feasible. It would be

prohibitively expensive only to experiment and test the proposed

procedure on different structural configurations. For each one

studied, the size and shape of the affected area and the estab-

lishment of the equipment to produce the desired effect would

have to be examined. Further, since the process is known to

require the study of nonlinear effects, a means to separate these

parameters should be provided. This can be accomplished through

computational methods. Before these studies are even pursued,

practical considerations need to be established. To gain some

insight in this proposed procedure, two methods were examined.

The first stems from a simplified analysis technique to predict

the residual stress in the direction parallel to the direction of

crack growth. The second stems from a LEFM model to determine if

extension of the initial crack is possible during the cool down

cycle.

A procedure to calculate the residual transverse direction

stress is enumerated below:

1. Calculate the elastic strain e. at the 24oC yield
stress (see Figure 2).

2. Calculate the elastic strain, cyr at a selected temper-
ature, T.

3. Calculate the thermal expansion strain, c. at T.

4. Equate thermal expansion strain to CyT+EPT and solve for
EPT.
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5. Calculate the residual stress in the transverse direc-

tion, Ow, at 240C that is produced by EpT.

6. Equate shear stress tLv to (oL-Ov)/ 2 , where oL is the
stress in the longitudinal crack direction.

The reduction of the maximum shear stress, ay/2 by a trans-

verse direction tensile stress equal to 50% of aL would reduce

the crack growth rate, da/dn by a factor of 10. Similarly, a

value of - = 75% of OL/ 2 would reduce the crack growth by a

factor of at least 50. These rates are based on data presented

in Figures 1 and 2 [9].

To establish the possibility of crack growth during the cool

down cycle, LEFM was employed. A specimen as shown in Figure 3

was selected. The dimensions of the original length of the crack

and the dimensions of the specimen were selected for analysis

convenience only. The material is assumed to be an aluminum

alloy. A selected zone of heating is assumed to be approximately

0.2 in. long. The temperature distribution as a function of time

was calculated. An initial temperature of -1960C was imposed

along this strip. At approximately 150 milliseconds (ms) in the

thermal cycle, a reversing temperature of 2000C was imposed. The

temperature distribution resulting from a two-dimensional finite

element solution was determined at all of the nodal points of the

model throughout the specimen, and these transient temperatures

were saved for further processing.

From the thermal distributions at specific times along the

thermal cycle, the states of stress were calculated. The crack

element used in Version 66 of MSC/NASTRAN, which was developed by

Anamet, was used to determine both the stress state and stress

intensities [10,11]. The results of this study are given in

Table 1.
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Figure 3 Test specimen (all dimensions are in inches).
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TABLE 1

STRESS INTENSITY FACTORS AT DIFFERENT APPLICATION TIMES

Ki Ki I

Time (ms) psi jin-i psi ji7

10 17,872 786
20 28,315 1,253
50 45,753 2,011

100 59,583 2,605
150 65,468 2,858
160 36,597 1,587
170 19,729 834
200 -8,441 -391
250 -30,783 -1,351
300 -40,289 -1,759

The maximum allowable stress intensity factor (Kapp) for

thin sheet aluminum at the coolest temperature (-196oC) is esti-

mated to be in excess of 100,000 psi 4i.. Thus, the crack will

not extend during the initial cool down phase. The reversal of

the stress intensity at the higher temperatures indicate that

Prof. Parker's hypothesis is valid, and the process is feasible.

2.4 PRELIMINARY EXPERIMENTAL STUDIES

Sample 2024-T3 and 7075-T6 specimens were constructed. Typ-

ically, a fatigue specimen per ASTM E 647-88a (12], center-

cracked-tension (CCT) was used. The baseline applied stress

level was taken to be approximately 10% of the yield strength for

each material. The minimum load is 0.10 of the maximum tension

load. Initial cracks were induced by imposing up to approxi-

mately 45,000 load cycles. Crack growths were measured on virgin

material and heat/cooled affected specimens.
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The test method to determine the crack growth rate (da/dn)

is described in ASTM E 647-88a. The constant-load-amplitude test

procedure described in this method was used to plot da/dn as a

function of the stress-intensity factor range (AK). The crack

length was measured periodically at high magnification using an

optical microscope.

The test is only valid when the specimen ligaments in the

plane of the crack are predominantly elastic at all values of

applied load; i.e., the net section stress based on the physical

crack size must be less than the yield strength of the material.

For test specimens with a constant width of 2 inches, the

value of should be less than 0.63 iH. to avoid too large a
ay

plastic zone relative to the specimen width. Without a priori

knowledge of the K values for these materials across the tempera-

ture range of interest, or even of the yield stress, the accept-

ability of the specimen geometry cannot be absolutely known for

all cases anticipated in the test. Specimen sizes must be

adjusted within these constraints to acquire acceptable data.

However, for the preliminary study, the specimen in Figure 3 was

used for both materials.

Several specimens were prepared and different heat sources

were used to develop a residual stress adjacent to the crack tip.

This study was performed to determine if life enhancement could

be achieved even though less than optimum sources were used. The

sources were:
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1) A 600 Watt laser source.

2) A free flame from an acetylene torch with an 00 tip.

3) A restricted torch with flame over an insulated mask.

4) A liquid nitrogen source.

For each of the above sources, the flux and/or film coefficients

at the specimen surface could not be measured. The conduct of

these preliminary tests were executed in such a way as to mini-

mize the fixturing costs. Temperature-sensitive patches were

used to determine when the backside of the specimen reached

approximately 2000C. When the laser source was used, only the

heating cycle was considered. The reflectivity of the aluminum

was so high that localized heating of the specific zone around

the crack could not be attained. When a black spot was used

adjacent to the crack, some control of the local heating could be

attained. However, consistent results could not be obtained,

since the spot density was not controlled. For the tests con-

ducted with a torch, temperature sensitive patches were again

used to indicate when the desired temperature had been reached.

When cold temperatures were needed, liquid nitrogen was allowed

to pass over the specimen. The backside temperature was moni-

tored with a thermocouple. When the temperature at the backside

reached approximately -1960C, an acetylene torch was passed over

a predefined slot of the insulating pad. The slot conformed to a

predetermined footprint aspect ratio. The heat source was

removed when the patch changed color. After each of the above

techniques were employed, the specimens were then ready for re-

testing.

2.5 RESULTS

In this experiment, 2024-T3 and 7075-T6 aluminum alloys were

chosen for this study. A total of 18 center-cracked-tension

specimens were used for the fatigue crack growth rate test. Two
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specimens of each material w~re tested without heating to estab-

lish a reference value of crack growth rate (da/dn). Four

2024-T3 aluminum specimens were tested after laser heat treat-

ment, and another five 2024-T3 aluminum specimens were tested

after heating with a restricted torch flame. For 7075-T6 alumi-

num, five specimens were tested after heat treatment by a

restricted torch flame and cooling. The initial crack length (a)

in the specimen is 0.425 in., and the crack is extended by

fatigue to approximately 0.625 in. The results of these tests

are listed in Table 2.

TABLE 2

TEST RESULTS

% Life
Heat Source Material Reference da/dn

(p in/cycle) (ii in/cycle)

Laser 2024-T3 3.16 0.9 251
3.17 0
3.2 0
3.15 0

Torch 2024-T3 3.16 2.23 29.4
2.10 33.5
2.30 27.2
2.31 26.9
2.29 27.5

Torch 7075-T6 5.8 2.81 52
with cooling 3.02 48

3.74 35.5
4.07 30
3.64 37.2
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2.6 DISCUSSION OF RESULTS

The results of the testb show that life enhancements are

ranging from 30% to 52% for the 7075-T6 aluminum specimens and

27% to 33% for the 2024-T3 aluminum specimens, with one exception

which reaches over 250%.

When the laser was used as a heat source, one of the 2024-T3

specimens approached the theoretical life enhancement prediction,

while the others showed no observable improvement on crack growth

retardation. This discrepancy was probably caused by the control

of the black ink spot density on the specimens. The emissivity

(reflectivity) has a strong influence on the amount of heat

absorption into the sheet aluminum. Although no life improvement

was observed in these specimens, there was no sign of detrimental

effect on crack growth by the heating process. When the acety-

lene torch was used, a consistent 27% to 33% improvement on crack

growth retardation was observed in the 2024-T3 specimens. For

the 7075-T6 aluminumn, a liquid nitrogen cooling was imposed on

the test specimens to induce a desirable tensile residual stress

in the crack growth direction. When the heat flux was applied to

these specimens, it was observed that the heating time to the

observed temperature took longer than uncooled specimens. This

is partly because the localized heating region of the specimen

has to be raised from -1960C to 2000C. It was also noticed that

liquid nitrogen vapor formed a film on the specimen which delayed

the heat transfer to the metal. Thus, this also contributed to

the longer heating time. Even with this experimental difficulty,

the 7075-T6 specimens achieved a 30% to 52% life enhancement by

this localized heating and global cooling process. The limited

life enhancement is not caused by the process but rather caused

by the lack of precision of the experiment. The feasibility of

the process is validated by the result of the laser heating on

the 2024-T3 specimen. This life enhancement concept on aluminum

alloy was also supported by the heat treatment process called
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Retrogression and Reaging [13]. This process was applied to

7075-T6 aluminum and involved a short time exposure at a high

temperature, followed by a long time low temperature reaging.

The tempering and reaging process gives high resistance to stress

corrosion cracking. For the present case, the room temperature

properties of the base material were not changed.

3.0 CONCLUSIONS

Only a limited number of specimens and heat/cooling sources

were used in this experiment, so general conclusions for univer-

sal applications to all aircraft structural components cannot be

obtained. However, it may be concluded from the present results

that laser treatment to sheet aluminum may provide the desired

life enhancement characteristics needed for the industry. The

following conclusions can be drawn from this limited investiga-

tion:

1. The process suggested by Prof. Parker to extend the

life of sheet aluminum alloys has been demonstrated --

the preliminary results are encouraging.

2. Although the majority of the results of this investiga-

tion show a limited improvement (30% to 50% increase in

life expectancy), we attribute the results to technique

and not the process.

3. It has been demonstrated that the process does not have

a derogatory effect on virgin or fatigued components.

4. With careful construction and application of the heat

and cooling source, it is possible to approach the

theoretical limits of life enhancement.

5. Research is need to more accurately document the total

effects of the process and determine its limitations.

329



Anamet Laboratories, Inc.
HAYWARD, CALIFORNIA

4.0 REFERENCES

1. De Meis, R., "Aging Aircraft," Aerospace/America, July
1989.

2. Yang, J.-N. "Stastical Estimation of Service Cracks and
Maintenance Cost for Aircraft Structures", AIAA Paper
No. 75-767, 1975.

3. Vlieger, Henk, "Damage Tolerance of Stiffened-Skin
Structures: Prediction and Experimental Verification,"
Fracture Mechanics: 19th Symposium, ASTM STP 969,
T. A. Cruse, Ed., ASTM, Philadelphia, 1988,
pp. 169-219.

4. Swift, T. "Verification of Methods for Damage Tolerance
Evaluation of Aircraft Structures to FAA Requirements,"
12th ICAF Symposium, International Committee on Aero-
nautical Fatigue, Tolulose, France, 1983.

5. Parker, E. R., "A Method for Greatly Retarding the Rate
at Which Fatigue Cracks Will Grow in Aluminum Alloy
Sheet Materials Used in Aircraft," May 9, 1989.

6. Irwin, G. R., Journal of AP~lied Mechanics, Vol. 2,
1p. 361, 1957.

7. Paris, P. C., Journal of Basic Engineering, Vol. 85,
p. 528, 1963.

8. Antolovich, S. D., Ritchie, R. 0. and Gerberich, W. W.,
"Mechanical Properties and Phase Transformation in
Engineering Materials," Earl R. Parker Symposium on
Structure Property Relationships, The Metallurgical
Society, 1986.

9. Aerospace Structural Metals Handbook, Vol. 3, 1989 Ed.

10. Woytowitz, P. J. and Citerley, R. L., "Crack Elements
for COSMIC/NASTRAN," Thirteenth NASTRAN Users' Collo-
quium, 1985.

11. Parekh, J. C., Arnold, R. R. and Woytowitz, P. J., "A
Modern Family of Crack Tip Elements for MSC/NASTRAN,"
MSC/NASTRAN Users' Conference, 1986.

12. ASTM E 647-88a, "Standard Test Method for Measurement
of Fatigue Crack Growth Rates."

13. Beddoes, J. C., deMalherbe, M. C., and Wallace, W., "A
New Approach to the Problem of Stress Corrosion Crack-
ing in 7075-T6 Aluminum", Canadian Aeronautics and
Space Journal, Vol. 27, No. 3, Third Quarter 1981.

1p\062

330



P. 0. Box 109600UN ED West Palm Beach. Florida 33410-9600
TECHNOLOGIES (407) 796-2000

ATT&WHITNEY
Government Engine Business

Quality,
NonDestructive Evaluation,

and the
",,... I P " Process

Charles Annis
Pratt & Whitney
P.O. Box 109600

West Palm Beach, Florida 33410-9600

-- Abstract --

The .... I P "process is a design and maintenance philosophy which
insists on structural integrity as an integral part of any component
design. Successful in airframes, ASIP (Aircraft Structural Integrity
Program), and gas turbine engines (ENgine Structural Integrity
Program), it is now being applied to their ancillary equipment through
PPSIP and MECSIP (Propulsion and Power Systems Integrity
Program and MEChanical equipment and subSystem Integrity
Program) and other-SIPs. These new programs are focusing attention
on the changing role of NDE in the ... IP process.

In manufacturing, NDE has long been regarded as akin to radical
surgery: non-conforming parts were culled (then reworked or
scrapped). NDE wasn't thought of as being part of the fabrication
process itself but rather something to be applied to the finished
product. But that approach is inefficient and costly, and this fact is
now recognized by American industry. To continue the medical
analogy, NDE is now viewed as preventative medicine: monitoring the
process itself to maintain statistical control and thus insure healthy
parts.

This paper discusses the changing requirements of NDE in the context
of Quality initiatives and maintenance requirements and their
contributions to the ... IP process.

331



CI)N
C,)

00

-3



C11

U nni

00

WI.

+0)0
k Z--,D,

nOn

333



00
Oc4 .M

rj) M
M-

4ui

0 -n

334-



ion

o0n0l•

42

oC, 0

0

335



EN
0 -M
c-

z

336



0

rj i

z zUW

= 0

337



_ 0

0O0

PC,

CPC
W u

Cid~

00
PMM0

-330



ON0

0 0.A

0 P0

339



1*

o6.o

340



0
0

I I

c•I

-34



* =
0~ 0

I

00

©* =
)

342



0

00

-Po 0M

'4-4

343 C



4ucu

-4> 0 "o

0 0

a)~C 0C-dC

cuý C3- a)

-- l

344



0 P1

* z

Qll

*z

*w

Co

345



00

S 0

0

00

crji

34



CA,

0 CA)

4- Cd

00

4 -' 

0 )

00

3474



W

I0c
C 

c)Co
0) 0) -

0 .

E0 no
&M ai 2m

cn~

cis~

Ma
0

348



__I

0

0 L c

U- .0 0 _

- C) C

00

349



4))

COS

0 50

0
0)6

350



0W

0!0

6) 0

E

a_ 0) ••



I

0 C

0U

0)
z1



I I

le)
S21.

E CL

_ U) E

cc C% U
0 0

3530



!ii
iL0E

I.o .. •

E --------- " YI

+

CLC cc- CL
0. S ,

IiII

CL

Z . . :.. .

354



§ 8_

0-0

-0 0 0 0
xI-

E

CO.- cl4 0'

M Cil
J9 ý. 0

00
.0 Mm

IL.

:5 355



0
c [ 0

CFO

0@

00
ca

Cl)

ID-

356

nu1n.n. nlnlll U) • i i m n I l



Surface ResidualStress Distribution OBalIelle
... Putting Technology To Work

Residual Residual
Stress, MPa Stress, ksi
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Residual Stress Profiles OBalelle
.Puffng Tech/noogy To Work

AISI 4340 Steel Sheet 0.060 Inches
Thick Split Beam Shocked
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200 40

Residual 0 Residual
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Fracture Mechanics Based Assessment of Aluminum

Stress Corrosion Durability via the Breaking Load Method

by

R. J. Bucci, D. A. Lukasak, E. L. Colvin, and B. W. Lifka
Alcoa Laboratories

Alcoa Center, PA 15069

at

1990 USAF Structural Integrity Program Conference
San Antonio, TX

1990 December 1 1-13

Abs

At Alcoa Laboratories the breaking load test procedure was developed to provide an efficient and
more discriminating accelerated laboratory practice for rating stress corrosion cracking (SCC)
performances of relatively resistant aluminum materials. The method involves residual strength
determinations from smooth tensile bars previously subjected to static loading within a corrosive
medium. The post-exposure tension test seeks out the specimen location most weakened by the
prior exposure history.

One measure of SCC degradation from the breaking load test is to compare the specimen
post-exposure strength to the original tensile strength (no exposure); the greater the strength loss
the more severe the attack. A more damage oriented interpretation of the test exploits fracture
mechanics concepts to quantify extent of SCC in terms of an "effective flaw size" calculated from
the specimen breaking strength. The effective flaw estimates maximum damage penetration from
the specimen surface, and predicted penetrations are shown to agree quite well with fractographic
evidence of actual SXC. The good agreement between prediction and experiment facilitates
mathematical representation of natural SCC flaws, and their statistical size variation with time can
be approximated from tension test results on specimens precorroded under progressively
increasing exposure durations. Thus, expression of SCC ratings in terms of both flaw size
exceedance probabilities and growth rates can be accomnmovated by a simple smooth specimen
testing approach. Further, it is shown that fracture mechanics analysis of residual strength data
provides a unifying bridge for contrasting SCC test performances from specimens of differing
geometry and materials of differing strength - toughness property combinations.

The above interpretive features of the breaking load test provide a significant improvement over
more traditional smooth specimen pass/fail or precracked specimen (Kiscc type) evaluations.
Moreover, because of its simplicity, the breaking load method is ideally suited for material
development and selection oriented to corrosion durability performance objectives.
Standardization of the breaking load test method is ongoing within ASTM Committee G 1, and
work has been initiated to develop experience after long term, natural exposures. The progress
made is encouraging, and the breaking load approach offers promise as a framework for
incorporating damage quantification into material specifications and design for corrosion integrity
assurance. An analogy is drawn between the proposed SCC test framework and emerging
fatigue durability assessment methodology.
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SCC Test/Evaluation - Traditional Approaches

Specimen Type

Smooth Precracked (LEFM)

Basic Material Data

.......... t Velocity -01 .........

Falrs+Runouts-*

Kth(All Runouts)

Time to Failure -~Crack Driving Force, K
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1000

Directional Grain Structure of 7075-T651 Hot Rolled Plate

GA 14050ksi iMPa

80 Minimum long trans. Y.S. for 64 mm (2.5 in.) thick plate

Sa, .-- Longitudinal

:60 •400

-- Q /Long transverse

- 40 -300

200

X \\ .,.• ,.. Short transverse .'

0 0
0 30 80 90

Days to failure (3.5% NaCI alternate immersion - ASTM G44)

Tests were made on 3.18 mm (0.125 in.) diameter tension specimens machined from the
mid-plane of 7075-T651 plates of various thicknesses. The solid line, lower bound defines
the 8CC performance of test specimens with different orientation to the grain structure.
Note the relatively low stress levels at which short transverse specimens failed compared
to the long transverse and longitudinal specimens.

Effects of the Magnitude of Sustained Tensile Stress and Its Orientation
Relative to the Grain Structure on the SCC Resistance of a Metallurgically

Susceptible Material
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Number of Replicate Tests Required
to Distinguish Performance Difference Between

Materials - the Baseline Having a True Failure Probability
of 5%, and the Second Having the Estimated Failure

Probability Indicated

1000
800

600

400

200 Baseline Material:
True Failure Probability: 5%

LU 80
~ 60-

60

' 40 .-- 95% Chance of Detection

E
'7 20

50% Chance

10 of Detection
8Z

6

4

2

10 20 30 40 50 60 70
Estimated Failure Probability (%) of Second Material

Being Compared to the Baseline

390



Influence of Specimen Configuration on
Short Transverse SCC Performance of

7075-T7X51
(Stressed 45 ksi)

GA-16995 4
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100 
C-ring
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w
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Typical Surface Attack in Short-Transverse Tensile Bars of Three
7075 Alloy Plate Temper Variants Exposed 6 Days in 3.5% NaCI Solution

by Alternate Immersion and Then Tension Tested

GA-28770,2
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S.Short transverse plate direction, t Plate rolling plane
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EPFM Estimate

OIEPFM - L - a4 r

Where:

UEPFM = The EPFM Breaking Stress

OUL = The Breaking Stress Predicted by the
Limit Load Failure Criterion

OLEFM = The Breaking Stress Predicted by the
LEFM Failure Criterion

a = Flaw Depth

R = The Specimen Radius

q,s = Weighting Exponents
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Fracture Stress vs. Maximum Flaw Depth in
Stress Corroded Alloy 7075-T7X1 Tensile Bars of

Different Diameters
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1.0 Overview of the F-5 DTA

The recently completed F-5 Usage Assessment and Damage Tolerance
Assessment Update was a project intended to determine the current usage
severity of the F-5 fleet, and determine appropriate inspection intervals based
on that usage.

The project was broken down into ten tasks. Task 1 was the F-5 Usage
Assessment, which involved data analysis, statistical analysis, and spectrum
development for the SAP usage. The other nine tasks included five analytical
and four test tasks to determine inspection intervals for both the F-5E and F-5F
aircraft in both the DACT and SAP usages.

The analytical tasks used stress spectra that were developed at Willis &
Kaplan, Inc. to determine safety limits and inspection intervals for the fuselage,
wing, and empennage of the F-5E and F-5F aircraft. Loads analysis and stress
analysis were used in the development of these spectra. To determine the
safety limits and inspection intervals, the Forman crack growth model (1) was
used, with crack growth data obtained in the test tasks. The Modified
Willenborg retardation model (2) was used, with shutoff ratios determined by
coupon testing.

A unique aspect of this project which will be discussed in this paper was
the development of a technique and a computer program (FLTGEN) which takes
statistical data of usage patterns and generates a random sequence
representative of that usage.

2.0 Task 1 Overview

The first task of the contract was the processing of recorded SAP flight
data, and developing spectra representative of that usage. There were three
sub-tasks in Task 1: analysis of data from MXU-553 recorders, statistical
analysis, and spectrum development.

Approximately 960 hours of data were examined, and each valid flight was
categorized into one of four mission types. Each flight was also segmented into
phases, such as climb, cruise, and primary. The flight data was viewed and
segmented using the EPRE (Edit/Pre-Analysis) program written by Alamo
Technology, Inc. (3). Figure 1 shows an example of a segmented flight using
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Figure 1
Example of Flight Data Edited with EPRE
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EPRE. This example is categorized as High Altitude Combat.

The next step was to obtain statistical information on the flights just
processed. This was done using the SOUP (Spectra and Operational Usage
Profiles) written by Southwest Research Institute under subcontract to Alamo
Technology (4). Output from the SOt P program is in the form of Nz and VTMX
occurrences normalized to a 1000 flight, mission, or phase hour basis. Counts
are also given for each "point in the sky" flight condition. Also, statistical
information is given on the time percentage breakdown of missions and phases.

The last sub-task of Task 1 was the development of spectra for the SAP
usage. These spectra were to represent 1000 hours of simulated usage.
Because of the enormity of the counts, numerical procedures were necessary.
The remainder of this paper will discuss the program that was written for this
purpose.

3.0 SAP Spectra Development

This section describes the methods used to create the bending moment and
stress sequence files.

The bending moment and stress sequence files represent 1000 hours of
simulated DACT or SAP usage. The bending moment and stress sequence files
were generated with the FLTGEN computer program. Briefly, this computer
program takes statistical output data from the SOUP program and uses it to
shape the generation of a random occurrence-time history. These occurrences
are then converted to bending moments or stresses at the appropriate location
by means of tabular data and/or factors.

The bending moment and stress sequences generated for the following
locations were required by Task 1 of the contract:

W.S. 29.5 Streamwise Bending Moment
W.S. 57 Swept Bending Moment
W.S. 0.0/33% Spar Stress
W.S. 50/44% Spar Stress
F.S. 405.5 Bending Moment
Vertical Tail Root Bending Moment (VTMX)
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Corresponding sequences generated by Alamo Technology in their previous
analysis of DACT usage were provided as government furnished data.

In addition, bending moment and stress sequences were generated for
other locations for both DACT and SAP usages as required for other tasks of the
contract. These sequences include:

W.S. 73 swept bending moments
W.S. 123 swept bending moments
W.S. 29.5 bending moments in the root rib axis
B.L. 25.07 (F-5E only) (horizontal tail bending moment)
B.L. 26.26 (horizontal tail bending moment)
B.L. 28.6 (horizontal tail bending moment)
F.S. 194 original design (F-5E only)
F.S. 194 redesign (ECP145) (F-SE only)
F.S. 205 (F-5F only)
F.S. 233.7 (F-5E only)
F.S. 257 original design (F-5E only)
F.S. 257 redesign (ECP145) (F-5E only)
F.S. 267 (F-SF only)
F.S. 284 forward
F.S. 284 bolt
F.S. 284 aft
Nz sequence

3.1 Stress Sequence Tape Generation

The FLTGEN computer program was developed in support of the Damage
Tolerance Assessment Update of the F-5E/F aircraft. The principal purpose of
the program is to generate random flight stress sequence data based on
operational usage profile data produced by the SOUP program from MXU flight
data files. A secondary purpose of the program is to provide access to the MXU
flight data independently of the EPRE and SOUP programs for review and
summary purposes.

The relationship of the FLTGEN program to other phases of the data
processing activities involved in this study is illustrated in Figure 2. The MXU
flight data base, one each for both F-5E and F-5F aircraft, contains digital
images of R-tape data arranged flight-by-flight with one sub-directory for each
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Figure 2

DTA Data Processing
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R-tape. This data base in reviewed, edited, and phase marked using the EPRE
(Edit/Pre-Analysis) programs. Subsequently, the COUNTS/SOUP program is
used to develop a statistical data base of load occurrences and other flight
parameters. This data is then interrogated by the DISPLAY/SOUP process to
provide data summaries and tabulations of various types. For purposes of the
current study, certain DISPLAY print files are intercepted to provide a data
base for the FLTGEN program. Specifically, this data consists of tables of
mission and phase duration data (Missprof.tbl), and occurrence table of normal
load, Nz, and vertical tail moment, VTMX, arranged by missions and mission
phases. The FLTGEN program is then used to access this data and generate
various type of random flight stress sequence data files.

The following sections present an overview of the program,
a detailed discussion of program operation, a description of the algorithms
employed in the flight sequence generation, and a discussion of program data
requirements.

3.1.1 Outline of FLTGEN program

This section presents an overall summary of the principal modules
and operations which make up the FLTGEN program. It will be noted that
while the program has been designed in a modular form for fairly general
application, it is limited, in its present form, to the specific data structures and
operation required in support of the present F-5E/F DTA. The program may be
easily modified to accomodate the development of spectra for other aircraft
and structures.

The FLTGEN program is command driven and offe--s the user a selection
of operations. At present, four operations are defined (MENU, MODE, FRED, and
FGEN) as illustrated in Figure 3. The principal features of each of these
operations are given below. Detailed discussions of program operation and the
principal modules are given in subsequent sections.

FLTGEN (Main Program)
The main program is a simple skeleton which inquires for commands

from the terminal and passes control to various operating modules as
discussed below.
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Figure 3
Principal FLTGEN Modules
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MENU

This is a simple program which displays the current selection of program
operations at the terminal.

MODE
This routine controls the selection and setting of overall program options and

parameter values. The items which are presently displayed and controlled by
this routine are:

Terminal: The program displays a list of terminal types and prompts for a
selection. This selection then governs subsequent terminal operations.

Echo Mode: Allows the user to set a flag which enables/disables the output
to an ASCII file of certain types of selected supplementary data not normally
displayed or generated by the program. At present this flag generates ASCII
copies of MXU flight data during the FRED operation.

Hours: This option allows to reset the total number of flight hours of
random flight stress sequence data to be generated by the FGEN module.

Sequence Type: The program displays the current specification for the
generation of stress sequence data and prompts the user for changes in the
selection of the stress sequence specification and subordinate parameters.

FRED
This auxiliary routine is used to access the MXU flight data files directly (i.e.,

without use of the Edit/Pre-Analysis and SOUP programs). The user is
prompted for a choice of flight data directory and range of flight data files. The
program reads each flight data file and reports the flight header information to
the screen and to a summary output file. In addition, if the echo mode is
enabled, the program generates a file containing the flight data in ASCII
format.

FGEN
This routine is the principal operation of the FLTGEN program and deals with

the generation of random stress sequence data from operational usage profiles
generated by the SOUP program. The program generates a sequence of
simulated flights amounting to a pre-specified total number of flight hours. For
each generated flight the mission type is obtained by a random choice
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weighted from the pre-specified mission mix tables on the basis of percentage
of total flight time attributable to each mission type. Subsequently, for each
flight the program generates a random sequence of Nz (or VTMX) occurrences
scaled according to the 1000 hour occurrence tables organized by mission,
phase and flight condition. This data is then converted to the appropriate
bending moment (with the tables of moments by Nz and flight condition
number) and stress values (as appropriate to the particular stress sequence
specification), arranges the data in peak-valley sequence and writes the data to
a flight-by-flight stress sequence data file.

3.1.2 Program Operation

The FLTGEN program is menu and command driven from the terminal
with commands and terminal level input intended to be reasonably
self-explanatory. In addition to screen level input the program seeks data
input in the local operating directory from the following three files:

"* missprof.tbl : A mission profile table which provides flight

weight, airspeed, and time duration by mission and mission phase.
If this table is loaded during program initialization and, if
not found during this step, the program defaults to internal
data for F-5E DACT usage, from Alamo Technology (5).

"* fconnzocc.tbl : A table of Nz occurrence counts organized by

mission, phase and flight condition and obtained from the SOUP
program. This data is loaded by the FGEN routine.

"* phasvtmx.tbl : A table of VTMX occurrence counts organized by

mission and phase and obtained from the SOUP program. This
data is loaded by the FGEN routine.

A detailed description of these data files is given in a subsequent section
dealing with the FGEN program.

All commands, mode settings, and parameters are entered at the terminal in
response to prompts from the program. Initially the program displays the
main menu of program operations which gives the name and function of the
main program modules at the command level. This menu can subsequently be
recalled from the command level with the MENU command. The current menu
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is as follows:

FLTGEN1 Uers. 2.0 Nou. 1989

Op Commd Description Op Commd Description

I MENU Display this Menu 2 MODE Display/Set Operating Modes
3 EN1 Wrap up and quit run 4 FGE Generate Flight Sequences
5 FRED Reed the Flight Data

Command:

The remainder of this section provides details of the screen prompts
arising in response to the MODE command, which is the major program control
module. The FRED module has numerous screen interaction commands which
are not presented here, and the FGEN module has no terminal level input
requirement. The response:

Command: MODE

displays the program status screen and a prompt line giving a list of accessible
items:

............---------------------------------
FLTGEO Program Status

Flight Reed Echo is: OFF
Aircraft type: F-SE
Required Mission Mix for: 1000.0 Total Hours

No. Type Pct. Mission Flights Hours
I HAC 61.9 High Altitude Combat 0 .0
2 LAC 10.5 Low Altitude Combat 0 .0
3 0TH 6.5 Other 0 .0
4 X-C 21.1 Cross Country 0 .0

Current Stress Sequence ID: 3 MJS29

----------------------------------------------------
Open Items are:
TEIOlnalECHO,SEQ,HOLs,.I(riE or <CR> Enter Item to be changed:
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This screen displays the following information relative to the
status of the program:

*Echo mode status: This item refers to operations during subsequent
direct flight read operations (FRED) during which a simple ASCII
copy of each complete flight data set will be deposited in a local
file for examination if the echo mode is ON. See the description
of the FRED module for additional information relating to the
flight read operation.

*Aircraft Type: This item identifies the aircraft type (F-5E/F)
as established by the data in the mission profile file during
program initialization. This item cannot be reset.

*Required Mission Hours: This item displays the total number of
combined flight hours which will be generated by the next execution
of the FGEN module.

*Mission mix: This table summarizes the mission mix in terms of
mission type, percentage of total hours for a specific mission,
a brief description of each mission type, and the actual number of
flights in the latest generated set of flight stress sequence data.
The four missions shown (i.e., HAC, LAC, OTH, and X-C) correlate
numerically with the first four missions in the SOUP program mission
sequence (transition, formation, air combat maneuver, and basic flight).

*Stress sequence ID: This item identifies the type of stress sequence
data to be generated on the next pass through the FGEN module.

Finally, those items which can be reset at this level are identified as terminal,
echo, sequence, and hours. Subsequent prompt sequences for each of these
responses are as follows:

*TERM (Reset terminal type):

Temilnal Types are: TVI U603 V241
Enter Terminal Type: U603
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The three terminal type specifically supported are:
TVI : Televideo 925
V603: Visual 603 (VT100 and VT200 emulations)
V241: Visual 241 (VT241 emulation)

*ECHO (Reset FRED echo mode):

Flight Reed Echo is: OFF
Set Echo Mode (<OFF>,ON): off

The flight read echo mode as described above can be set OFF (default)
and ON.

*SEQ (Reset stress sequence specification):

fAuailable Stress Sequence Definitions:

ID: I1 ID: 2UTt
10: 3 BMWS29 ID: 4 B14S57
ID: 5 B1WS73 ID: 6 BMIS123
ID: 7 STRESSR ID: 8 STRESS
ID: 9 FS1940 ID: 10 FS194R
ID: 11 FS205 ID: 12 FS233
ID: 13 FS2-70 ID: 14 FS257T
ID: 15 FS267 ID: 16 FS284F
ID: 17 FS284B ID: 18 FS284A
ID: 19 BMF405 ID:- 20 RBL25
ID: 21 BtML26 ID: 22 8BL28
10: 23 BM2FRR 10: 24 OTHER

Current Stress Sequence ID: 3 BWS29

Change Current Seq. I.D.(Y,<M>)?Y
Enter new Sequence I.D: 3

Current Stress Sequence ID: 3 BU529
Basic Date : N2 Bend Mran. Table : WS29
Stress Factor: .1000E+01 File Pack Factor: 100.0
File Nle SEtBMWS29.DRT
File Header:
F-SEMom. Seq. Date for WS29 (Mon/100)
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The response SEQ provides a display of available stress sequence definitions
and a prompt for a request to reset the stress sequence ID, which is then
followed by a display of the current parameters for the stress sequence
requested and a subsequent set of prompts to reset any of the subordinate
parameters involved in the stress sequence definition. This last series of
prompts is terminated with a response of NONE of <CR>. A typical sequence of
such prompts which, as a demonstration, reset the original parameter values
for the BMWS29 wing bending moment sequence, are as follows:

Change:<1NOie>, NtPIe, BASe data, BiTeble, STiR fe. PACk fac. FILe. HEfder:-NAM
Enter Sequence ID NIame(8a):BMWS29

Chenge:<lNCNe>, INMe, BASe data, BMTeble, STR fac, PACk fec, FILe. HE1der:BfS
Enter Date Type (<IZ>,.UTI):I'Z

Change:<NOIie>. INtMe, BASe data, BllTeble, STR fac, PACk fac, FILe. HEAdar:BMT
Enter BM1 Name: .NOIE ,WS29 .WSSO ,F405 :1S29

Chenge:O1Oe>, 1PRle, BASe date, BMTable, STR fac, PACk fac, FILe. HEAder:STR
Enter Stress Factor:l.

C(hange:<N0Ne>, PItle, BASe data, BIlTable, STR fac, PrCk fac, FILe, HEAder: 100
Enter File Pecking Factor(date/n): 100.

Change:<NONe>. l'Ptle, BASe data, OilTable. STR fac, PACk fec. FILe, HEAder:FIL
Enter File Name (20a):SEQB(i1S29.DAT

Ch•nge:<NOle>, IlMe, BASe date, BlITeble. STR fac, PACk fec, FILe, HEAder:HEA
Enter Seq. File Header:F-5E Mo1n. Seq. Data for US29 (mom/100)

Change:<NOte>. r*AWle, BASe data. BMTable, STR fac. PACk fac. FILe, HEAder:<cr>
Change Current Seq. I .D.(Y.<>)?<cr>

*HOURS (flight hours specification):

Enter Required Flight Hours: 1000.

The response to the reset hours option is a prompt for a new value of
total generated flight hours.
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*NONEc rCR>

This response terminates the prompt sequence for mode resetting and
returns control to the Command level:

FLTGE1I Vers. 2.0 Nov. 1989

Op Conmd Description Op Cornd Description

I MENU Display this Menu 2 MODE Display/Set Operating Modes
3 END Wrap up and quit run 4 FM 8Generate Flight Sequences
5 FRED Read the Flight Data

Command:

3.1.3 Flight Read Module (FRED)

This auxiliary module is usel to access the MXU flight data files directly
(i.e., without use of the Edit/Pre-AnaJsis and SOUP programs). The user is
prompted for a choice of flight data dircctory and range of flight data files. The
program reads each flight data file and reports the flight header information to
the screen and to a summary output file. In addition, if the echo mode is
enabled, the program generates a file containing the flight data in ASCII
format. Additional details regarding the operation of this module and prompt
sequences follow.

The routine prompts at three levels after being invoked at the command
level with the response: FRED.

*Aircraft Type: The initial prompt, which occurs only at entry to
the module, asks for a specification of aircraft type (F-5E or F-5F)
independently of the aircraft type specified in MODE in connection
with the FGEN module. The default value is F-5E. This value sets
the top level of the flight data sub-directory reference as
[...F5EDAT...] or [...F5FDAT...]

*The second level of prompts deals with the specification of an
MXU R-tape designator corresponding to the next lowest data
directory in the flight data tables. These designators have the
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form ACnnna where nnn is a three digit number (327, for instance)
and a is a single alphabetic character (typically A through I in
the current data). Note that the user must have the three digit
tape serial numbers in hand (from a directory listing, for
example) before execution the FLTGEN program. The program will
search through the alphabetic descriptor, however, if it given
as an asterisk (*). The tape designator then forms the directory
name of the flight data of interest, [I...F5EDAT.AC327C] for instance.

*The third level of prompts deals with the specification of specific
flight data files within the specific directory established above.
Specific flight data files are specified as a three digit number,
(005, for instance) or by an asterisk (*) indicating all data files.
Thus a particular flight data file reference is established as:
[...F5EDAT.AC327C]FLT005.DAT for the examples given above.

For each flight data specification for which data is requested the program
will read through the data and report the file header information to the
terminal and to the program output file (FGEN.OUT), and, if ECHO mode is ON
(see MODE description) will also form an ASCII version of the complete file in a
separate auxiliary file, named typically for this example as FLTAC327AO05.

3.1.4 Stress Sequence Generation Module (FGEN)

The FGEN module contains the principal operations of the FLTGEN program
and deals with the generation of random stress sequence data from operational
usage profiles and load occurrence data generated by
the SOUP program. The program generates a random sequence of simulated
flights amounting to a pre-specified total number of flight hours based on the
percentage mission distribution obtained from the SOUP mission profile data.
For each mission the program generates a random sequence of loads (either Nz
or VTMX, depending on the specified type of
sequence) with a total number determined by the length of mission and
and total occurrences per 1000 hours as determined by the SOUP tabulations.
Load sequence generation proceeds phase by phase throughout each mission
and, for Nz load sequences, by flight condition occurrences within each phase
based on the SOUP output occurrence totals. As each load pair is generated, the
result is transformed to bending moment (with the tables of bending moments
by Nz and flight condition number) or stress values based on the stress
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sequence definition table and entered into an array of peak-valley pairs of
data. As each set of flight data is concluded this array is written to the stress
sequence output file. A schematic diagram of the FGEN module logic is given in
Figure 4 and more detailed description of the major sub-operations in this
module are given in below.

3.1.4.1 Random Occurrence Generation

The FGEN module makes extensive use of the selection of random
parameter values based on cumulative occurrence weighting tables and a
utility subroutine, RANMIX, has been developed as part of this project to
implement these procedures in a somewhat general manner. Given a table of
occurrence counts, Ni, at parameter value levels, Vi, for values of i up to some
final level, K, a cumulative occurrence table (Cj) giving the total number of
occurrences up to some level, j, is obtained as:

Cj=1 Ni
j=l,i

with the total number of occurrences at all levels obtained as

CK = Ntot

A general table of this type is illustrated in Figure 5. A random choice from
this table is made by generating a random number in the range

O<x<I

which forms a choice among all occurrences

y=x*Ntot 0 < y < Ntot

and in turn a choice of parameter level, i, by a simple table look-up
operation in the stepwise distribution table illustrated in Figure 5.
This procedure is used at various points in the FGEN module for random choices
of mission type, flight condition type, and load values.

515



SStart

Occurrence Data

Generate Mission Type

FRANMIX

F Generate Phase

Generate Flight Condition[ RANMIX
and Collect II

Geeae zPIr Generate VTMX Pair

OuptFigue4

FNo ode Sche

6es

S~Yes

Figure 4
FGEN Module Schematic

516



I I
I I
I I
I I
I I
I I

U I I
U I I

I I
U I

I-- I
U I

I I
S-- I

I I
2 I

S_ -- - I
Q I

I I

I I
I I

II

2__ 1-111
Level

Figre
Cuuaiv OcurneTblShmtc

e"---517



3.1.4.2 Flight Sequencing

Flights are selected continuously until the total number of flight hours
equals or exceeds the requested total flight hours. Each flight is assigned a
mission type based on a random choice of flight weighted according to the
percentage of each type of flight and average duration given in mission profile
tables extracted from the SOUP data. For a given mission type, M, with an
average duration of Tm and an hourly percentage, Pm, the number of total
hours and flights for this type of mission for a total flight time of Ht for all
flights and missions will be:

Hours: Hm=Pm*Ht

Flights: Nm=Hmfrm = Pm*Ht/Tm

Thus Nm constitutes a flight occurrence table and a cumulative flight
occurrence table (Cm) can be formed for the four types of missions considered
(namely; High Altitude Combat, Low Altitude Combat, Other, and
Cross-Country) by a summation of the form:

Cm= I Pm*Ht/Tm (m=1,2,3,4)

i=l,m

The table formed from the values Cm (m=1,2,3,4) constitutes a cumulative
flight occurrence table and the mission type for each flight is selected based on
a random generated number in the range 1 through the total number of flights.
A random choice of mission type for each flight is made using this table and
the RANMIX program as described above. In terms of mission selection there
are four parameter levels (1 through 4) corresponding to the four mission
types and the four corresponding cumulative occurrence levels are the flight
occurrence totals as given above.

3.1.4.3 Load Occurrence Tables

The SOUP program provides occurrence tables for load (Nz and VTMX)
organized by mission type, phase, and flight condition (for Nz only) which form
the database for FGEN stress sequence generation operations. These are loaded
into computer memory by the GETMIS subroutine at the first entry into the
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FGEN module. The organization of these tables for the two types of loads (Nz
and VTMX) are as follows:

Nz Data: These data consist of occurrence counts per 1000 mission
hours for each mission type at 22 levels from -2.5 G to 9.0 G at
0.5 G increments with the 1.0 and 1.5 G levels omitted. The data is
organized by phase within each mission and by flight condition within
each phase. Up to 19 flight conditions are identified for F-5E aircraft
and up to 24 conditions for F-5F aircraft. All Nz occurrence data tables
are converted to cumulative occurrence tables as they are read into
the FGEN program.

VTMX Data: These data consist of occurrence counts per 1000 phase
hours for each mission type at 18 levels of Mx/1000 from
-400 through 400 at increments of 50 with an additional level
at -0.1 included. The data is organized by phase within each mission
type. Each VTMX occurrence data table is converted to two separate
cumulative occurrence tables over the ranges -400 through -0.1
and 0 through 400 respectively, as they are read into the FGEN
program.

3.1.4.4 Load Sequence Generation

For each flight the program generates a sequence of random load
occurrences for each phase sequentially through a particular mission type. The
total number of occurrences in each phase is determined by scaling from the
duration of each phase and the total number of load occurrences recorded in
the load occurrence tables for that phase. The generating sequences are
somewhat different for Nz and VTMX as outlined separately below:

Nz occurrences: For each load occurrence within a phase of a flight a
particular flight condition is selected at random from the cumulative
occurrences of flight conditions within that phase. Having selected
a flight condition, the program selects on a random basis an Nz
level from the cumulative occurrence table for that particular
flight condition and phase. The value of Nz corresponding to
that selected level is then paired with an Nz value of 1.0,
representing 1 g level flight, to for a load sequence pair,
which is then arranged in valley-peak order. Thus every occurrence
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in the Nz tables is taken to represent a single valley-peak
ioad sequence.

VTMX occurrences: For each two VTMX load occurrences within a
phase, two VTMX occurrences are drawn randomly from the
mission-phase occurrence totals; one each from the lower and upper
ha!vcs of the cumulative occurrence tables formed from the SOUP
program data tabulations. Thus, unlike the Nz data counts, a VTMX
occurrence is taken to mean a single load level rather than an implied
pair.

3.1.4.5 Load Data Transformation

After each random load sequence data value is selected as outlined above,
it is transformed to appropriate bending moment or stress values
depending on the stress sequence specification selected in the MODES
program. These specifications follow a consistent format in which each
particular specification consists of a data basis (Nz or VTMX), a bending
moment table (W.S. 29.5, W.S. 57, F.S. 405.5, or other), a stress multiplying
factor (to convert bending moment to stress), and a file packing factor (to
normalize the output data to a particular file format). The bending moment
specifications consist of three-point piece-wise linear tables giving bending
moment as a function of Nz value for a given flight condition number. This is
depicted in Figure 6. Linear interpolation is used for Nz values between the
three data points on a bi-linear curve. Bending moment tables, which allow
transference from Nz to bending moments, were obtained from Reference 5 or
6 for F-SE aircraft and from Reference 7 for F-SF aircraft. These bending
moments for symmetric maneuvers only.

3.1.4.6 Data Sequencing and Output

As each simulated flight is completed, the data is passed to a routine
(FLTOUT) which enforces valley-peak sequence throughout the complete flight
stress sequence record, divides the individual data values by the packing factor
to conform to the required data format, and writes the data to the stress
sequence data output file.

The stress sequence data output files have an 80 column width format.
The first line is an A80 character format for a tidtle line. The remaining lines
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are 1615 numerical format. The first 15 in the second line (first numerical line)
is for the "flight" number, in this case 1. The next 15 gives the number of
stresses in the "flight," which fill the remaining 14 15 slots of the first line and
for as many 15 slots in the following lines as necessary. When all the stresses
for the first flight have been listed, the flight number for the second "flight"
(2) is placed in the first 15 slot of the next line. The number of stresses in the
second "flight" are listed in the next 15 slot, followed by 14 stresses on the
same line. The remaining stresses fill the 15 slots on the following lines as
necessary. This process repeats itself until all of the stresses for all of flights
have been listed.

3.1.5 FLTGEN Data Files

The FLTGEN program requires three basic data files for operation. These
files are:

MISSPROF.TBL - Tables of mission profile data consisting of altitude,
gross weight, and phase duration broken down by mission type and
phase.

FCONNZOCC.TBL - Tables of Nz occurrences broken down by mission,
phase, and flight condition.

PHASVTMX.TBL - Tables of VTMX occurrences broken down by
mission and phase.

Two types of table format have been used with this program depending on the
source of data. One set of data (prefixed with the line /FREE) were transcribed
from the data given in Reference 5 and entered in Fortran list-directed format.
The other two sets of data (corresponding to F-5E and F-5F aircraft) were
developed during the present investigation from the SOUP programs and are
basically the SOUP formatted print output files prefixed by a data line of
/FIXED.

Initially, the program inquires for the missprof.tbl file and if this file is not
found the program defaults to internal data comprising the mission profile data
given in Reference 5. Otherwise the program reads the contents of this file and
establishes the aircraft type and the mission profile tables. Subsequently, load
occurrence tables are loaded from the appropriate files of either format in the
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GETMIS program when called initially by the FGEN program.

4.0 Summary

Task 1 of the F-5 DTA was to analyze SAP flight data, and produce spectra
representative of that usage. Other tasks of the F-5 DTA required spectra to be
developed at other locations, for both DACT and SAP usages. A computer
program (FLTGEN) was written to take the statistical output from SOUP and
generate random stress sequences. This computer program, along with SOUP,
allows the analyst to try "what if" scenarios, such as changing the amount of
time in the primary phase (where most of the severe exceedances occur), or
changing the relative percentages of the mission types. It is now possible to
predict the effects of changes in the training syllabus, or to determine the
effect of structural life when the aircraft is exposed to an operational theatre.
The results of the complete effort by WKI has resulted in a change of the -6
T.O. inspection intervals for the F-5E and F-5F aircraft by the Air Force.
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RESEARCH ON MULTIPLE SITE DAMAGE

SAMPATH, S. G.
U.S. Department of Transportation

Federal Aviation Administration Tedmical Center
Atlantic City International Airport, NJ 08405

VIOLETIE, Melanie and TONG, Pin
U.S. Department of Transportation

Volpe National Transportation Systems Center
Cambridge, MA 02142

ABSTRACT

Multiple Site Damage (MSD) is a type of cracking that may be found in aging airplanes.
The primary focus of the research presented in this paper is the effect of MSD on an airplane's
structural integrity. This research includes investigations of the causes of MSD, the threshold
at which MSD may first occur, crack growth and material behavior in the presence of MSD,
and the potential interactions between MSD and repairs and corrosion. Nondestructive
inspection techniques appropriate to MSD, and the frequency with which they are to be used,
are also considered.

1. INTRODUCTION

The occurrence of Multiple Site Damage (MSD) in older aircraft was highlighted by
the in-flight loss of a portion of the fuselage of an Aloha Airlines Boeing 737 in April, 1988.
MSD is defined as a group of small cracks that appear in an airframe at about the same time
and that originate from similar structural details close together. One example of a location
in which MSD has been observed is the rivets in fuselage joints. MSD has been detected in
aging aircraft of different makes and models, and has raised concern about the effect of
MSD on the continuing airworthiness of older aircraft.

At the International Conference on Aging Airplanes in June, 1988, several interrelated
technical areas were identified as key to a proper understanding of the aging airplane problem
[1]. The Industry and the Federal Aviation Administration (FAA) have formulated an
integrated plan to act on the specific recommendations emerging from the conference.

The FAA has developed a National Aging Airplanes Research Program (NAARP) to
determine if current rules for design, inspection, and maintenance are sufficient to ensure
the safety of the aging airplane fleet [2]. The Volpe National Transportation Systems Center
(VNTSC) is assisting the FAA in conducting research pertinent to MSD and structural integrity.
This paper contains an overview of the FAA/VNTSC program.

-ZER WARN] N

The objective of this task is to determine the current and future compositions of the
aging fleet in the U.S., and the current status of such airplanes in regard to req iirements
that have been especially mandated for aging airplanes, and to identify, through analysis,
sites where increasing fatigue and corrosion-related incidences have occurred. The basis for
the analysis will be technical data that is resident within the FAA and Industry. The principal
output of this work will be a report which will enable the FAA to evaluate, monitor, and
predict the structural integrity status of the commercial aircraft fleet.
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The report will contain projections for the profiles of the fleet composition three, five
and ten years from now, based on analysis of currently available fleet data (calendar age
and utilization history, including flight cycles and flight hours). The report will contain a
summary of airlines schedule data, currently being collected by FAA's Principal Maintenance
Inspectors (PMIs).

The history of structural degradation, repairs, and operating environment will be
examined, as well as the structurally significant Airworthiness Directives (ADs) and Service
Bulletins (SBs). The structurally significant ADs applicable to each model will be assembled
into a list, which will include the AD number and amendment number, and whether it
requires repetitive inspections, terminating action or both. The area(s) of the airplane to
which each structural AD applies will be identified on a diagram of the airplane. The extent
of operators' compliance with each AD will also be determined.

The structural service difficulties that have been reported (SDR and other available
data) will be analyzed, resulting in a series of charts separately depicting the reported
instances of cracks, corrosion, and delamination or disbonding. The charts shall include a
plot of all skin cracks reported on the model for the past five years and during the past six
months. The plot should be depicted on a diagram or diagrams of the airplane, and on a
graph where the ordinate will be the number of cracks and the abscissa, the number of cycles.
Separate graphs will be made for specific areas of the airplane. Similar plots will be made
for corrosion and for delamination or disbonding. An estimate of the accuracy of the data
will be included for each chart.

3. EFFET OF MSD ON DAMAGE TOLERANCE

Typical design of aeronautical structures, fuselages in particular, include the use of
frame members and, in certain instances, tear straps, which act with other stiffening elements
to allow the fuselage to withstand an isolated longitudinal crack up to two bays long.
Fail-safety is preserved even if the crack is longer because the stiffening members will cause
the longitudinal crack to change direction and run along the circumference, resulting in a
"flap" and controlled decompression.

The objective of the current research is to determine if frames and tear straps can
arrest a fracture in the presence of MSD. The general scenario assumes a fracture resulting
from linkup of a group of MSD cracks. The fracture in this case lies along a skin splice,
rather than in the mid-bay position usually assumed in present design and test practices.
Also, the fracture may be advancing toward adjacent bays which contain additional (but as
yet unlinked) MSD cracks.

To investigate the effectiveness of frames and tear straps in arresting a longitudinal
fracture when MSD is present, a special loading fixture, which is shown in Figure 1, has
been constructed to accommodate curved panels 66 inches on the circumference by 120 inches
axially, with allowance for a range of 70 to 75 inches in radius [3]. The fixture is a shallow
pressure box which accommodates the test article by means of floating seals. Pressure can
be applied to the panel hydraulically or pneumatically. The pressure produces hoop stress
in the skin, which is reacted through lateial turnbuckles. Hydraulic cylinders and turnbuckles
at the ends of the panel produce an axi.tl stress proportional to and in phase with the hoop
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stress, thereby simulating the biaxial stress state found in a fuselage. The loading is controlled
through an Instron Universal Testing Machine in conjunction with a hydraulic pressure unit,
providing coordinated hoop and longitudinal loading of the test panel.

The structural elements of the test panel are shown in Figure 2. The dimensions,
construction details, and materials were chosen to simulate configurations similar to those
found in aging airplanes. The test panels do not precisely match the design of any actual
aircraft model, and, therefore, the test results are intended to have only semi-quantitative
significance. However, the panels will provide stress levels and structural flexibilities which
do lie in the range of existing designs, and the test results will thus be sufficiently realistic
for the purposes of drawing general conclusions about MSD behavior and calibrating damage
tolerance estimation procedures.

The first panel which was tested was extensively instrumented, and used to demonstrate
the successful operation of the test rig and to compare the strain fields in the panel to those
calculated for a full fuselage. Figure 3 shows a comparison of the top skin stress, which
combines the membrane and bending components, in a mid-bay position, both for the
uncracked panel and with a crack present. The initial checks were successful. Subsequently,
tests of fatigue, MSD crack growth, and residual strength have been conducted.

The first phase of testing, which has been completed, consisted of fracture resistance
tests of single long cracks, to calibrate the analytical model and develop a predictive capability.
Subsequent tests will focus on panel tolerance of two situations: small MSD cracks approaching
linkup size, and a long lead crack with adjacent MSD.

Concurrent with the testing, detailed finite element analyses have been performed.
The analysis has determined the rivet loads and stress distribution in the curved test panel
and has predicted the internal pressure required to fracture the panel for a given crack
length.

A.AU AND LIKELIHOO1).QEMS

To identify and counter MSD as it appears in the current fleet, and to avoid MSD in
future designs, it is important to understand which design features have an increased
susceptibility to develop MSD, and to be able to predict how likely MSD is to occur in a
given design.

Several flat coupon configurations have been analyzed to design a fatigue test coupon
with a stress distribution equivalent to that of a fuselage. Four coupons are shown in Figure
4. Coupon A is a section of an unstiffened lap joint. Each of the other three coupons has
three stiffeners, of about the same thickness as the skin, simulating tear straps. The stiffeners
in Coupon B are full-length, while those in Coupons C and D are shorter. In addition, the
stiffeners in Coupon D are wider at the lap joint and tapered at the ends.

Figure 5 compares the calculated stress distribution of each coupon with the stress
distribution calculated for a full fuselage. Coupon C is considered adequate for fatigue
testing, but Coupon D most closely simulates the fuselage stress distribution.
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A test program is underway to identify design features which have higher MSD potential
[4). The basic test specimen is a 12 inch wide flat panel, with two short, straight tear straps,
corresponding to one side of Coupon C of Figure 4. A large number of panels are being
tested, in a test matrix that includes parameters such as stress level, skin thickness, rivet
type, and rivet spacing. The loading in most of the tests is uniaxial tension, but some tests
apply combined tension and shear, to determine the effect of mixed-mode loading on fatigue
crack growth. Table 1 shows data from initia, baseline testing, including the number of
cycles required to initiate a 0.1 inch crack, cycles for a 0.25 inch crack, and the number of
rivets at which cracks were present when the first crack reached 0.25 inches. The test panels
listed in this table were 2024-T3 aluminum, with countersunk (flush) rivets, skin thickness
0.04 inches, and a maximum nominal stress of 16 ksi. Figure 6 gives a typical profile for
the distribution of MSD cracks at 64,820 cycles.

Tests are also being conducted to determine the long-term effect of the terminating
action which has been mandated by the FAA for certain MSD-prone lap joints. The terminating
action replaces the upper-row countersunk rivets with larger, button-head rivets. In particular,
these tests investigate the concern that, following the terminating action, MSD may recur in
the inner sin, lower rivet row, where it is not easily detectable.

The fatigue test data will be used to calibrate a conceptual model [5] which ranks the
MSD potential of alternative design details. The model combines fatigue and damage tolerance
analyses in a practical engineering tool which yields a quantitative risk parameter. The
analytical model is based on an assumed Weibull distribution for fatigue life.

5. INSPECTION INTERVAL

One key element of a successful inspection program is the interval between inspections.
Too short an interval becomes economically burdensome, while too long an interval increases
the possibility that a critical crack will go undetected.

A numerical model for predicting MSD crack growth and detection has been developed,
based on conventional nondestructive inspection (NDI) techniques [7]. This model has been
used to generate data on cumulative probability of detection, which is the probability that
a crack -1 be detected at 5o0,1L L*•. P,.-.,'een in;t;,%t; zI , -ilure. The results of this
analysis indicate that the currently mandated inspection interval may need to be revised.

However, the model had to rely on NDI reliability data generated by measurements
using flaw samples that were devoid of MSD. A program is being initiated to collect data
on the probability of detection of MSD by NDI techniques currently used in the industry.
The data will be used in an updated model, with which the requirement for the inspection
interval will be reevaluated.

6. ALTERNATIVE CRAC MEASUREMENT TECHNIOUES

Established methods, such as optical and DC potential drop, for measuring crack length
in fatigue and fracture experiments are suitable for measuring a single, identified crack of
substantial length. However, these methods do not give accurate results when applied to
much smaller cracks and potential crack sites in a MSD situation.
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Alternating current potential drop (ACPD) equipment and procedures are being
evaluated for use in measuring small cracks typical of MSD. Controlled laboratory experiments
have been conducted, in which the ACPD method was used to measure crack length. The
test specimens were subsequently fractured, and the actual crack lengths were verified
fractographically. Initial tests indicate that the ACPD technique can be successfully used
to measure MSD crack growth.

2 MATERIl BEHAVIOR CHARACTERIZATION

A better understanding of material behavior in the presence of MSD will enable more
accurate analysis techniques. Although several crack-tip parameters are widely recognized
as growth criteria for the case of long, isolated cracks, no such parameter has been clearly
identified for MSD. Both conventional and advanced fractographic techniques have been
used to characterize material behavior in the presence of MSD.

The fracture features of riveted lap joint specimens tested in fatigue have been analyzed
fractographically [8]. The investigation included a count of fatigue striation, spacing and
density, assessment of the fracture mode in the cladding near the surface, and review of the
mode of failure (plane stress versus plane strain). The crack growth rates were determined
from the striation spacing and reported as a function of maximum stress values. The plastic
zone size was correlated with the stress intensity "actor calculated for the assembly being
tested.

MSD crack growth has also been investigated using an advanced quantitative
fractographic technique known as FRASTA (Fracture Reconstruction Applying Surface
Topographic Analysis) [9]. A three-hole specimen with crack-starter, notches at the center
hole was tested, first under fatigue cycling, then by applying a monotonically increasing
load until the specimen failed.

Analysis of the fracture surfaces produced crack profiles and fractured area projection
plots for both fatigue and stable crack growth. The results revealed significant tunneling
of the crack front during the early stages of fatigue cycling, and that the crack grew at a
constant opening angle during stable crack growth under monotonic loading. A finite element
analysis was used to confirm the fractographic results, and to calculate two crack-tip
parameters: the stress intensity factor (K) and the J-Integral.

.& DYNAMIC EFFE S DUR G MSD IK

Dynamic fracture behavior may differ substantially from static test failure conditions,
and neglect of dynamic effects during linkup of MSD may be unconservative because the
inertial forces during linkup will amplify the crack driving force. A combined experimental
and analytical approach will result in an estimate of the magnitude of these dynamic effects.

Preliminary analysis was performed to select a specimen configuration likely to produce
dynamic linkup of MSD cracks. The configuration is now undergoing testing, during which
the crack lengths, applied load, far-field stress levels, and overall specimen displacement are
measured using high-speed instrumentation. The d~ita is used as input to the analysis, which
will re-create the MSD linkup, and extract the material's dynamic fracture toughness. This
value will then be used to predict analytically the results of future tests, and to estimate the
significance of the dynamic effects.
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9, DAMAG EQLEAflEDO REPAIRS

Despite the fact that modern transport airplanes are designed to damage tolerance
requirements, most repairs to aircraft structures have hitherto been designed on the basis of
static strength equivalency. Improper repairs, or several repairs in close proximity, can
degrade the fatigue life and damage tolerance of the original structure.

One objective of this work is to develop repair analysis tools, such as load spectra and
stress analysis methods, which will aid repair stations in designing repairs [10]. A second
objective is to identify risks of MSD, decreased damage tolerance, or reduced inspectability
associated with modifications covered by Supplemental Type Certificates (STCs).

A computer program based on a two-dimensional compatible displacement method has
been developed, to analyze different repair types and configurations. A computer program
based on the hybrid finite element method is also being developed for stress analysis of
repair doublers [11]. The programs are being validated by comparison with test data and
previous analytical results.

General fatigue load spectra have been derived for stress levels in fuselages, for use
in testing and analysis of repair patches. Tests using wide flat panels are being conducted
to assess the fatigue resistance and structural integrity of a few basic repair configurations.

The use of bonded composite repair patches is also being investigated. Composite
patches are desirable because of their light weight and high strength, stiffness, and resistance
to fatigue and corrosion. The advantages of bonded repairs include the gradual load transfer
through the bond and the absence of fastener holes, thus eliminating much of the stress
concentration problems associated with conventional, mechanically fastened repairs.

This research effort will examine different bonding methods and materials, and their
relative advantages and disadvantages. A data base will be developed to assist in the selection
of appropriate composite materials, adhesives, application techniques, and crack inspection
methodology. Procedures for analyzing load characteristics of bonded repairs will be
developed and incorporated in a general-purpose computer program. The program will be
used to analyze a number of test cases, and the results will be compared with experimental
data. Bonded repair methodology for a typical fuselage lap joint containing MSD will be
developed and tested.

I& CORROSION AD STURAL IERf

Evidence of corrosion in the airplane fleet is abundant, but its effect on structural
integrity and fatigue life is inadequately understood. The objective of this effort is to
develop a quantitative understanding of the synergistic relationship beLw..en mechanical
fatigue and corrosion.

Procedures are being developed for reproducing the important forms of corrosion, and
for accelerated testing of corrosion. A series of environmentally-assisted fatigue tests for
long hold times will be performed, and the stress distribution and fatigue performance of
corroded joints will be evaluated analytically and experimentally.
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11. COM UT ASSESS

Many commuter airplanes currently operating in the United States were designed under
the "safe-life" philosophy, which has since been superseded by the "damage tolerance"
philosophy. The objectives in this work are to assess the effects of aging on the structural
integrity of commuter airplanes, and to determine the practicality of retroactive application
of damage tolerance methodology.

The commuter fleet assessment is being conducted with the assistance of a team of
industry and government experts in the areas of damage tolerance analysis and small plane
design and maintenance. The team has visited several commuter airplane manufacturers, to
obtain information about their design practices and to determine which models would benefit
from development of a Supplemental Structural Inspection Document (SSID) program. This
effort includes a review of the applicable Airworthiness Directives and Service Bulletins,
and an assessment of the current repair and corrosion control programs. Simplified methods
for performing damage tolerance analysis of commuter planes are being developed.
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Photo #8

Magnification: 2375X

Marker block found on
the surface of the
crack labeled V7.

VPhoto #9

SEN Micrograph
Magnification: 225x

Marker block found on
the surface of crack
labeled #5.
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AE Comparison of Cracked (mn) and Uncracked (0)
Locations During Static Loading Test
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Comparison of Acoustic Emission Results with
44 Defects Detected by Eddy Current (Canadair 31Aug90)

[Before Reaming]

Acoustic Emission Signals
I I I
I I I

40 
1

III. I "

TI I

21%

II20 I I

I'.u....1j 15%1

0 Loading Pad
*Sensor 2••a••39%

.44%

44 spa I .

J•39% spar J 4I I c 2I

..Js..-.o.... o.Numbo or~fcs g~ I~
I v lip

MI IN I I

1IS 1.0 0.5 0 0.5 1., 1is

Distance from Wing Centre (metres)

Ik. SJL McBride
628 MW colle

628



CF-5 FSDADTT
ACOUSTIC EMISSION RESULTS

e CONCLUSIONS:

1. LARGE AREA OF THE LOWER WING SKIN
OF A MILITARY AIRCRAFT WAS MONITORED
DURING A GROUND DURABILITY AND
DAMAGE TOLERANCE TEST.

2. CRACKS IN THE LOWER WING SKIN AND
INNER SPAR STRUCTURE WERE PREDICTED
BY ACOUSTIC EMISSION DETECTION.

3. ALL ACOUSTIC EMISSION PREDICTIONS OF
CRACK LOCATIONS WERE LATER CONFIRMED
(ROTOSCAN, EDDY CURRENT AND LPI).

4. NO CRACKS WERE FOUND BY
CONVENTIONAL NDT TECHNIQUES WHICH
WERE NOT PREDICTED BY ACOUSTIC
EMISSION.

5. NDT CONFIRMATION OF SOME CRACKS
PREDICTED BY ACOUSTIC EMISSION
REQUIRED STATIC LOADING OF THE
STRUCTURE TO "OPEN" THE CRACKS.
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APPLICATION Or DAMAIM TOLERANCE TO HELICOPTIR STRUCTURE

George J. Schneider
Douglas Tritsch

Structures Research, Sikorsky Aircraft

Gary Chamberlain
Engineer, Structural Analysis Team, Warner Robins ALC

John W. Lincoln
Engineering Specialist, Aeronautical Systems Division,

Wright Patterson AFB

fINhODUCTION\BACKGROUND

The design and management of helicopter structure throughout
the world is still primarily based on a "safe life" approach
to define component replacement times. These replacement
times are based on conservative fatigue life assessments.
For example, reference 1 indicates that a part with a mean
life of around 200,000 flight hours has a replacement time
around 5000 flight hours. The disadvantages of a safe life
approach is then that, in order to provide a high level of
safety, the average part is replaced with very little of its
life having been used; and although the conservative
replacement times may provide considerable damage tolerance,
this capability is unquantified. Damage tolerance management
has the problems of introducing additional inspections, but
this cost may be traded off against improved or similar
safety with extended replacement times.

The application of damage tolerance to helicopter structure
at Sikorsky (Figure 1) initiated in the 1970's out of a need
to quantify inspection intervals for specific problems in
which cracks were identified in service, and the basic
technology was developed in this decade. Around 1983
Sikorsky entered a contract with Warner Robins Air Logistics
Center (WR-ALC) to evaluate the applicability of damage
tolerance for broad based force management of the H-53
helicopter (Figure 2) rotor and dynamic structure. Since WR-
ALC manages their large inventory of fixed wing C130's C141's
and F15's on a damage tolerance basis, it was logical to
evaluate this approach for helicopter rotor and airframe
structure. Sikorsky is also now under contract to WR-ALC to
develop a flight data recorder for the H-53.

The results of these efforts have indicated that damage
tolerance design and management is feasible for helicopter
airframes and some if not all rotor structure. While
significant progress has been made, problems still exist in
the basic technology which needs to be addressed before safe
damage tolerance management can be realized. One significant
problem at Sikorsky arises as a legacy of safe life
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management in which a high degree of conservatism has been
used in defining usage data and fatigue loading. This
conservatism is not appropriate in damage tolerance
assessments.

The purpose of this presentation is to review the results of
the H-53 damage tolerance evaluations, the current state of
the technology, and the rationale and requirements for
improvement in the technology.

DAMAGE TOLERANCE EVALUATION RESULTS

As part of the H-53 Damage Tolerance Assessment Program
Sikorsky Aircraft has developed and delivered to WR-ALC a
general computer processor for damage tolerance assessment of
helicopter structure (Figure 3). Basically this processor
provides the data bases and management software to generate
usage load, and stress spectra; a crack model, and perform
the crack propagation analysis. For the H-53 program the
data bases where constructed for this aircraft, but they can
be readily replaced with those for any other aircraft. It is
planned that this processor will eventually be modified to
interface with flight data recorder usage data and with
improved flight test data.

A majority of the structures for which damage tolerance
assessments were conducted in the H-53 Air Force contract are
illustrated in Figure 4. Figure 5 shows details of crack
locations on the main rotor structures, and indicates that
many cracks are inaccessible except at a complete rotor tear
down. Even at teardown problems exist in that bonded and
press fit sleeves cover potential crack sites. At the
current time, main and tail rotor tear downs for Sikorsky
helicopters range between 800 and 1500 flight hours. Phase
inspections performed on the aircraft are typically every 100
flight hours, but special inspections can be as short as 10
flight hours for areas were cracks have been experienced in
service.

The crack growth results for the H-53 Air Force contract are
presented in Figures 6 through 8. Also presented in these
figures are approximate teardown and phase inspection
intervals. These crack growth results are mean times based on
the defined usage of these aircraft. They are also based on
an analysis with no retardation effects, and on conservative
evaluation of flight loads. The main and tail rotor structure
are considered to be fairly typical, whereas the airframe
structure tend to be biased toward "hot spots".

Assuming that in general for rotor parts .005 inch cracks can
be detected in tear down inspections (as has been
demonstrated in engine retirement for cause programs,
references 2 and 3), and .030 inch cracks can be detected at
phase inspections, the current crack growth results indicate
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that 4 out of the 8 H-53 rotor parts might be managed on a
damage tolerance basis. At first glance the airframe results
look discouraging, but it must be remembered that all these
structures except the transmission beams were selected based
on service problem history. The transmission structure is
considered to be representative of the majority of airframe
structure, and it is clearly damage tolerance manageable.

Based on the results presented here, it seems reasonable to
continue to improve the technology for helicopter damage
tolerance assessment in order to remove uncertainty and
conservatism. The remainder of this paper discusses the
status of this technology in several key areas,.and the
recommendations and rationale for improvement. These key
areas include usage data, loads data and data processing,
stress analysis, and crack propagation data.

USAGE AND LOADS DATA

At the current time usage and loads data are obtained from
pilot surveys and flight test strain surveys, respectively
(Figure 9). For example, for the H-53 Damage Tolerance
Assessment Contract, usage data was obtained from surveys of
Air Force pilots conducted by WR-ALC using a basic
questionnaire. This was supplemented by information from
Sikorsky test pilots on aircraft behavior and performance.
As a result an approximate and probably conservative usage
spectrum was developed in terms of time and occurrences of
various flight regimes (Figure 10). Loads data was obtained
from a 1983 PAVELOW III flight strain survey sponsored by the
Air Force. The processing of this data was preformed in a
conservative manner in accordance with practices for safe
life evaluations.

FlghData Rgodr

In order to remove uncertainty and probably conservatism from
usage data, Sikorsky Aircraft is now under contract to WR-ALC
to develop a flight data recorder (FDR) for the MH-53J
aircraft. In addition this FDR will also have the
capability of loads monitoring. A flow diagram of the flight
data recorder and the interface with the Damage Tolerance
Computer Program is presented in Figure 11. A prototype FDR
has now been assembled and delivered to Sikorsky, and the
software for regime recognition has been developed. The
software is now being introduced into the recorder which will
then be bench tested. Flight test is planned for 1991.

Figure 12 presents the parameters which will be used for
usage monitoring and the sampling rates for these parameters.
Algorithms within the FDR will interpret these parameters to
define flight regimes (Figure 10). The usage data output
from the flight data recorder will be in terms of total time
and numbers of occurrence of each flight regime for each
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flight as shown in Figure 13. This FDR usage data will be
combined with flight log data which provides mission, cg, and
gw information.

The FDR will also have the capability to monitor key loads
(strain) information, and in general the data will be stored
in terms of load histograms as a function of flight regime as
shown in Figure 14. The trend at this time in helicopter
loads monitoring is to identify strains which can be measured
on the airframe and fixed system rotor servos which can be
used to understand both fixed and rotating system key loads.
Army contracts are now in progress to evaluate this
technology which will eventually be applied to the Air Force
FDR. Initial fatigue and damage tolerance evaluations will
likely rely primarily on the flight test loads data base
verified through FDR loads measurements.

Fight Tastin and Data P

Examples of the load parameters measured in a flight test
program are presented in Figure 15. The flight test is
conducted by flying several repeats of each flight regime
(Figure 10), cg, and gw combination. For each flight regime
a 10 to 20 second data burst is recorded for each of the
Figure 15 "load" parameters. In some maneuvers (e.g.
longitudinal reversal) this data burst may represent the
entire maneuver, but in other maneuvers (e.g. level flight)
it represents only a sampling of time in the maneuver.

Figure 16 shows the flight test data processing used to
obtain the crack propagation analysis results presented in
Figures 6 through 8. In this data processing the 95% or
maximum vibratory load in the data burst is used to represent
the entire data burst at the dominate frequency of the data
burst. In other words the actual data burst is approximated
by a single vibratory load with the same number of cycles as
in the data burst. This is definitely conservative for the
transient maneuvers itemized in Figure 10.

Since a maneuver is repeated several times in a flight test
program a distribution of 95% and max loads for each flight
regime is obtained (e.g. Figure 17). These distributions
indicate that the same 95% or max load is not realized each
time a flight regime is flown. These distributions are
incorporated in the current crack propagation analyses.

Requests for funding have now been submitted to WR-ALC to
improve the flight test data processing, and to have this
processing available for the upcoming MH-53J flight tests.
This would include evaluation of the effects on crack growth
times of rainflow counting of data bursts. It is expected
that significant increases in crack propagation times would
result. Figure 18 shows the process of using fully cycled
counted loads and flight data recorder usage data to develop
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improved load spectra.

STRESS ANALYSIS

In order to determine the relationship between loads and the
stresses along a potential crack path, detailed stress
analyses are required. Finite element and boundary element
models are often used to perform these analyses. Figures 19
through 21 show typical examples of finite element models.
Figure 19 shows a combined model of the H-53 vertical hinge
and upper and lower hub plate as well as a separate model of
the spindle. The combined model hub plate/vertical hinge was
made to gain some understanding of the complex load paths
between the vertical pin and the hub plates which includes
bearing surfaces. Figure 19 gives some idea of the detail in
these models at potential crack locations. Figure 21 is a
finite element mooei of a portion of a main rotor spindle
made to determine thread root stresses. Analysis on thread
stresses is a difficult problem and finite element models
such as that shown in Figure 21 are expensive to build.
Therefore, alternate solutions to thread analysis have been
investigated using published thread load distribution
analyses and boundary element models to obtain thread root
stresses.

Figure 22 shows the excellent agreement between finite
element and boundary element tread root stress distribution
predictions. The boundary element programs used to date can
not model both threaded parts (i.e. rod and nut), and
therefore the thread load distribution had to be calculated
by separate analysis. Although the thread load distribution
analyses have given reasonable correlation with finite
element results, improvements in the analysis are considered
necessary. One possibility involves the use of a new
boundary element analysis available in UTC in which both
threaded parts can be modeled.

Figure 22 shows the correlation between the results of an H-
53 rotor finite element model shown in Figure 19, and some
strain mesurements at the lug crack location shown in Figure
20. The nonlinearty in the strain with load is evident from
the measurements, but the analysis is quite good. Strain
surveys to verify the finite element results for rotor head
components are, however generally not available, and some of
the analytical predictions are in conflict with available
fatigue test results. In order to develop high confidence in
the stress analyses, Sikorsky is proposing to conduct detail
strain surveys on H-53 rotor heads in the head and shaft
facility shown in Figure 24. The head and shaft facility
allows simulation of complex combinations of centrifugal
load, damper load, flapping angle, and lag angle. Accurate
and verified stress analyses are considered critical to
reliable crack propagation analysis.
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CRA&CKPRPAA ON DATA,

Small specimen crack propagation tests have been conducted
to obtain basic crack propagation rate data, evaluate
prediction capabilities for small cracks in nonuniform stress
fields, and evaluate spectrum effects. The test specimens
used in this testing consisted of compact tension specimens
and edge notch specimens shown in Figure 25. In the notched
specimens a .01 inch EDM corner flaw was introduced at the
root of the notch, and valid crack propagation data was
generally obtained from initial cracks of .02 to .04 inches.

The testing conducted to obtain basic crack propagation rate
data is presented in Figure 26. A primary goal of this
testing was to obtain data near the crack growth threshold at
two R (Smin/Smax) values typical of those in helicopter
structure. Problems were encountered in testing the Al-6061
and Al 7075-T73 materials and valid data was not obtained.
For these materials data in the literature had to be used.

The spectrum and notched specimen testing programs are
presented in figure 27. Tests consisted of compact tension
spectrum tests; and notched specimen constant amplitude and
spectrum tests. As shown in the figure the AK values for the
initial crack sizes were large enough such that the testing
%as primarily in the midrange crack growth rate region. The
spectrum used in these tests was based on flight test data
for an airframe structure. An airframe structure was chosen
since its spectrum had more variation in the maximum stress
than is typical of rotor parts (Figure 28), and could
therefore be expected to upper bound spectrum retardation
effects for helicopter structure.

Figures 29a and b show typical material sources and grain
structure for the test specimens. Figures 30a and b show
typical fracture surfaces on the notched specimens. One
interesting point is that the critical crack sizes were
usually around 0.25 inches, and the test stresses were
generally below probable limit load levels.

Figure 31 shows typical crack propagation rate test data
obtained from the constant amplitude compact tension specimen
testing. Also shown in this plot is the range of data
available from the Air Force design guide. As shown the
Sikorsky test data extends much closer to the crack
propagation threshold which is a critical area for helicopter
structure.

Figure 32 shows a comparison of crack growth analysis versus
test data for constant amplitude notched specimen tests in
two materials. Correlation is very good for the Al 7075-
T73, but only fair for 4340 steel.

Figure 33a,b show some of the results for compact tension and
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notched specimen spectrum tests. As shown spectrum effects
are small in the Al 7075-T73. In the 4340 steel the
comparison of no retardation model analysis (SOR - oo) and
compact tension constant amplitude and spectrum test results
are similar. Therefore retardation effects appear minimal at
this crack size. However, at the smaller crack sizes of the
notched specimen, spectrum effects appear to provide a
increase in crack propagation times of about 2. As
previously noted the spectrum used in these tests was based
on an airframe part; and less variation in max stress, and
therefore less retardation effect, would be expected in rotor
parts.

The retardation effects seen in the testing to date are based
on testing with both large (0.5 inch) and fairly small (.02 -
.04 inch) initial cracks, but with stress intensities always
at "midrange" levels. Analysis of small cracks at near
threshold stress intensity levels indicates much greater
retardation effects as shown in Figure 34. Figure 34 also
shows the high sensitivity of crack growth predictions to
small variations in stress. Both of these sensitivities are
the result of propagating cracks near the threshold.

The retardation effect is illustrated in Figure 35. As shown
from the equation a Willenborg retardation model effectively
lowers the effective R ratio. In the "midrange" this simply
results in a lower crack growth rate; however near threshold
a very small change in R can result in essentially "dropping
through" the threshold resulting in a mathematical prediction
of total crack arrest. Although there is some data (i.e.
reference 4) on the effects of spectrum overloads on
threshold stress intensity, in general the necessary data and
verified retardation models are not available. Therefore the
crack propagation results reported in Figures 6 through 8 are
currently based on no retardation models.

The sensitivity shown in Figure 34 to stress variation is the
result of having a large number of cycles in the spectrum
near the threshold. Therefore small changes in stress result
in moving large numbers of cycles above and below the
threshold resulting in large changes in predicted crack
propagation time. This sensitivity to stress is similar to
that encountered near the endurance limit in S-N curves when
performing "safe life" analysis. As a result Sikorsky uses
both a factor of safety on stress and life when determining
safe life component replacement times. The stress factor of
safety dominates near the endurance limit and the life factor
dominates in the low cycle S-N area. A similar process is
recommenA-I in iet--ining inspection intervals from crack
growth analysis results. In this case the stress factor of
safety would dominate when initial stress intensities are in
the threshold region, and the life factor would dominate when
initial stress intensities are in the "midrange".
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A final observation related to damage tolerance of helicopter
structure is presented in Figure 36. This figure shows the
threshold crack sizes for several materials assuming the
vibratory stress at 100%, 75%, and 50% of the working
endurance limit used in safe life design. The values for R
ratio and stress concentration are 0.7 and 3.0, respectively,
which are typical of the high cycle loads found in rotor
structure. This figure indicates that damage tolerance
management of mature helicopter rotor parts will depend on
showing that a majority of high cycle stresses are less than
50% of the safe life working endurance stress. In order to
do this the information from service usage monitoring and
from improved flight test data processing is essential. This
figure also suggests that steel parts present the most
difficulty for damage tolerance management.

SUMMARY

In summary, the work that has been conducted to date at
Sikorsky Aircraft, particularly under Air Force contract has
m pointed out the key technical issues which must addressed
(Figure 37). This work has also led to some general
recommendations for damage tolerance assessment of helicopter
structure (Figure 38).

For most of the technology issues presented in Figure 37
proposals have been submitted to WR-ALC, and the flight data
recorder work is, as mentioned, under contract. The
recommendation in Figure 38 to not use retardation models may
be eliminated if reliable retardation models can be
established near the threshold.
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Words to be used with presentation:

Title: Preliminar Damage, Tolerance Evaluation of Selected Fal2=•r RgnMn Qomnnent
R. E. Kehl

Title Pg: (Title page and marketing photograph of F412 engine side by side) GE Aircraft Engines
is performing a structural integrity assessment of selected components of the P412 engine currently
being designed and qualified for the Navy A12 application, as part of an Air Force Early Risk Reduc-
tion (ERR) study; a study to evaluate the proposed Air Force ATA application. This presentation
is a short synopsis of the objectives of the study, some preliminary engine turbomachinery fracture
mechanics results and conclusions.

Chart 2: (Title page and chart 2 side by side) Here's an outline of the topics that I'll be discussing.
I'll start with some background on the F412 engine in the Navy A12 application and move on to the
Air Force Early Risk Reduction effort. The ERR study start with a comparison of the engine usage
in the Navy application versus that of the proposed Air Force ATA application. I'll present the en-
gine turbomachinery components chosen for the study and some preliminary damage tolerance
assessment results for the fan and compressor rotors. Finally, I'll summarize our status and draw
some conclusions based on the preliminary results.

Chart 3: (Chart 3 and chart 4 side by side) Let's star with a discussion of the F412 engine, its
Navy application, and its potential Air Force application.

Chart 4: GE Aircraft Engines is designing, developing and qualifying the P412 engine for the
Navy A12 application.

The F412 engine is a fixed nozzle medium bypass utuoan engine derived from the F404
engine used by the Navy in the F/A-I 8 aircraft, and from the F110 engine used by the Navy in the
F14 and by the Air Force in F15 and F16 aircraft.

The airframe companies, MWDonnell Douglas Aircraft and General Dynamics-Fort
Worth, provided GE with a detailed Navy mission definition.

The F412 engine is designed to meet Navy durability critria. There is no Navy require-
ment to establish maintenance intervals based on fracture mechanics life criteria. With the F412
engine, GE is meeting the Navy's needs and design requirements.

Chart 5: (Replace chart 4) The objective of the "Early Risk Reduction" contract is to provide the
Air Force with a preliminary look at the kinds of changes the airframe and engines may need to meet
Air Force usage and integrity requirements.

As with the Navy mission, the airframe companies provided GE with a detailed mission
definition of the proposed Air Force usage to evaluate engine components.

The ERR damage tolerance assessment evaluates selected components throughout the
engine, characterizing the integrity of the engine as a whole.

The F412 engine is assessed relative to potential USAF goals. There are no defined
USAF ATA requirements. Preliminary goal are ambitious: 10000 MH durability, and 5000 MH for
inspection or maintenance intervals. Through the ERR study GE is responding to AirForce needs.

Chart 6: (Replace chart 5) These are the F412 engine components that am being evaluated by the
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ERR assessment. The F412 engine consists of a three stage fan driven by a two stage low pressure
turbine and a seven stage compressor driven by a single stage high pressure turbine. Note the turbo-
machinery components being evaluated: the fan stage 1 rotor, blade and air seal, the fan aft shaft,
three stages to characterize the compressor, stages 1,3, and 7, turbine turbomachinery, the high-pres-
sure turbine rotor and blade, both low pressure turbine rotors, and the low pressure turbine stage 2
blade. Some static structural components including the midframe, and a pressure case, the combus-
tor casing are also included. This variety of components is distributed to provide a picture of the
F412 engine as a whole.

Chart 7: (Chart 7 and chart 8 side by side) My next topic is a comparison of the Navy usage with
the proposed Air Force usage. Differences in the missions include the weight of the aircraft, the mix
of the types of missions flown, and the expected life capability.

Chart 9: (Replace chart 8) The different usage together with the increased weight of the ATA ver-
sion of the aircraft results in higher engine turbine temperatures. Turbine temperature can be taken
as representative of the severity of engine cycle conditions. The proposed Air Force application
spends more time at higher temperatures. The proposed Air Force ATA application is more severe
than the Navy A12 application in terms of both cycles and turbine temperature.

Chart 10: (Chart 10 and chart 11 side by side) My next topic is a review of the F412 turbomachinery
components being evaluated in the Early Risk Reduction effort, our current status and some prelimi-
nary results.

Chart 11: This is the axisymetric finite-element model of the fan rotor, and the three-dimensional
finite-element model of the stage 1 fan blade. In the fan, we are evaluating the stage 1 rotor, blade
and air seal plate, and the fan aft shaft. The stage 3 disk dovetail is also included. We've finished
our assessment of most fan rotor locations. Work is continuing on one shaft location and the stage
I blade. The choice of components characterizes the fan as a whole.

Chart 12: (Replace chart 11) These are the results of a fracture mechanics assessment of two loca-
tions on the fan stage 1 rotor. The first assessment assumes a comer crack in the rotor bore, the sec-
ond, a surface crack at the cone-web junction. Typical florescent--penetrate-inspection capability
(FPI) is finding a 35 by 70 mil surface crack, indicated by the shaded region to the right of the graph.
Typical Eddy current inspection capability is somewhat smaller than a 10 by 20 mil surface crack,
or a 10 by 10 mil corner crack, indicated by the shaded region to the left of the graph. Using more
sophisticated techniques such as Eddy Current, the fracture mechanics life increases significantly.

Chart 13: (Replace chart 12) These are the results of a fracture mechanics assessment of two loca-
tions on the fan stage I air seal. The air seal is a thin plate structure bolted to the rear of the stage
I disk. Comer cracks in the bolthole and in the scallop between boltholes are evaluated. Again we
can see that the fracture mechanics life is increased significantly when Eddy Current inspection is
used.

Chart 14: (Replace chart 13) This is the axisymetric finite-element model of the compressor rotor,
and the three-dimensional finite-element models of the stage 1, 3, and 7 compressor blades. In the
compressor, we're evaluating stage 1, 3, and 7 rotors, blades, and the compressor forward shaft.

775



We've finished our assessment of the compressor rotor locations. Work is continuing on the blades.
The choice of components is made to characterize the compressor as a whole.

Chart 15: (Replace chart 14) These are the results of a fracture mechanics assessment of three loca-
tions on the compressor stage 1 disk. Comer cracks in the disk bore and bolthole, and a surface crack
in the forward rabbet fillet are evaluated. Using more sophisticated inspection techniques, that frac-
ture mechanics life increases significantly.

Chart 16: (Replace chart 15) These are the results of a fracture mechanics assessment of two loca-
tions on the compressor stage 4 to stage 7 spool. We're looking primarily toward the aft end of the
spool, the stage 7. A surface crack in the stage 7 disk bore, and a corner crack in the stage 7 bolthole
are evaluated. The fracture mechanics capability can be increased if more sophisticated inspection
techniques are used.

Chart 17: (Replace chart 16) This is the axisymetric finite-element model of the high pressure tur-
bine rotor. In the high pressure turbine, we're are evaluating the rotor and the serpentine cooled
blade. We've finished stress analysis of the rotor and are currently evaluating the durability life ca-
pability. The choice of components is made to characterize the high pressure turbine as a whole.

Chart 18: (Replace chart 17) This is the axisymetric finite-element model of the low pressure tur-
bine rotor. In the low pressure turbine, we're evaluating both stage 1 and stage 2 rotors, the uncooled
shrouded stage 2 blade, and the fan driveshaft. As with the high pressure turbine, we've finished
stress analysis of the rotor and are currently evaluating the durability life capability. The choice of
components is made to characterize the low pressure turbine as a whole.

The ERR assessment also includes other components; specifically, the midfriame, character-
izing a structural static component, and the combustor case, characterizing a presnare case.

Chart 19: (Chart 19 and chart 20 side by side) Finally, I'll try to summarize the objectives of this
assessment of the F412 engine, our current status and the preliminary results to date.

Chart 20: The damage tolerance assessment has been completed on the F412 fan and compressor
rotors. Work continues on blades, turbines and static structures. These components are selected to
characterize the life capability of the F412 engine as a whole.

The proposed Air Force ATA usage differs from the baseline Navy A12 design usage. The
proposed Air Force usage is more severe than the Navy both in terms of cyclic damage, and in terms
of turbine temperatures.

Preliminary results of fan and compressor rotor components indicate that some locations
may require more sophisticated inspection techniques, such as Eddy current inspections used for
some Fl 10 components, to achieve potential Air Force maintenance goals.

In the Early Risk Reduction evaluation, GE has taken the opportunity to respond to Air Force
needs.

Thankyou
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THE RESULTS OF USING A MICRO PROCESSOR BASED STRUCTURAL
DATA RECORDER TO SUPPORT INDIVIDUAL AIRCRAFT TRACKING

OF THE B-1 B AIRCRAFT

A. G. Denyer
Senior Engineering Specialist - Rockwell International

ABSTRACT
As part of the USAF Aircraft Structural Integrity Program (ASIP), Rockwell

International developed an Individual Aircraft Tracking (IAT) system for the B-1iB
aircraft. The IAT program accumulates and analyzes operational usage statistics
and load spectra data from each aircraft in the fleet, in order to predict the current
structural damage status at selected critical structural locations. The IAT analysis
provides the data from which structural inspections, repairs and replacements are
defined and scheduled.

INTRODUCTION
In 1972 the USAF instituted the Aircraft Structural Integrity Program (ASIP)

Requirements (1) to which aircraft would be designed and maintained to ensure
safety of flight and to provide an economic maintenance schedule. Included in
these requirements is the Individual Aircraft Tracking (IAT) program which predicts
potential flaw growth in critical areas of the structure on each individual aircraft in
response to its unique operational usage. The purpose of such a program is to
provide the USAF the information necessary to schedule specific structural
inspection and maintenance tasks at proper intervals so as to ensure adequate
strength, durability and damage tolerance of the structure of each aircraft
throughout the required service life.

The B-1 B was the first USAF aircraft to incorporate, as a design requirement,
an ASIP dedicated, microprocessor based, Structural Data Collector (SDC) to
record structural loads on every aircraft. This paper presents a description of, and
sample output from, the B-1 B IAT system which comprises, data acquisition, data
collection and processing procedures, analysis programs and reporting
procedures.

The damage computation within the IAT program utilizes the principles of
linear elastic fracture mechanics. The crack growth equations, initial and final flaw
assumptions are presented for a typical structural location as are the results of
analyses for both the durability and damage tolerance regions of the crack growth
curve. The accumulated structural damage is computed for the applied loads
representing the service experience while the remaining life is based on the crack
growth life from the current crack size to a defined allowable crack limit. The
remaining life estimates are predicted assuming that future utilization of the aircraft
is an extension of average squadron usage for the previous two years. The useful
remaining life of the structure is a function of the durability analysis while the
inspection requirements are based on the damage tolerance analysis.
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Finally the paper will discus the advantages of an IAT program based on a
structural loads recorder and the procedures for incorporating the IAT program
results into the Force Structural Maintenance Plan.

DATA ACQUISITION PROVISIONS

Structural Data Collector
The IAT analysis programs require a detailed definition of the operational

environment. For the B-1 B, the collecting of operational data is performed by a
microprocessor based solid state data collection and storage device called the
Structural Data Collector (SDC). One such instrument is installed oni each B-1B
aircraft. The SDC samples, processes and records data from six, ASIP dedicated,
strain gages located at strategic points on the airframe, and a dedicated vertical
accelerometer. The balance of the data required by the IAT system is extracted
from non ASIP information available in the Central Integrated Test System (CITS).

The Central Integrated Test System provides on-aircraft capability for in-flight
passive monitoring, data entry, fault isolation and active testing of most aircraft
systems and subsystems. In support of its primary functions CITS monitors many of
the parameters to be processed by the SDC recorder. This parameter monitoring
capability is used to supply the SDC with parameters of interest via a dedicated
high speed serial-digital CITS/SDC link.

The CITS data entry function is used to supply the SDC with necessary
manual entry flight documentation via the CITS Control and Display Panel.

TABLE 1 provides the list of measured parameters and documentary ;tems
recorded by the SDC

Other Data Acquisition Requirements
The B-1 B IAT software system requires data inputs from sources other than

the SDC.
1) Possession and Utilization Record Summary

The USAF maintained AFR65-1 1 O/GO33 (2) system provides a summary of
aircraft ownership, possession and utilization records, a sample of which is
shown in TABLE 2. This data provides the current flight hour status of
each aircraft.

2) Aircraft Mission Records.
The USAF maintained Core Automated Maintenance System (CAMS)(3)
provides a record1 of 6ach mission in terms of date of mission, mission type,
flight length and landings. TABLE 3 reflects a sample of this data which is
used as back up data in the situation that the SDC data is unavailable.

3) Aircraft Maintenance Records
The USAF maintained CAMS data base provides base level maintenance
records of significance while depot level maintenance actions are recorded
manually and converted to computer compatible form. The data includes
inspections, repairs, part replacement and component interchanges which
may affect the predicted structural damage status on a particular aircraft.

The USAF maintained data collection systems are the responsibility of the USAF
Air Logistics Command which provides computer tapes of data on a monthly basis.
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Data Sample Data
Parameter Comp Rate

Meth /sec

Strain Gage - Stabilizer Left Hand pv 40 ASIP
Strain Gage - Stabilizer Right Hand pv 40 ASIP
Strain Gage - Stabilizer Support Fitting Side plate pv 40 ASIP
Strain Gage - Wing Sweep Actuator pv 40 ASIP
Strain Gage - Wing Lower Skin pv 40 ASIP
Strain Gage - Forward Fuselage Dorsal Longeron pv 40 ASIP

Vertical Acceleration (Nz) pv 40 ASIP

Wing Sweep Angle th 1 CITS
Flap Position th I CITS

Gross Weight th 1 CITS
Center of Gravity hacl 1 CITS
Mach Number th 1 CITS
Altitude (Pressure) th 1 CITS
Altitude (Radar) hac2 I CITS

Weight on Wheels (on/off) desc 1 CITS
Refuel Nozzle Latch (connect/unconnect) desc 1 CITS
Structural Mode Control System (on/off) desc 1 CITS
Terrain Following Radar Status (on/off) desc 1 CITS
Terrain Following Radar Mode (manual/auto) desc 1 CITS
Terrain Following Radar Ride (soft/mediumthard) desc 1 CITS
Engine Number 1 Stop desc 1 CITS
Engine Number 2 Stop desc I CITS
Engine Number 3 Stop desc 1 CITS
Engine Number 4 Stop desc 1 CITS

DOCUMENTORY ITEMS NOTES
Aircraft Serial Number 1) ASIP - ASIP Dedicated Sensor
Mission Date 2) CITS - Data from Central Integrated Test System
Take Off Gross Weight 3) Desc - Discrete Parameter
Stores Weight 4) pv - Peak-Valley Compression Algorithm
Mission Type Code 5) th - Time History Compression Algorithm
Base Code 6) hacd - Recorded with Gross Weight

7) hac2 - Recorded with Pressure Altitude

TABLE 1 - STRUCTURAL DATA COLLECTOR, RECORDED PARAMETERS, DATA
COMPRESSION METHODS, SAMPLE RATES AND DATA SOURCES
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Aircraft Possession and Utilization Records - May 1980

Aircraft Serial Number BIB XXXX
Date of Record 88152
Owning Organization SAC
Possessing Organization 0096BHVWG
Base Code FNWZ
Accumulated Flight Hours 273.3 hours

TABL- 2 - SAMPLE DATA FROM USAF AFR65-1 1 0/GO33 SYSTEM

Mission Records for May 19'38 Aircraft No. BIB XXXX

Mission FlightMission Date Code Length Landings

1 88-1 T2 4.5 3
2 88133 T3 3.7 2
3 88133 T3 0.9 6
4 88134 T2 7.1 5
5 88134 T2 0.9 9

TABLE 3- SAMPLE DATA FROM USAF CAMS DATA BASE

DATA COLLECTION AND PROCESSING PROCEDURES

SDC Data Collection and Processing
The main function of the SDC is parameter monitoring. TABLE 1 defines the

list of parameters, their source, monitored sample rate and data compression
method. The SDC softwere performs the five sub-tasks as follows:-

1) Each parameter is sampled at the time interval defined by its sample rate
shown in TABLE 1.

2) Each sampled parameter value is validated so as to protect the archival
memory from erroneous data. The tests include maximum and minimum
range tests, maximum rate of change tests and excessive recording of a
parameter in the archival memory.

3) Each parameter is processed through one of two data compression
algorithms. These algorithms significant!y increase the number of flight
hours of data that can be stored in the archival memory by systematically
eliminating insignificant or redundant information. Parameters that are
cyclic in nature, such as strain records, are compressed using a peak-
valley search routine. The routine locates ,.nd saves only significant local
maximas and minimas in the parameter time history. All intervening
points ?,re discarded. Smoothly varying parameters, such as altitude, are
compressed by a moving window technique called time history
compression. This algorithm saves a parameter value whenever its current
value has c•rqged by more than a piescribeo amount f,'om the previously
saved value.

4) Each validated and compressed parameter value is stored in highly
compacted variable format storage records. Each record contains a
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parameter identifier, the relative time tag to its previous record, the
parameter data value and the values of associated time hack parameters.
The basic assumption is only to include those data that changed from the
previous record.

5) The final task is to record the data in the SDC archival memory. Records are
archived sequentially into Electronically Erasable Programmable Read
Only Memory (EEPROM). Two techniques are used to minimize the impact
of EEPROM hardware failure. First a read after write ensures that the
information is stored properly. Secondly the memory is logically divided
into 1 K blocks. Data within blocks are formatted and stored allowing
retrieval from any one block independently of all other blocks.

Data Extraction Procedures
At scheduled intervals, or when maintenance indicates that the SDC

memory is filled to capacity, the stored flight information is extracted from the SDC
memory by a hand portable, battery powered ground support device called the
Structural Data Extractor (SDE). The SDE is a micro-processor controlled solid
state memory device designed for flight-line usage. The SDE is capable of
extracting the contents of the SDC memory module into its own solid state memory
and maintaining these data until such time as its memory contents can be
transferred on to convenient computer compatible 8 inch flexible disks by the CITS
ground processor.

Data Collection and Processing Programs
A software package, shown in FIGURE 1 performs the task of accumulating

the flight loads data received from the field and generating computer tapes of flight
loads history suitable for batch processing through the IAT analysis system.

The software package comprises two(2) separate computer programs. One
program is the Transcription Micro-computer Program which provides the micro-
computer to main frame interface, This program was developed by the USAF at the
Aircraft Structural Integrity Management Information Systems (ASIMIS) facility and
was specifically tailored to the USAF hardware/software environment. The other
program is the Raw Data Reduction (RADAR) program which is a main frame
computer program for accumulating, validating and editing data and generating
analysis data tapes. The functions and inter-relationships of these programs are
described below.

Transcription Micro-computer Program
A micro-computer program copies the SDC 8 inch flexible disks as received

from the field onto mainframe compatible storage media (disk files or magnetic
tape). The data contained therein is copied byte by byte without reformatting onto a
mainframe accessible storage device. The output file provides the input to the
accumulation and validation mainframe software.

Raw Data Reduction (RADAR) Program
The RADAR program converts the as recorded SDC information into

sequenced time histories of each recorded parameter in engineering units. The
output of the program is the SDC USAGE TAPES suitable for batch processing
through the IAT analysis programs. The program is equipped with sort routines to
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separate the data by aircraft and sort in date sequence, based on the dates
provided in the SDC documentary data.

A 'VALIDATION' module evaluates the SDC records for validity and
suitability for further processing. If key aspects are missing, clearly invalid or
inconsistent with other data, an entire flight may be declared invalid. Flights are
declared invalid, for example, if the aircraft serial number identification has been
omitted from all documentary records on a particular data extraction from the SDC.
Another cause of invalid data are those flights for which the data is incomplete
(flights appear to end in the air) due to saturation of the SDC memory or loss of
communication between the SDC and CITS. Individual parameters are also
evaluated and may be declared invalid. Validity checks include monitoring
coincident values of various parameters such as Mach number and altitude for
combinations outside the aircraft envelope. A not infrequent occurrence is 'drop
out' where a parameter records an extreme value and returns to normal. These
can be detected and removed. Extensive printed diagnostics allow the analyst to
monitor automated validation decisions made by the program.

An 'EDIT' module is provided wherein individual parameters, flights or an
entire SDC record may have validity flags reset.

Sample parameter time histories are shown in plot form in FIGURES 2 and 3
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FIGURE 1 - DATA COLLECTION AND FIGURE 2 - TYPICAL FLIGHT PROFILE

PROCESSING PROGRAM PARAMETERS
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INDIVIDUAL AIRCRAFT TRACKING (IAT) ANALYSIS PROGRAMS

The IAT program has three (3) purposes -
1) To provide for each aircraft, the rate at which the fatigue capability is

being used and an estimate of the remaining life
2) To provide usage statistics for each aircraft, for each squadron, and force

wide to aid USAF using command in force use planning.
3) To provide for each aircraft, the intervals at which specified critical

structural locations must be inspected in order to maintain structural
integrity.

The IAT analysis is implemented using a package of computer programs
developed specifically for these tasks. The input to the tracking system are the
flight and maintenance records of each aircraft. Its output, supplied in periodic
reports, consists of usage statistics, accumulated structural damage estimates,
remaining life estimates and structural inspection intervals.

The primary source of flight data are the SDC USAGE TAPES produced by
the RADAR program. The back-up source of flight data is the usage records
maintained within the CAMS database and input to the IAT program via USAF
supplied data tapes.

The usage statistics accumulated by the IAT program are indexed and
maintained for individual aircraft defined by serial number, by USAF squadron
number and as a force wide accumulation. Damage records are indexed and
maintained by structural location cn appropriate individual components which are
defined by title and component serial number. The definition of components are
those items which are considered interchangeable between aircraft or from spares.
Serialized components include wing panels, stabilizers, nacelles and wing sweep
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actuators. The non-interchangeable components, wing center box and fuselage
are identified by the aircraft serial number. All reporting of usage data and damage
values is by aircraft serial number. The IAT program maintains a MAINTENANCE
RECORDS MASTER FILE to correlate specific component serial numbers to
appropriate aircraft.

The number of structural details monitored by the IAT program is limited to a
small number of control locations, such that the critical areas of each major
component is covered. Typically one location per component will be tracked
although multiple points are necessary for some components where the load
response to the flight parameters vary between locations. The list and location of
the B-1 B tracked airframe locations are shown in TABLE 4.

Crack Length ULmits (ins)

ID Structural Location Durability Dam .Tol

Ai Af Af Ai
1 Wing Lower Outboard Pivot Lug Plate 0.01 0.07 0.03 0.19
2 Wing Lower Cover at Rear Spar Attachment 0.01 0.10 0.05 0.79
3 Wing Center Section Lower Skin at Front Spar 0.01 0.20 0.05 1.23
4 Wing Center Section Lower Skin at Mid Spar 0.01 0.18 0.05 5.92
5 Wing Sweep Actuator at Ball Race 0.05 0.22 0.05 0.22
6 Forward Fuselage Dorsal Longeron 0.01 0.58 0.05 0.58
7 Aft Intermediate Fuselage Shoulder Longeron 0.01 0.40 0.05 0.40
8 Aft Intermediate Fuselage Outboard Longeron 0.01 0.20 0.05 1.93
9 Nacelle Support Beam 0.01 0.18 0.05 0.25
10 Stabilizer Support Beam 0.01 0.35 0.05 0.35
11 Horizontal Stabilizer Bearing Support Fitting 0.01 0.10 0.05 0.19
12 Vertical Stabilizer Skin 0.01 0.12 0.05 1.24
13 Nacelle Forward Attachgment Fitting 0.01 0.44 0.05 0.44
14 Nacelle Aft Connecting Link 0.01 0.71 0.05 0.70

TABLE 4 - TRACKING CONTROL POINTS AND CRACK LENGTH LIMITS

Damage computations within IAT are performed for both the durability and
damage tolerance regions of the analytic crack growth curve as defined in FIGURE
4 with pre-selected initial flaw sizes given in TABLE 4. The crack growth calculation
consists of two phases; the analytical estimate of the crack growth due to the load
cycles to which the part has been subjected, and the estimate of the remaining life
from the current crack size to to the limiting crack length. The limiting crack sizes
shown in TABLE 4 are defined as follows:-

The durability crack limit is the smaller of the economic repair limit and he
functional impairment limit.
The economic repair limit is the largest crack that can be repaired without
a prohibitively expensive modification to the structure.
The functional impairment limit is the largest crack size that can exist in
the structure without impairing the functional capability.
The damage tolerance crack limit is the crack length at which rapid
unstable crack growth commences if the structure is subjected to design
limit load.
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The functions and inter-relationships of the four (4) computer programs and three
(3) associated master files within the IAT system package are defined in FIGURE 5
and described below
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FIGURE 5 - INDIVIDUAL AIRCRAFT TRACKINGFIGURE 4 - STRUCTURAL LIFE DEFINITIONSANLSSPORM
ANALYSIS PROGRAMS

Maintenance Records Master File
Contains the configuration status and maintenance records of each tracked

component on each aircraft. The configuration status is indexed by aircraft serial
number and maintains the current allocation of each major component by name
and component serial number to that aircraft serial number. The maintenance
records are indexed by structural location and component serial number. In
addition the configuration status maintains the design modification status to reflect
significant design changes during the production or by in-service modifications.

Usage Records Master File
Contains the flight records of each aircraft. The file is indexed by aicraft

serial number for the individual aircraft records, by squadron for data accumulated
for all aircraft operating within the squadron and by force for the records of force
wide usage. A record of the B-1 B design usage is also kept.

Damage Records Master File

867



Contains the accumulated damage records for each tracked location on
each component. The records which include the accumulated flight hours on the
component and the damage accumulation records stored as crack growth curves.
These are indexed by structural location and component serial number. The crack
sizes are initialized to the durability and damage tolerance initial flaw sizes defined
in TABLE 4.

Usage Data Computer Program (UDCP)
The Usage Data Computer Program has three primary functions:-

1) Establishment of the aircraft current accumulated flight hours.
2) The compilation of individual aircraft usage information in flight-by-flight

sequence for a specific calender period. The output is a sequential file of
usage data organized by aircraft seria number.

3) Compilation of stress spectra at each tracked location to represent that
usage.

The primary requirement of a tracking program is that all flight hours of each
aircraft be included in the damage computation estimates. To ensure this goal the
program first establishes the accumulated flight hours at the period end date from
the AFR 65-11 0/GO33 data, a sample of which is shown in TABLE 2.

The second task is to create a flight-by-flight usage file for each aircraft from
the SDC records, CAMS utilization records (TABLE 3) or statistically from the
historical records in the USAGE RECORDS MASTER FILE. The program is priority
driven to use SDC data if valid, CAMS data or finally, if no mission data is
available, to use the statistical records of the appropriate squadron. The software
code has extensive validation and correction criteria. Typical of the corrections
imposed is that of mission type if the SDC documentary data is in violation with the
recorded SDC information. The correlation between the SDC and CAMS records
is established by comparing the SDC data of, date, flight length, mission type and
number of landings with the corresponding CAMS information. The data included
in the created usage file is shown in TABLE 5. Of significance is the keys denoting
the availability of strain gage records and load factor (Nz) and the time histories for
selected parameters.

The third task is to compile a stress spectra file for each tracked structural
location from the SDC records using appropriate stress transfer equations which
are stored in the STRESS TRANSFER FUNCTION LIBRARY and accessed by the
UDCP.

The transfer equation for the tracking control point 2 (TABLE 4) on the wing
outer panel is as follows:-

Ground Stress is 16.0 + (0.828 * SG5) psi
Flight Stress is 882.0 + (0.734 * SG5) - (9.3 * flap) - (4.7 * wing) psi

where
SG5 is Wing strain gage reading
flap is flap angle
wing is wing angle
Ground Stress is defined in the SDC by the weight on wheels parameter..
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The equations were developed using a least squares fit regression analysis
technique applied to the structural stresses computed for the fatigue design
conditions of the airplane. Each tracking point has a unique stress transfer
function. For some locations, remote from a strain gage, the transfer function
relates the stress to the flight parameters including vertical load factor (Nz), gross
weight, Mach number, altitude and airplane geometry. Some tracking control
points have different transfer functions on selected aircraft due to design changes
during production. The modification status of each aircraft is maintained in the
MAINTENANCE RECORDS MASTER FILE.

Data Item Value Notes

Date 88125 1
Data Source Key SDC 1
Spectrum Availability Nz yes 2

Fight Parameters yes 2
Wing Strain Gage yes 2
Wing Actuator Gage yes 2
Fuselage Gage yes 2
Stabilzer Gages (3) yes 2

Mission Code 1 1
Flight Length 4.5 1
Squadron Number 1
Base Location FNWZ 1
Total Landings 3 1
Take Off Gross Weight 360.0
Take Off Fuel Weight 170.0
Landing Gross Weight 220
Terrain Following Radar (on/off) off
Terrain Following Mode (auto/manual) Manual
Terrain Following Hours 1.0
Terrain Following Mach Number 0.85
Terrain Following Altitude 2000.0
Terrain Following Wing Angle 65.0
Terrain Following Gross Weight 300.0
Refuel Hours 0
Number of Refuel Operations 0
Hours above Mach 1.0 0
Hours < 2000 ft and Mach No. < 0.5 0.5
Hours with Flaps Down 0.4
Number of Flap Operations 5
Nurmber of Wing Sweeps 1
Pre-Flight Hours 251.3 1

Notes
1) Data available from CAMS utilization records
2) Denotes Spectrum Availability for this Flight

TABLE 5 - IAT USAGE FILE - Typical Misson - Aircraft No. XXXX

869



Maintenance Data Computer Program (MDCP)
The task of the MDCP is to maintain the configuration status and

maintenance records of each aircraft in the MAINTENANCE RECORDS MASTER
FILE.
The configuration status consists of two types of data:-

1) The assignment of serialized numbered components to each aircraft.
2) The assignment of modification status of each tracking location of each

component. The modification status refers to the design of the parts
assigned to each aircraft.

The initial assignment of components to specific aircraft serial numbers and
the incorporation of design changes was established by the production criteria and
stored accordingly in the MAINTENANCE RECORDS MASTER FILE. Changes to
the configuration status are conveyed to the IAT system by USAF supplied tapes
which reflect maintenance actions by the USAF. The MDCP interrogates the
maintenance tapes for items of significance to the IAT, evaluates the data and
updates the master file if necessary.

The maintenance actions which affect the damage calculations and
inspection requirements must be identified and stored for use by the Damage
Computation Program. Typical of such actions are the replacement and/or repair of
specified critical parts and the results of structural inspections.

Damage Computation Computer Program (DCCP)
The processing core of the IAT system is the DCCP which performs four

primary tasks:-
1) Updating the USAGE MASTER FILE with newly processed usage statistics.
2) Updating the DAMAGE RECORDS MASTER FILE as a result maintenance

actions.
3) Computing the analytical structural damage due to the application of the

recorded loads, where available, or from the recorded usage. The program
updates the DAMAGE RECORDS MASTER FILE to reflect the current
damage accumulated at each structural location on each aircraft.

4) Computing the remaining available life based on the assumption that
future usage is an extrapolation of recent past usage and updating the
DAMAGE RECORDS MASTER FILE.

The usage file generated by the UDCP is used to update the USAGE
MASTER FILE for appropriate aircraft and squadron as well the force wide records.
The master file is maintained to make available usage statistics for last two years,
in periods of six months, in addition to the life-time usage, The usage statistics
include the distribution of mission types and the number of flight hours and
landings for each mission type. Additional data such as the average conditions of
take off gross weight, number of wing sweeps, number of flap operations, number
of refuelling segments, maximum Mach number and altitude during the flight are
kept for each mission type. For mission types which include terrain following the
statistics include the time spent in various terrain following modes.

The DAMAGE RECORDS MASTER FILE may be updated as a result of
maintenance actions. The DCCP will, on request, interrogate the MAINTENANCE
RECORDS MASTER FILE for unincorporated maintenance actions and update the
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DAMAGE RECORDS MASTER FILE as appropriate. The prime changes to the file
is the reset of durability and/or damage tolerance crack sizes as a result of part
replacement, repair or confirmed inspe%.Aion.

The analytical structural damage is accumulated in terms of increasing crack
lengths due to the structural loading caused by the aircraft usage. When stress
spectra are available from the SDC records as defined by keys in the USAGE FILE
the program utilizes cycle-by-cycle crack growth methodology. The principles of
linear elastic fracture mechanics (LEFM) coded into the crack growth program
CRKGRO (4) is duplicated in the IAT program. Based on the LEFM concept, the
stress state surrounding the crack tip can be characterized by a single parameter,
the stress intensity factor K. Furthermore the subcritical flaw growth can be
characterized as a function of the cyclic range of the stress intensity factor. The
crack growth is computed per cycle (da/dN) using a crack growth rate equation
fitted to material property subcritical flaw growth rate data and an integration
procedure to obtain the complete crack growth curve.

Fatigue Crack Growth Rate Equation (Walker Equation)

&= C[(1-R)m-1 x An ifR>O
dN
_&= C[(1-R~q x K.,, ]n if R < 0
dN

where C,m,n,q are material properties

R is Ratio of applied stress Gmmn/myax

KT1 , is Stress Intensity Factor due to applied stress amux

Kmin is Stress Intensity Factor due to applied stress O"i

AK = Kmax - Kmin

The stress intensity factor equations used in the IAT program depend on the
local geometry of the structure and the flaw and were selected from (4) The crack
growth integration routine includes a tensile overload retardation model and a
compressive load acceleration model also defined in (4)

The current crack size in the DAMAGE RECORDS MASTER FILE is the initial
crack size for analysis which computes the change in crack length due to the stress
spectrum. The crack growth material properties, local part geometry and crack
models are stored in the DAMAGE DATA LIBRARY.

After the accumulated crack growth has been determined for the entire stress
spectrum available for the period considered, the USAGE FILE is scanned for any
flights for which stress spectra are unavailable. For each of these missions the
crack growth is estimated from pre-generated crack growth curves representing
various mission profiles. The pre-generated crack growth curves represent
specified typical missions covering the expected B-1 B usage and are stored in the
DAMAGE DATA LIBRARY. The curves were generated analytically using B-1B
design loads for four (4) groups of missions.
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1) Training Missions with a low altitude/high speed (terrain following)
segment

2) Training Mission without a low altitude/high speed segment.
3) Missions representing flight test activities.
4) Missions representing predominantly touch and go landing practice.

Within group '1', curves were created for a range of flight lengths, take off
gross weights, terrain following time and terrain following criteria of Mach
number.
Within groups '2' through '4', curves were created for a range flight
lengths and take off gross weights.

Based on the mission type, an algorithm relates the mission to one of the above
groups of the pre-compiled crack growth curves. Knowing the current crack length,
the change in crack length due to the mission is found for each curve by a
graphical integration procedure defined in (5). The final 'delta a' for the mission is
found by linear interpolation based on the actual flight parameters of flight length,
take off gross weight and terrain following statistics as compared to the parameter
values in the pre-generated curves. The accumulated crack size is then 'a current'
plus the final 'delta a'. The above analysis is performed for all additional missions
using both the durability and damage tolerance regions of the curves. The updated
crack sizes are returned to the DAMAGE RECORDS MASTER FILE.

To compute the remaining available structural life, a usage model is
constructed. In general, this model is compiled from the historic database kept in
the USAGE RECORDS MASTER FILE. The preferred base is the two year history
of the appropriate operational squadron. If the accumulated data under this criteria
is less than 200 flight hours the database is defined as follows in preferred order:
two years operational data force wide, life time force wide or design usage. A
composite usage file is thus created in a format identical to that used to define the
actual usage. The crack growth is computed using the graphical integration routine
defined above, commencing with the current crack size and repeatedly applying
the composite usage file until the limiting crack sizes is reached.

REPORTING PROCEDURES
The tracking report program assembles the usage and damage statistics into

highly stylized formats suitable for direct inclusion into the periodic IAT and
inspection requirement reports. The reports are both tabular and graphical in
nature. The usage, maintenance, and damage records are provided for each
aircraft, and force wide comparisons are provided for selected usage and damage
statistics.

Usage
TABLE 6 presents the usage records for the high-time, median and low-

time aircraft while TABLE 7 provides a sample of mission statistics comparing the
records from three squadrons with the design usage. TABLE 8 gives a
representation of usage statistics for a single aircraft.
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Parameter Force Leader Force Mecian Force Trailer
Value ASN Value ASN Value ASN

Flight Hours 740.3 850072 222.1 850067 4.3 860135
Missions 155 850064 55 850063 1 860135
Total Landings i194 850062 320 860010 7 860135
Terrain Following Hrs 1175.3 850064 51.8 860113 1.1 860135

TABLE 6- FORCE UTILIZATION SUMMARY AS OF 30 JUNE 1988

Mission Type

Squadron 1A 1B 1C ID 2A 2B 3 4 5

OOOOAFTCE 99 1
0096BHVWG 64 23 8 3 1
0344BHVWG 50 24 7 13 2 2

Design 5 80 15

Mission Types
1A Training Mission with Terrain Follow, Take off Wt. >300 kips, Mach No. during TF > 0.8
1B Training Mission with Terrain Follow, Take off Wt. <300 kips, Mach No. during TF > 0.8
1C Training Mission with Terrain Follow, Take off Wt. >300 kips, Mach No. during TF < 0.8
1D Training Mission with Terrain Follow, Take off Wt. <300 kips, Mach No. during TF < 0.8
2A Training Mission without Terrain Follow, Take off WM. >300 kips
2B Training Mission without Terrain Follow, Take off Wt. >300 kips
3 Ferry Flight
4 Flight Test
5 Direct Test Support

TABLE 7 - MISSION TYPE DISTRIBUTION (percentage) AS OF JUNE 1988

Damage
The damage records are presented for each tracked location . The type of

data available is represented in TABLE 8. An indication of the variation of
structural life within the force is shown by curves of the form shown in FIGURES 6
and 7. These curves present the durability and damage tolerance lives from
initial flaw to final crack size for the most and least potentially damaged aircraft
compared to the design curves.
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AIRCRAFT IDENTIFICATION

AIRCRAFT BIB XXXX AS OF DATE 30 JUNE 1988
COMMAND SAC
SQUADRON 0096BHVWG
HOMVE BASE DYESS AFB
USAGE STATISTICS MISSION TYPE

DISTRIBUTION

Flight Hours 601.8 Type Percent
Missions 43 1 95.7
Landings 162 2 3.2
Terrain Following Hrs. 33.4 3 1.1
Average Flight Length 3.6 4
Average Take Off Gross Wt. 328.0 5
Average Landing Gross Wt. 231.0

DAMAGE RECORDS - LEFT HAND WING

Data Wing Location 1 Wing Location 2
Component Wing Wing
Serial No. L12020010610006 L12020010610006
Location Lower Outboard Lug Lower Skin

Component Flight Hours 601.8 601.8
Hours Since Inspection 601.8 601.8

Durability Crack Length (ins) .010023 .010706
Durability Crack Limit (ins) .07 .1
Durability Life (Hours) >100000 25307
Remaining Durability Life (Hours) >100000 24705

Damage Tolerance Crack Length (ins) .030793 .056344
Damage Tolerance Crack Limit (ins) .19 .79
Damage Tolerance Life (Hours) 20635 41165
Remaining Damage Tolerance Life (Hrs) 20033 40564

TABLE 8 - SAMPLE OF INDIVIDUAL AIRCRAFT RECORDS
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Maintenance Requirements
The inspection interval is a function of the damage tolerance life; namely the

damage tolerance life divided by 2.0. Thus for an aircraft with a damage tolerance
life of 10000 flight hours, measured as shown in FIGURE 7, the inspection interval
is 10000/2 = 5000 flight hours.

In order to convert the inspection intervals to calender time the IAT utilization
statistics are used. The IAT USAGE MASTER FILE maintains flight hour records for
the previous two years in six month blocks. The utilization rate is assumed to be
the maximum rate from any block.

For Aircraft XXXX the utilization rates are for example:-
January 1987 - June 1987 92 hours
July 1987 - December 1987 107 hoirs
January 1988 - June 1988 140 hours
July 1988 - December 1988 200 hours

Thus inspection interval is 5000/ (2 * 200) = 12 years

For those inspection locations which do nr- correspond to a tracking control
point the following procedure is followed:-

Based on the damage tolerance analysis performed during the design of the
aircraft a ratio is obtained between the damage tolerance life of the inspection
location and the damage tolerance life of the closest tracking control point. This
ratio is then applied to the above inspection interval computation

The durability analyses, a sample of which is shown in figure 6 is monitored
so that the necessary maintenance can be scheduled in a timely manner to
minimize cost and prevent functional impairment.

IAT DATA PROCESSING COST COMPARISON
The B-1iB was the first aircraft fleet to be equipped with an onboard data

collector for the purpose of IAT. Most previous IAT programs were based on data
collected by means of pilot logs ccrnpiled manually during or after the flight.
TABLE 9 provides a data processing cost comparison of the pilot log system as
compared to the micro-processor ri-cording system. Each primary data processing
task is listed with costs distributed to give unity for the entire pilot log system. For
,;omparison the recording system data processing costs are given for usage data
collecting only (weight, Mach number altitude and aircraft geometry etc) and for a
system which monitors usage data, load factor data and strain gage data. These
costs are based only on computing time. Engineering review time is assumed to
be comparable for the various systems. The economics of using an elec'ronic
recorder for IAT should however consider the software development and hardware
costs and the ease of the data collection tasks at the operating bases and the
transfer of data between the field and the processing station.

The relative quantity of data to support IAT analysis is also shown in TABLE
9 for thb, various systems. The SDC provides significantly more data than is
available through a pilot reporting system both in terms of time histories of
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significant parameters and data on those parameters which cannot be defined by
the pilot such as structura' load.

Task Pilot Card Usage Usage & Strain
Reporting Recording Recording

GO33/CAMS Data Processing 0.01 0.01 0.01
SDC Raw Data Extraction 3.60 3.60
SDC Raw Data Validation 7.34 7.95
Fight Usage Data Compilation 0.01 0.01
Flight Stresses Compilation 3.04

Aircraft Usage Compilation 0.19 0.10 0.10
Damage Compilation (Stress) 1.15
Damage Compilation (Usage) 0.14 0.14
Remaining Life Estimates 0.65 0.65 0.65
IAT Report 0.15 0.15 0.15

Total Cost Comparison 1.0 11.85 16.52

Data Quantity Comparison 1.0 120.0 600.0

TABLE 9- IAT DATA PROCESSING COST COMPARISON

LESSONS LEARNED
The B-1 B ASIP loads data collecting system took advantage of the CITS

system which monitored many of the parameters required by the IAT program by
directly linking the SDC with CITS. This had the advantage of reduced hardware
costs for flight parameter measuring sensors and ensuring that these sensors are
maintained as required to support other aircraft systems The disadvantage of the
system however was that required changes for ASIP could only be implemented in
conjunction with a CITS update. Further changes made in CITS to support other
systems sometimes affect the ASIP program.

Any automated data collecting system must have provision and procedures
for recording minimal documentary data such as aircraft serial number, mission
date, mission type and accumulated flight hours. This data is crucial for defining if
data is missing due to failure of the SDC or due to flying without a SDC and for
correlating the flight records with other USAF systems such as the CAMS and AFR
65-1 10/GO33 data. Data without aircraft identification has to be discarded.

The SDC records approximately 50000 bytes of data per flight and each
piece of data must be verified as valid or invalid or as changed by the program
based on the evidence of other parameters. Approximately 50% of the ground
software program is dedicated to validation of the data. Among the prime reasons
for data validation requirements is data drop out wherein a parameter providing a
normal recording will show an off scale reading and return to normal. The
parameters recorded as discrete records (On/Off) (1/0) are subject to bit jitter. A
significant improvement could be obtained if off scale data would be recorded
differently from legitimate data. Thi 3 would require 3 bits for recording each discrete
parameter. Currently the discrete parameters are checked against other
parameters: for example the we ght on wheels record is checked against the
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altitude and Mach number records. The strain gages were not calibrated prior to
service operation consequently the strain gage records corrected by the IAT
program. The correction is based on the comparison of the ground static
analytically computed loads and the SDC recorded snapshot immediately after the
SDC power up. Validation criteria includes acceptable range, standard deviation,
rate of change and cyclic frequency for individual parameters and correlation with
other parameters.

CONCLUSIONS
Maintenance schedules based on an IAT program allow for immediate

inspections to be performed on those aircraft subjected to severe usage thus
maintaining the safety of flight. The less severely used aircraft can be scheduled
for maintenance over an appropriate period to minimize the impact of out of service
aircraft and work load on the maintenance facilities. In addition the correlation of
usage statistics with damage rates allows the USAF to rotate aircraft through the
squadrons in order to maximize the lifetime capability of the fleet. Finally the
utilization plans can be tailored to some degree to minimize the structural damage.

The B-1 B is the first USAF aircraft force wherein each aircraft is equipped
with a loads monitoring device recording a significant number of flight parameters.
Individual aircraft tracking is thus achieved without the use of pilot reporting forms.
The variation and complexity of the B-1iB flight profiles (high and low altitude
mission segments) combined with a variable sweep wing makes the loads
measurement a necessity for the IAT program. A very large quantity of data is
collected necessitating a highly automated program with minimal manual
interaction. The SDC records however, collected from 30 remote sensors and flight
crew keyed in data is not 100% perfect. It was necessary therefore to write a
sophisticated program capable of verifying, making intelligent assessments and
correcting if possible the 'real world' data. After initial teething problems with the
SDC and the SDC/CITS interface, the ground software program is operating with a
high return of actual flight data. The net result should be to support the B-1 B Force
Structural Maintenance Plan with significantly enhanced data leading to reduced
maintenance costs and improved structural integrity.
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Introduction -

The Canadian Forces has adopted the ASIP philosophy to maintain
its fleet of aircraft. In furtherance of this effort, a
microprocessor Flight Loads Data Recording (FLDR) system was
installed in a Tutor jet trainer and evaluated over a one-year
period. The system provides an accurate record of all
significant structural loads, on a "point in the sky" basis; i.e.
the precise reading of each load peak and its time of occurrence,
as well as the plane's altitude and airspeed, and the
instantaneous reading of all other sensors.

This paper reviews the details of the eight-channel system and
its installation, including recorder characteristics, transducers
used, strain gauge locations, data compression algorithms and
ground transcription.

Flight test results under controlled conditions are given and the
benefits of the system for standard ASIP spectrum development are
shown. Data will also be presented from two flights in which the
test pilot flew first normally and then intentionally more
aggressively. The effect of pilot input on strain levels is thus
identified by comparing data from these flights that were
identical except for the differing amounts of control input
aggressiveness.

Also shown is how parameter correlation can be verified to
establish a streamlined set of parameters for IAT tracking.

Finally, we show how the system's capability to graph a flight
immediately after landing is used for pilot training and ASIP
flight profile evaluation.

This paper presents each slide on the right pages
and the speaker's accompanying narrative

on the facing left page
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TOPICS

"* REVIEW OF FLDR INSTALLATION

"* STANDARD USAGE AND SPECTRUM DATA

"* LOADS EFFECT OF CONTROL SYSTEM INPUTS

"* PARAMETER CORRELATION

"* PILOT DE-BRIEFING
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Aircraft Description -

The CT-114 Tutor was designed and built in Canada in the early
1960's by Canadair of Montreal, now Bombardier, and has been used
since that time as the basic jet trainer of the Canadian Armed

Forces.

The Tutor features side-by-side seating, similar to the USAF T-37
trainer. Its "G" limits are +7.33 and -3, the same as the F-5.

The Tutor is also used by the Snowbirds, Canada's world-renowned

precision aerobatic team.
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Recording System Configuration

Data recorder - ELAPS IIA (8 channels) with Real-Time Clock

SCE module - provides signal conditioning for the strain
gauges as well as altitude & airspeed signals
(since the Tutor is not fitted with a CADC).

Accelerometer module - provides normal acceleration (Nz)
and roll acceleration signals.

Strain Sensors - temperature-compensated, full-bridge
modules located on:

* wing spar

* aft fuselage longeron
* vertical stabilizer tip
* vertical stabilizer base
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Data Compression Algorithm -

For on-board data compression of the Event recording, a

Sequential Peak Valley (SPV) algorithm was provided in the

recorder's embedded software.

This algorithm can also be provided in a variation (shown) which

establishes two separate hysteresis levels. This permits use of

a larger hysteresis level in the region close to zero, thereby

streamlining the recording by reducing data "chatter".
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Typical Load Factor (Nz) Curve -

This slide illustrates how Nz peaks and valleys are qualified,
and recorded in memory on the Event file.

The same procedure is used for each of the five other signals
that were set up to be trigger variables.
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System Characteristics -

"* Data separated by flight and coded by Takeoff date time

"• Four files recorded for each flight:
- Events (for each signal designated as a SPV trigger)
- Time history of all 8 inputs at 60-second intervals
- System Health and Built-In Test report
- Mission Summary (takeoff/landing times, touch & goes)

" System parameters can be changed as-installed:
- Algorithm settings (SPV gates and hysteresis)
- sampling rate of each trigger channel

- time slice sampling interval

"* Up to 6 inputs can be selected as independent triggers
(It is important to note that activating or deactivating a
trigger has no effect on the other parameters or settings)

"* High sample rate (5400 s/sec per channel, or 3200 s/sec
total) measures Event peaks accurately. Note that a 1%
peak accuracy requires sample rate of 22 x bandwidth

"* Sufficient memory for 80 flights between downloads

"* Flight results are graphed in color at landing
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System Characteristics

- All Data time-coded in OGT

- Multiple recorded files

* Recorder program settings easily changed

* Multiple Triggers -- easily activated

e High sample rate to capture Event peaks

* Long Data Retrieval Intervals

* Graph data immediately upon landing
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System Installation -

Photos were presented, showing details of the installation:

"* Recorder installation in LH Elex bay - Nose

"* Signal Conditioning Electronics installed in wing root

"* Accelerometer module installed on main spar bulkhead

"* Strain gauge on RH wing lower spar cap

* Strain gauge on aft fuselage longeron

* Strain gauges on Vertical Stabilizer base and tip (shown)
m

Note: in each of the four strain gauge locations, backup

gauges were installed alongside the primary gauges.
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Data Retrieval and Transcription -

"* System downloaded monthly

"* Output on disk; sent to the ASIP engineers for analysis

"* Built-in test faults corrected at base level.
Can also verify pilot over-stress reports

"" Each flight can be graphed in color/zoom on Transcriber
for debriefing and flight review
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Printout of Time History File

I mentioned earlier that there are a number of files recorded for

each flight.

This slide shows a printout of a typical Time-History file. It

is a snapshot of all 8 inputs, recorded every 60 seconds after

liftoff. As noted earlier this time interval can easily be

reprogrammed by the user.

By graphing this file, the se!ar.tion of a flight into its
various segments can be determined readily.
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. -TIME HISTORY FILE

"".E Alt'tude e-wigse e C-1: -A.-:C, Airseed a-VStab-Bas2 2-VStab-Ti;
S3317.68 ... :0 0.-4..00 ). 3.0.)4 7800.09 208..0 483.0, 0.00 I 6.92 -q4.'0 -51.0

? SP-I• . 6 7 A•. ,18 2 .0 0 -1 4 E .1 • .0 , o . 5 6. , - 1% .100. , •O'
24, "4 . 4.6 3' . 0.00 -4?5.ci %*0 52.77 -M..i 0,,
.... 4-..E .3 - .8.14 -163.0 -36. 01

147.1... . . " -'6 .0 1 ." 0 - 44. 4-1.
1...5244.... '~ ..... v -266.30 2,48.62 ,4.0 10

S20429,).- -9.10 -d27.00 0.00 147.90 -132.00 -170.00
i ... . 274.2 169.00 -455,00 0.00 33..04 -204.00 -187.00

241) 181.90 61.00 -462.00 0.00 1'.4 -180.000
66 25099.14 !82.00 -304.00 0.00 114.53 -144.00 -153.00
720 .2 24640.52 c156.00 -497.00 0.00 "14.53 -132.00 -136.00
78 1.)c . :82.00 -413.00 0.00 133.04 -. 08.00 -13.G0
40 . 27246.34 .5.10 -392.00 0.00 :26.87 -108.00 -119.00

)4 295's .. 2 .. " -2)9.00 0.00 126.87 -. 08.00 -119.00
E60.-' " 29567.12 -4:2 10 10.33 12.70 -132.00 -119.00

1020 1.00 30696,46 169.00 -329.00 0.00 84.95 -:32.00 -136.00
:020 ,18 27964.93 238.00 -378.00 0.00 '62.53 -84.00 -85.00
,!4, :, 5 2-625.25 ý53... 77.00 0.00 .,_.5) 36.00 68.00

1210 : 2 20228.50 2 " L0 70.00 n.00 321.50 0.00 102.00
1260 ,.65= "91.0' _ 4:2.00 -7.00 0.00 303.12 -84.00 17.00
:320 .00 9.33 2.1.0 -112.00 0.00 296.41 -132.00 -68.00
1280 1.08 P3651.03 22,.00 -154.00 0.00 293.94 -156.00 -66.00
1440 1.00 13651.03 195.00 -189.00 0.00 296.41 -156.00 -102.00

G,'.... ,I0 -!89.00 0.00 296.41 -156.00 -102.00
.2 ..4 .:3837. ,46 182.30 -203.00 0.00 296.41 -168.00

:620 :.27 10D28.04 234.00 -441.00 0.00 133.04 -168.00 -:19,00
.... ..... , ,0 ....... -329. 00 0.00 136."4 -:o8.o -85.00

S ...... '..A.49 520.00-..,00 0.00 225. . 3- .00 -84.00
'......3 .... o..4•234...0 -14.20 1. 00 293.94 24.00 85.00

W. 0 :355 . 2. 208.00 -49.00 0.00, 296.41 -60.00 17.00
19'0 :. :5 .:.... 208.0 -84.00 -0.33 298.88 -?6.00 0.00

!9. 1.35 11955.22 190.00 -84.00 0.00 293.94 -144.00 -102.00
04"' 3.65 ii8,,.68 845.00 -7.00 0.00 236.52 -180.00 -!70.30
11.27 11955.22 208.10 -154.00 0.00 271.69 -156.00 -136.00

"2'60 2.69 12867.41 572.00 -154.00 0.00 .54.39 -180.00 -170.00
"20 1.77 12714.43 325.00 -196.00 0.00 254.39 -180.00 -!70.00
:230 0.96 12408.46 117.00 ".00 152.77 -153.00
2340 1.04 11668.14 143.00 -280.00 0.00 204.97 -132.00 -136.00
2400 1.04 9946.86 182.00 -Z6.00 0.00 303.12 -60.10 -34.00
2460 0.92 9946.86 143.00 -105.00 0.00 303.12 -84.00 -34.00
2520 1.95 9946.86 338.00 -77.30 3.00 301.07 -144.00 -102.00
2580 0.32 10232.73 117.00 -147.50 0.00 291.46 -132.00 -102.00
2640 M..0 10089.18 !04.00 -140.00 0.00 301.07 -180.00 -119.00
2700 1.18 3946.86 ii7.00 -161.00 0.00 288.99 -156.00 -102.00
2760 1.19 7542.56 156.00 -259.00 0.00 221.97 -120.00 -119.00

013) 4935.48 143.00 -91.00 0.00 271.69 -72.00 -51.00
:30 1.38 3887.62 156.00 -7.00 0.00 3 A1.29 -96.00 -51.00

940' 355.66 :56,00 -112.00 0.00 266.75 -180.00 -153.00
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Printout of Event file

This slide shows a typical Event file printout -- in this case
the events that were triggered by Nz exceedences.

A similar Event file is recorded for each additional input
selected by the user as a trigger.

This data is used directly to determine usage severity by
mission, and to calculate load factor spectra.
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We have shown how data from the Flight Loads recording system is
used for load factor spectrum development, in conjunction with a

Load/Environment Spectrum Survey (LESS) program.

Now, let's look at some side benefits of such a recording system.

In one particular case, it was decided to see if the system was

sensitive enough to measure the difference in recorded loads
between a test flight flown with normal control inputs, and one
using aggressive control forces.

This slide shows the flight syllabus of various aerobatic
maneuvers that was established. Many of the maneuvers were from
the Snowbird routine.
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FLIGHT DATA - COMPARISON OF RECORDED LaoAD.

NORMAL CONTROL INPUTS

vs.

AGGRESSIVE INPUTS

Plight Syllabus for test flight on 7 Feb. 1990:

Item Xnue

1. Spin (left)

2. Spin (right)

3. Loop

4. Clover Leaf

5. Cuban 8

6. Hesitation Roll

7. Roll (off the top)

8. Half Roll Pull Through

9. Barrel Roll

10. Roll In/Out

11. Mini/Kaxi

12. Vertical Roll

13. Vertical 8

14. Slow Roll

15. Spin (left)

16. Closed Pattern

17. Landing

902



The first test flight -- the one using normal control inputs --

was flown on 7 Feb 90 at 20:00 hours Zulu.

This slide shows the data from the Health file, including the
BIT results.
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Data from Health Fil.e -- Test with Smooth Innuts

Flight Date: 2: 7: 90 Aircraft Tail Number: 114190

19:48:06 Power on

FLDR Built-In Test results:

Master: Number of Satellites = 2

Real Time Clock Test: Pass

Dual Port RAM Test: Pass

Program Checksum Test: Pass

Satellite #1:

Static ram test: Pass

Dual Port ram test: Pass

Program Checksum Test: Pass

Offset test, channels 1,2,3,4: Pass

Load test, channels 1,2,3,4: Pass

Satellite #2:

Static ram test: Pass

Dual Port ram test: Pass

Program Checksum Test: Pass

Offset test, channels 5,6,7,8: Pass

Load test, channels 5,6,7,8: Pass

Average Starting Values:

Ns ............................. 78.00

Altitude ....................... 225.00

e - Vatab Tip ................. 130.60
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The Health file also records all ground and flight times,
including Touch and Goes.
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Health File (continued) ....

Ground Preflight 720 seconds before Flight 1
20:00:06 Takeoff Flight 1

20:54:47 Land Flight 1

Duration of Flight was 3281 seconds

Ground Time 0 seconds before Flight 2

20:54:47 Takeoff Flight 2
20:54:48 Land Flight 2 CAUEDe

Duration of Flight 2 was 1 second
Ground Time 0 seconds before Flight 3

20:54:48 Takeoff Flight 3
20:54:49 Land Flight 3

Duration of Flight was I seconds LAADI N

Ground Time 1 seconds before Flight 4

20:54:50 Takeoff Flight 4

20:54:50 Land Flight 4

Duration of Flight was 4 seconds

Mission Information

Mission Code = Test Flicht - aerobatic manoeuvres, normal

Configuration Code = Clean

Gross Weight at Takeoff = 7434 lbs.
Gross Weight at landing = I4 M lbs.

Fuel Weight at Takeoff = 1173 litres (1945.3 lbs.)
Fuel Weight at Landing = 27M litres ( 452.7 lbs.)
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This slide shows the graph of the resultant Time History file of

the test flight with normal control inputs.

This curve provided the ASIP engineers with a general overview of
the mission profile.
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This slide shows the graph of one of the Event files of this same
flight.

This file is of the events triggered by Nz.

Each of the maneuvers can be readily identified on the flight
graph.
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Using the flight syllabus as a guide, we can now establish the
time duration, altitude and airspeed conditions for each maneuver

in the flight test.

Note the rudder vibration reported by the pilot during snap roll

entry to the left spins. Remember this because we will examine
the condition in more detail later.
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Flight Test Results

Including conmments from test pilot

Feb. 7 '90 test flight (smooth inputs)

Item Maneuver Time (sgcl Alt (ft) Airsnd (KIAS)

1. * Spin (left) 480 - 510 18 - 15K 115 (entry) - 80

2. # Spin (right) 615 - 645 18 - 14.5 115 (entry) - 80

3. Loop 730 - 765 15K 300

4. Clover Leaf 855 - 885 14.5K 300

5. Cuban 8 1020 - 1087 14.7K 250

6. Hesitation Roll 1200 - 1215 15K 250

7. 5 Roll(off the top)1320 - 1350 13K 300

8. j Roll Pull Thru 1440 - 1465 17 - 13.5K 250

9. Barrel Roll 1500 - 1595 14.5K 250

10. Roll In/Out 1675 - 1690 15K 300

11. Mini/Nazi 1800 - 1830 15K 300

12. Vertical Roll 1930 - 1950 7K 300

13. Vertical 8 2000 - 2010 7K 300

14. Slow Roll 2220 - 2232 6K 250

15. 1 Spin (left) 2470 - 2500 18 - 15K 115(entry) 100

16. Closed Pattern

17. Landing (Firm)

Notes: * - unusual spin - snap roll entry; rudder vibration noted

# - normal spin

S - numerous banking between manoeuvers to stay in area

I - unusual spin as before. See note under Item 1.
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I'm going to digress for a minute and describe the graphing and

zooming capability of the system's Transcriber:

Shown here is the graph of the events recorded on one of the
trigger sensors -- in this case, the strain gauge at the base of
the vertical stabilizer (VSTAB base).

The lower curve shows the peak loads recorded by the VSTAB base
strain gauge, and the upper curve shows the reading of the roll
acceleration sensor at the instant of each VSTAB base strain
measurement.

This illustrates how an associated variable of interest -- in
this case the roll acceleration -- can be graphed on the same

scale as the VSTAB base, so as to identify any correlation.
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In fact, any trigger variable can be co-graphed with any of the

other sensors. Shown is the VSTAB base peak loads, along with

the simultaneous readings of the Vstab tip strain gauge.
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Since an Event file covers the entire flight, it is sometimes
desirable to zoom in on a particular segment for better
resolution.

Shown is how the second Spin Left maneuver was examined, by
zooming to a 20-time enlargement of the time segment of interest.

This magnification permitted identification of strain cycling due
to a high-frequency rudder buffet. This was the vibration
condition noted by the test pilot during the left spin entries.

As can be seen, these graphing and 2ooming features are quite
valuable for post flight evaluations.
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Now that we've looked at the graphing capability, let's return to
the flight test comparison of handling qualities.

In order to assess the effects on structural loads from
aggressive control inputs, the test flight was repeated on 19
February 90. The flight syllabus was the same except that the
second spin maneuver was eliminated. In this test the pilot
intentionally applied heavy-handed control inputs.

This slide is the graph of the resultant file of Load Factor
peaks. A comparison with the earlier test (see page 31) shows
vividly that the test flight with aggressive control forces
resulted in normal load factor reading& that were consistently
0.5a than the flight with normal control inputs.
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The magnitude of this increased loading can be examined in detail

by zooming into particular maneuvers. This slide shows a
magnification of the high-g peak region, in the time span between
2000 and 3000 seconds.
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Likewise, looking at the file from the VSTAB base strain gauge
trigger, the effect of the stronger control inputs on roll
acceleration and VSTAB base strain can be clearly seen.

In summary, these tests showed how the effect on structural loads
resulting from a difference in control inputs can be quantified
accurately.
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Now, let's look at another application of the recording system.

Correlation of Loads -

One of the purposes of an LESS survey is to determine which load

parameters are correlated, so that in a later fleetwide

Individual Aircraft Tracking (IAT) program, the recording and

associated analysis requirements can be simplified.

As an example, this slide shows the relationship between Nz peaks

and valleys and the simultaneous reading of the wing strain gauge

at the instant of each Nz trigger. If one were certain that the

wing strain peaks and valleys tracked the Nz peaks and valleys,

then the Nz loads could be used as an analogue of the wing

strain, in accordance with this relationship.

To show how the system can be used to determine such a

correlation, we will examine the wing strain peaks and valleys as

recorded at the instant of Nz events, and then again as

determined by the file which triggered on the wing strain loads

directly, as determined by the gauge's own output.
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Load Correlation (cont)

The top graph on this slide shows the wing strain peak loads as

measured at the instant of Nz maxima and minima. The bottom

graph in turn shows the wing strain peak loads as triggered by

the wing strain gauge itself. As can be seen there is a very

close correlation, leading to the conclusion that the wing spar

strain loads could be derived fairly closely from Nz

measurements.

This same analysis can be performed on other parameters, to see
if they are likewise analogous. For example, by turning on the
VSTAB base strain gauge as an independent trigger, it can be
determined whether its peaking is simultaneous with the peak
loading of the roll acceleration, or possible even Nz.
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Finally, the system's graphing capability has been found to be
valuable for pilot debriefing immediately after a flight. Being
able to illustrate a particular point to a student in only a few
minutes after landing, is vastly superior to showing him a graph
a few days later and trying to get him to recall a particular
incident.

In teaching, there is no substitute for immediate reinforcement.
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PrQject Results -

The project proved that it is possible to identify certain types
of aircraft maneuvers from their characteristic patterns in the
recordings. Spins, for example, produce an unmistakable strain
pattern in the vertical stabilizer. Rolls can be identified by
the pattern nroduced in the roll accelerometer. The direction of
the roll, its duration and the rate of onset can also be clearly
defined.

In test flights when the pilot was asked to fly identical
missions but with differing control input aggressiveness, the
effect of pilot input on strain levels was determined accurately.
Use of this data can facilitate the establishment of a fatigue
life tracking system, either based on a trend or an Individual
Aircraft Tracking basis.

A wide range of secondary applications are also possible,
including: post incident and perhaps post accident information;
identification of maneuvers through pattern recognition; and use
of the graphing capability for pilot training.
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Project Results

o Determined maneuver loads accurately

o Measured difference in control inputs

- Correlated time phasinr of loads

o Established parameters for IAT program

- Flight Graphing useful for pilot training
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Su~mmary-

In addition to its conventional use for such structural analysis
applications as load spectrum development and fatigue life
.racking, a loads monitoring system has many secondary benefits.
This paper has shown how a Flight Loads Data Recording system can
be used to determine the correlation of various load parameters
during a given maneuver. It can be used as well to evaluate the
structural effects of such operating variables as pilot handling
qualities (smooth control inputs vs. aggressive handling). It
also demonstrates how the recording system's graphing capability
is used by structural engineers and flight instructors to provide
an on-the-spot review of the mission results and associated
structural effects, immediately after landing.
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Abstract

Since the inception of the Aircraft Structural Integrity Program (ASIP), the U.S. Air Force has
acquired a large inventory of flight data recorders to fulfill the need of providing on-board flight
data collection. A recent addition to the Air Force recording equipment inventory is the Stan-
dard Flight Data Recorder (SFDR), which represents a new generation solid state data recorder
system presently applicable to 16 different USAF and USN aircraft. The basic SFDR design
principles and features are given in a previous paper [1] and are not emphasized here. Rather,
the purpose of this paper is to discuss the evolution of the SFDR system - from the design
state, to the present configuration, and finally to look at the future capabilities and growth
potential. The onboard microprocessor computing power allows additional opportunities for
system growth via extended recorder use. Some areas for designated growth potential include
maintenance diagnostics, vibration analysis, enhanced tracking capabilities, and training pro-
grams. The future trend is towards moving more computer processing from the ground facility
to inflight by relying on improved onboard data reasonableness techniques presently availat'"
[2] Comments are applicable to ASIP recorders in general.

I Introduction

Since the late 1950's, the United States Air Force, through the Aircraft Structural Integrity
Program, has procured and utilized a large collection of flight data recorders to monitor aircraft
usage through the dynamic collection of key flight parameters. At first, some of the recorder
systems were designed specifically for each individual aircraft. Furthermore, these recorders
were used almost exclusively for data acquisition since they relied heavily on post flight data
processing to perform the indepth analysis functions.

To the credit of the ASIP concept, these early flight recording devices have produced
valuable data for fleetwide structural analysis. However, constrained by the then current tech-
nological limitations, they also possess some inherent drawbacks. Most notably:

* Large quantities of non-pertinent data are recorded. This entails extensive ground p o-
cessing support to perform such tasks as data reformatting/transcribing, editing and
validity checks
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* Data sample rates are non-programmable. Structural analysis personnel are unable to
easily alter the sample rates when empirical data dictates a change.

* Inconvenient ;",d r media are employed. Commonly used media are foil cartridges,
tape cartridges, handfilled flight logs, punch cards, and records. This burdens the per-
sonnel at both the base level and ASIMIS.

* Mechanical and electro-mechanical devices are prone to high failure rates in the dynamic
environment of military aircraft.

9 Airborne equipment costs are high. The typical costs of electro-mechanical systems grow
quickly due to the rugged design requirements imposed by the operating environment,
the costs of frequent maintenance, and the associated costs of supplemental aircraft
equipment (converter-multiplexers, strain gage amplifiers, pulse rate integrators).

e Limited duty applications. Multiple recorders are required for tasks such as mishap
reconstruction, IAT, L/ESS, and ENSIP.

The Standard Flight Data Recorder (SFDR) was designed in the 1980's with the potential
and capabilities to overcome many of the limitations of the previous generation of recording
systems. The SFDR is a microprocessor-based, software controlled solid state flight recorder
which processes and compresses selected aircraft data inflight, to reduce both the volume of
recorded data and the subsequent amount of data editing performed during ground process-
ing. An important design feature of the SFDR is its flexibility in hardware and software. It is
anticipated that as technological innovation continues into the 1990s, other improvements are
possible within the SFDR framework

Given a broader perspective, it is noted that from the beginning of the ASIP initiative and
continuing to the present day, three areas of technological advancement are creating evolu-
tionary changes in flight data recorder systems. These advancements, depicted in Figure 1,
are in the interrelated areas of Engineering Models, Hardware, and Software.

The remainder of this paper is organized as follows Highlights of the present SFDR system
including an application example are provided in the next two sections. This is followed by
a brief introduction to the technology changes that have influenced ASIP recording. Through
an appreciation of the current technical trends and needs, comments are offered concerning
the next possible evolutionary events in flight data recording Finally, the paper closes with
summary remarks.

2 SFDR - Present Capabilities

The SFDR is a fully solid state airborne data recording system with no moving parts and which
requires no alignment or calibration [1]. The system is much smaller than the tape recording
systems it replaces, and is designed to record several types of data (e.g., Mishap, Tracking,
Loads/Environment Spectra Survey, and Engine). The SFDR cJcquires raw data from the var-
ious aircraft sensors anJ the MIL-STD-1553B MUX bus, performs data reasonableness tests
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Figure 1: Areas for ASIP Technolc Advancement

on the acquired data, and compresses this data using \-.::ous data compression techniques
unique to the type o0 recorded data. This approach presents a more reliable and cost effec-
tive alternative for collecting information than early flight recorder systems, which are limited
by conservative sample rates and employ electro-mechanical counters, or a magnetic tape
recording medium which is often prone to failure in severe operating environments.

The key feature of the SFDR is its flexibility, both in hardware and software. The software
flexibility revolves around an Operational Flight Program (OFP) which programs a 1750A mi-
croprocessor. Each aircraft application possesses a unique OFP which controls the entire
operation of the SFDR, including: parameter acquisition (with sampling rates), data reason-
ableness checks, data compression, data storage, and built in test. This software flexibility
allows common hardware to be jtilized across many applications by simply loading the spe-
cific OFP.

The major advantage of the SFDR over the earlier generation electro-mechanical tape
recording systems is in data compression. While tape recording systems record a tremen-
dous quantity of data, the data which is recorded is raw and uncompressed. Time consurr ng
data reasonableness checks and data compression must then be performed at the ground
processing facilities. The SFDR, on the other hand, performs data reasonableness checks
and data compression during flight, in real time, and only records the pertinent information

937



necessary for further data analysis. This enables the use of solid state memory, thus lowering
the acquisition and maintenance costs in comparison to tape recording systems. Recording
compressed data also requires less ground data processing to produce the final engineering
results. That is, real time analysis and processing rreates no additional time delays to de-
grade the data reduction and analysis processes. DIata compression techniques are tailored
to each individual aircraft application, and thus support many different structural recording
philosophies.

In general, data compression algorithms are primarily employed to reduce the volume of

recorded data. This is accomplished by identifying and retaining the pertinent signal features
and eliminating the unnecessary elements. Besides this, compression methods tend to reduce:
mass memory size and costs; tne level of ground processing, and the amount of corrupted
data, when used in conjunction with data reasonableness checking. Key data compression
techniques useful for ASIP purposes are: compressed time histories, occurrence histograms,
peak-valley time histories Once the compressed data is downloaded onto a floppy disk, it is
ready to be decompressed via a ground-based computer.

With regards to the recording function, data reasonableness checking refers to interrogating
the output from sensors and/or aircraft subsystems in order to determine the validity of the
information. Reasonableness testing tends to improve the overall quality of the recorded data
by the increased detection of sensor failures, and by the enhanced ability of maintenance
personnel to identify and correct problems in a timely fashion. The SFDR may perform a
variety of reasonableness tests, several of which are: BIT Flag Test, Limit Test, Activity Test,
Rate of Change Test, and Chatter Test. As a minimum, for reasonableness testing to be
useful, the results of the tests are recorded and made available to the appropriate systems
and personnel. Further details are provided in References (1] and [2]

The next section presents an example of the onboard data processing and analysis for the
C-130 SFDR system application

3 C-130 Application Example

The Lockheed C-130 application of the SFDR provides an ideal example of the transition from
ground based LIESS processing to the airborne environment. The C-130 is one of the first op-

erational platforms to utilize the SFDR bastu system, and as such, has provided considerable
insight into the potential gains realized by shifting key processing tasks, previously relegated
to large ground based systems, to the real time flight environment onboard the aircraft. Such
an ambitious endeavor proved not only feasible, but necessary to preserve the fidelity of both
the raw L/ESS data and the processed outputs of these data

3.1 MXU-553/A Based System

For background information, the current C-130 Life History Recording Program (LHRP) system

consists of two elements: a basic airborne data acquisition and recording system (MXU-
553/A) and an extensive post flight ground based processing system The onboard recording
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components interface directly with both the dedicated sensors which are installed on the aircraft
exclusively for the benefit of the flight recorder, and the existing sensors which serve to interface
with other aircraft systems and subsystems The onboard recording components acquire and
record raw sensor data without pertorming data manipulation or processing. The ground
based LHRP components accept the flight data (from the flight recording medium) and perform
an extensive array of data processing (editing: data filtering and reasonableness checking;
computing: mission segmenting and mean level determination; to name but a few) to generate
the final product. The structure of this L/ESS recording program, and the limitations of the flight
hardware, necessarily requires that the burden of data processing resides with the ground
based elements of the system.

The inflight functions of the existing LHRP system are limited to signal acquisition and
recording. The airborne recorder, the MXU-553/A, acquires raw data direct from the aircraft
instrumentation, and records these data on a multi-track mylar magnetic tape. The recording
system does not provide data reasonableness checking, data validity checking, or data filtering.
Furthermore, the system incorporates only a basic Built-In Test (BIT) capability into the design
of the flight recorder, yet contains no BIT of the supporting aircraft sensors. The tasks of
data reasonableness checking, data validity checking, and data filtering are relegated to the
ground based LHRP equipment The task of detecting aircraft instrumentation malfunctions
is a byproduct of the ground based data checking process. Consequently, the fidelity of the
acquired raw data is held suspect. Additionally, the process of editing data for reasonableness
and validity post flight allows for considerable error given the limitations of the current data
review and reconstruction methods.

The MXU-553/A records the data in a continuous time history fashion such that the propen-
sity of data retention on the magnetic tape is not pertinent, thus requiring further filte . g ra'-
processing via the ground based LHRP equipment. This technique precludes the accurate
generation of computed parameter (ie. bending moments, shear loads, etc.) maximum excur-
sions from the baseline or nominal static value. Thus, the L/ESS analysis of these data must
be accomplished with a modicum of caution.

3.2 SFDR Based System

The SFDR based LHRP system consists of two elements: the airborne data acquisition, pro-
cessing, and recording system and a post flight ground based processing system. The SFDR
interfaces directly with aircraft instrumentation in a manner similar to that of the previous sys-
tem. Four primary functions are performed within the SFDR airborne system.

1. Data acquisition is responsible for collecting the electrical signals from the aircraft sen-
sors, and performing electrical filtering.

2. Built-In Test determines the health of the SFDR system and of the sensors which provide
the data input. The evaluation of sensor health is performed through the analysis of the
parameter reasonableness checking routines.
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3. Parameter reasonableness testing ensures that the acquired data is of sufficient fidelity
to warrant further data processing

4. Data processing consists of data sampling, peak-valley screening, mission segmenting,
breakpoint and mean level determination.

The third and fourth SFDR functions listed above were previously performed by the ground
based post-processing system. The SFDR ground based LHRP components include base level
and ASIMIS level data management. The base level component acquires the SFDR BIT and
compressed time history data for subsequent analysis on a personal computer for generation
of a health data printout The ASIMIS level component acquires the compressed time history
data for subsequent analysis on the LESS netwurk.

From a top level perspective, the data acquisition function possesses only one significant
difference from the previous recording system. The SFDR data acquisition function is controlled
and mechanized through software. This provides the advantage of tailorability for each weapon
system as well as tailorability within each weapon system type. The SFDR is targeted for use
on all versions of C-130, which are as diverse as the missions they support. Subtle differences
exist within the C-130 fleet relative to LHRP aircraft instrumentation. The SFDR accommodates
these hardware differences and the resultant data processing differences with relative ease
by identifying the C-130 aircraft type during recorder operation, and then implementing the
required data processing that is unique to the sensor configuration.

The recorder Built-In Test determines the operational integrity of the SFDR system while
providing a central facility for accumulating status. The BIT consists of Power-Up BIT, Contin-
uous BIT, and Initiated BIT (initiated by either the ground support equipment, the flight crew,
or by the MIL-STD-1553 bus controller). The BIT isolates failures to the Une Replaceable Unit
and Shop Replaceable Unit level. The SFDR utilizes the results of the testing to generate a
BIT summary, which is stored in non-volatile memory. The BIT summary consists of filtered
BIT and Self-Test BIT records The filtered BIT information is accumulated only when multiple
samples fail the test Failed tests which subsequently return to a full operational state prior
to the acquisition of the nth failed sample are not reported as failures Tests which fail the
nth sample, increment the BIT history record stored in NVM. The C-130 BIT reporting and
usage procedure allows for base level analysis of system faults and failures utilizing existing
personal computers in the maintenance organization. This procedure is accomplished via
Ground Readout Equipment on a periodic basis. (Those weapon systems which utilize the
MIL-STD-1553 data bus, can collect the BIT data via the bus, thus providing the flight crew and
maintenance personnel with real time system status on a per flight basis, thus further reducing
the time interval between failure and repair.) This affords base maintenance personnel the abil-
ity to examine real time recorder system health, and the opportunity to take the appropriate
maintenance action without delay. Consequently, the data lost to failed recorder or sensor
components is reduced by upwards of two orders of magnitude.
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As stated previously, the evaluation of sensor health is performed through the analysis
of parameter reasonableness checking routines, and reported via Built-In Test. Of the nine
different types of algorithms which are available 1tpr parameier ;,-:,sonableness testing [2], the
C-130 employs four methods.

Activity Test This verifies that sensors are articulated at minimum reasonable levels of activity.
This test identifies frozen sensors.

Range Test This verifies that the sensors are articulated within reasonable upper and lower
boundaries. This test identifies un-calibrated or out of tolerance sensors.

Chatter Test This verifies that the sensor activity is stable and normal (free of noise or ab-
normally high activity). This test identifies loose, broken, or unserviceable sensors. This
test also prevents memory storage saturation with unusable data.

Rate of Change Test This verifies that the sensor activity does not exceed the physical ca-
pability of the aircraft. This test identifies loose, broken, or noisy sensors.

The SFDR uses the parameter reasonableness testing results for both BIT and data pro-
cessing purposes. The sensor BIT data usage was discussed previously When one or more
of the four C-130 tests determines that the fidelity of the acquired data is questionable, the
SFDR records the data as received but flags the erroneous portions for subsequent evalua-
tion during post-flight analysis. Various other options have been requested by the managers of
several weapon systems. A second option is to record the last valid sample of data (with a flag
indicating a data anomaly) in lieu of the erroneous data. A third option is to halt recording only
the erroneous data, while another technique is to halt all recording until the data subsequently
meets the reasonableness criteria. Thus, onboard parameter reasonableness F....... , re-
duces the magnitude of post-flight data editing while preserving or enhar - j .e fidelity of the
recorded data.

The most noteworthy aspect of transitioning data processing from the post-flight environ-
ment to onboard the aircraft is computing flight loads, generating aircraft performance data
relative to Spectra Survey analysis, and data reduction via parameter peak-valley search meth-
ods [3]. The C-130 employs peak-valley examination of vertical ac'-•!eration, stress, and
control surface deflection; mean level determination for these response parametere neak
counting/gust-maneuver separation for :,-iese resporse parameters. The peak-vallt na-
tion eliminates data which is either not pertinent fo, L/ESS analysis, is redundant, or whose
changes in magnitude are insignificant. The C-130 LIESS methods require a mean average
(dynamic) for each of the response parameter's peaks and valleys. The SFDR calculates the
mean average of each response parameter while saving the previous peak and valley values
in a buffer in order to determine the next peak or valley. Given the changes in the flight profile,
the mean average calculation is r' -itialized .3s the aircraft changes state to the next subse-
quent mission segrr.ent. This requ. the SFZ"R to constantly determine the present mission
segment based on the logic of key Tihgnt parameters.
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The range existing between the threshold levels represents a deadband Parameter peaks
and valleys which fall within a pre-defined deadband around the current parameter mean
are discarded Subsequently, the remaining response parameter peaks or valleys are then
recorded aiurng witn ineir respective dynamic mean average value. The C-130 L/ESS methods
also require that each peak or valley excursion be classified as a maneuver (pilot) induced load
or a gust induced load. Each peak or valley is compared to a threshold level on either side of
the mean average level. Response parameter excursions outside the dead band of less than
two seconds are classified as gusts while excursions outside the dead band of greater than
two seconds are classified as maneuvers Each of the processing techniques described here
require significant buffer usage which necessitates efficient algorithm and software develop-
ment.

The onboard data processing is significant given the large amounts of memory previously
available to ground based computers that are required for long term buffer storage during the
mean-level and gust-maneuver separation calculation. Innovative computational techniques
were devised to transfer the heavy burden of processing from the post-flight environment
(which is not constrained by the size, weight, cooling, and subsequent memory limitations
onboard an aircraft) to the onboard environment with its reduced memory and throughput
capacity

4 ASIP Technology Evolution

It is the function of fleet management to schedule maintenance, inspections, and aircraft re-
tirement based on damage inspections (from the ASIP recording(tracking system). In order
to assess the aircraft damage using a simple data tracking system, conservative assumptions
may be required in order to account for all potential variables which may affect loading and
fatigue damage. In effect, the simpler the tracking system, the more conservative the service
life estimate This implies that aircraft may be overhauled or retired earlier than necessary,
which in turn represents unnecessary expense in terms of manpower and dollars.

As stated earlier, ASIP flight data recorders have evolved over the years due to technological
advancements in analysis tools/models, hardware and software It is therefore not suprising
that with the trend for more mileage from older aircraft, the implication is for better analysis
tools and models to make use of this improved data.

Table 1 provides a comparison of some factors in the evolution of ASIP flight data recorders.
The following subsections present a brief outline of technology innovations that are influencing
the evolution of ASIP recording.

4.1 Engineering Models

During the more recent years, we have seen a transition from safe life to damage tolerance
analysis for ASIP, with the shift towards crack growth or fail safe methodologies. In this regard,
there have been advancements in the analysis tools and corresponding engineering models,
although as yet very little standardization. Data interpretation improvements have also been
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Table 1: Evolution Comparison Factors

Factors 1970's Recorder 1990s Recorder

r
Technology analog digital
No. Parameters tens hundreds
Functionality acquisition only acquisition and analysis
Memory Type tape solid state (or optical disk)
Complexity simple sophisticated
Relative Reliability 1.0 5.0
Relative Power Consumption 1.0 0.20
Relative Size 1.0 0.25
Relative Weight 1.0 0.45
Relative Cost 1.0 0.25

made, with the programming of simple judgement/decision making into the computer via a
rule-based software approach.

As engineering models have diversified, ASIP recorders have also changed. For com-
parison, the MXU tape based recorder systems are founded upon fatigue tracking principles,
whereas fracture mechanics forms the basis for the SFDR solid state systems.

As a final comment, there is still need for innovations in

e vibration analysis

e maintenance diagnostics

a more elaborate tracking

* training applications

to complement the advancements in structural modeling and analysis which have already been
realized.

4.2 Hardware

Recent innovations in sensor and recorder technology have improved the overall structures
recording process. ASIP sensors, such as accelerometers and strain gages, have beccme
increasingly more accurate and reliable with notable improvements in the areas of noise im-
munity and temperature stability In addition, the transducer data required by multiple aircraft
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subsystems can now be transmitted over a multiplex data bus (e.g., MIL-STD-1553B) permitting
the recording of data from many more sensors than was previously available when transducers
were dedicated to their own specific aircraft ý.,Jbsvstern.

Continuing evolution in sensor technology has lead to the development of smart sensors.
These transducers with their built-in integrated electronics may offer increased accuracy by
automatically monitoring drift caused by varying environmental conditions, and may correct
for this drift before the data is transmitted to the appropriate electronic subsystem. Also, strain
gages may become more reliable by utilizing fiber optics in place of wire bridge legs, and new
type fuse sensors that directly track the structural fatigue should enhance traditional Individual
Aircraft Tracking systems.

Solid state structural recorders using advanced data compression techniques can now
record the same information on board the aircraft as previous tape based recording systems
with hundreds of megabytes of tape memory This is due in part to the advancements in
memory technology, with the capability to employ a megaword or more of Electrically Erasable
Programmable Read Only Memory (EEPROM) or battery backed Random Access Memory
(RAM) into a small amount of volume at relatively low cost.

Future structural recording systems will continue to expand the amount of solid state mem-
ory This memory may also be complemented with optical disk systems which can record
many megawords of data. Smarter analog acquisition subsystems will emerge which will sam-
ple data at higher rates and which will have greater digital signal processing capabilities to
filter the data to aircraft specific requirements. Thirty two bit microprocessors may be utilized
to handle the increased amount of data and thereby permit the use of more throughput and
memory intensive data compression techniques.

4.3 Software

General advances in both mainframe and microcomputer equipment since ASIP's beginnings
have made possible the use of more sophisticated engineering analysis models. During the last
decade alone, there has been tremendous improvements in microprocessor capabilities, data
reduction, and data compression algorithms. A direction implication is that more processing
and analysis can be located onboard (spectra, histograms, crack growth inflight), to provide
quicker results Supporting this move is the data reasonableness testing which validates the
data prior to processing. That is, data reasonableness helps determine if the data is suitable
for further processing.

In essence, the key to future growth and evolution for ASIP recorders is in maintaining a
sufficient amount of software flexibility. This is aided by:

1. expanded software control

2. processing decisions dictated by software

3. increased confidence in on-board processing results

Software flexibility is essential since standardization is difficult to achieve in ASIP recorders.
Finally, it may be possible to incorporate principles of artificial intelligence and knowledge
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representations into onboard ASIP software to offset some of the routine decision-making
tasks of the human operator.

4.4 General Comments

To provide the required amount of structural recording coverage per aircraft, specific loads
at strategic airframe locations needs to be simultaneously monitored. The ideal method is to
install individual sensors at each location. Strain gages are the most common sensors for this
purpose and can be easily monitored by the SFDR to detect the peaks and valleys necessary
to build the appropriate aircraft load spectra.

While strain gages provide the most straightforward method of acquiring load data, the
rigorous environment of the fighter aircraft typically produce component deformation that is
hostile to strain gauge sensors Component movements of this magnitude can easily induce
permanent sensor failure or sensor mounting adhesive failure Fortunately, if a particular aircraft
type has a sufficient data base of its various loads based on previously conducted flight testing
using direct load instrumentation, a method of onboard computed loads provide an attractive
alternative. Common computed loads are fuselage bending moment, wing pivot bending
moment, inner wing bending moment, outer wing torsion, and vertical/horizontal stabilizer
shear to name a few. The loads equations typically contain from ten to thirty inputs, and utilize
parameter look-up tables based on flight state. Each load can be subjected to peak-valley
search processing, or other types or common or aircraft unique data processing algorithms.

A logical evolutionary step for the SFDR might be with onboard cycle-by-cycle crack growth
analysis. Crack growth analysis commences with the acquisition of desired parameters and a
peak!valley search (presently performed by SFDR). The remaining onboard processes involve:
the computation of stress and stress intensity factor, the computation of retardation, and crack
growth rate, and finally the accumulation of crack growth.

As a final comment, it is important to provide the data analyst with adequate data visib;"'
in order to verify the quality and trends of recorded data. As expected, th~s places a constraint
on how far data reduction/compression techniques may go.

5 Summary

The trend in ASIP recording is towards acquiring more parameters and performing more signal
processing onboard to quickly provide detailed maintenance informaticn to fleet management
personnel. This is due to a desire to extend the service life of an a&,ng aircraft invento-.,.
Fortunately, steady improvements in engineering models, hardware and software over the
past few years make this possible.

It appears that no two airframes (applications) have functionally identical ASIP recorder
systems due to differences in usage, analysis techniques, subsystems, engines, and the like.
Since pure standardization is difficult to achieve, flexibility in recorder design is imperative A
degree of commonality is expected for both recorder hardware and software, with hardware
achieving the highest level of similiarity for the SFDR. But variations in functions performed

945



and details in implementing these functions will continue. Thus the flexibility is expected to be
achieved via software.

Finally, as ASIP recorders are broadening in purpose, there is a omwina r•alization that
the high quality of data from these recorder systems makes them valuable as a mainte-
nance/diagnostics and tracking tool, as well as being equally valuable for test and debug
functions. New opportunities will continue to evolve for ASIP recorders such as the SFDR as
subsequent technological advances are made in hardware, software and ASIP engineering
models.

References

1 Conquest, T., Saggio, F., Todoroff, K., "ASIP Concepts for the Standard Flight Data
Recorder," USAF Structural Integrity Conference, San Antonio, TX, 29 November - 1
December, 1988.

2 Mayhan, T., "Improvements in Strictural Integrity Data Validity Utilizing Airborne Param-
eter Reasonableness Techniques." USAF Structural Integrity Conference, San Antonio,
TX, 4. 7 December, 1989.

3 Bell, T. and Greenhaw, 0., "C-130 LESS- Transition to the Standard Flijtýj1 Data Recorder
System," USAF Structural Integrity Conference, San Antonio, TX, 4 - 7 L)ecember, 1989

946



00

La..I

CD DL

LUU

cm -i = 8Lý
0. co C;t

~~ w~

z -J

o Co

0%

947



The A-10A is a close air support single-place, low wing, low tail

configuration with two engines installed in nacelles that are monmted on pyluns

extending frcm the fuselage just aft of and above the wing. Twin vertical tails are
located at the outboard tips of the horizontal tail. The A-10A is capable of

delivery of up to 16,000 pounds of expendable ordnance from eleven wing pylon
stations. A 30am Gatling gun with a capacity of 1100 rounds is installed in the

forward fuselage. A total of 713 aircraft were produced between 1975 and 1984.

A-10 aircraft are actively deployed world wide and are assigned to the Air Force

Tactical Air Ccmmlnd, Air National Guard and Reserves. Figure 1 presents the major

topics of discussion of this paper. The overall dimensions of the A-10A aircraft

are presented in Figure 2.

The methodology utilized in tracking the A--10 was presented in detail at the

1989 USAF Structural Integrity Program Conference and is included in the printed

proceeding, WRDC-IR-90-4051. Figure 3 outlines the salient features of the tracking

program. Briefly, the airplane tracking is based on fracture mechanics analysis.

As part of an earlier damage tolerance assessment, 63 critical areas of the A-10

airframe were analyzed. Evaluations of the analyses indicated that the airplane

could be tracked by 10 key cntro1 points - 4 wing, 3 fuselage, 1 nacelle and 2

empennage points.Damage coefficients defined as the average crack growth per NZ

occrrenc were calculated. The coefficient for each point accounted for stress

spectrum, geometry and material properties which exist at each location.

The A-10A is monitored through the implementation of the Individual Aircraft

Tracking Program (IATP). The IATP consists of counting accelerometers which are
installed on every airplane and record the normal load factor (NZ) x ncs for

six NZ levels. Also, approximately 84 aircraft contain iulti-chanrpA life history
recorders which record other key loads/envircnuent parameters. Recorded data is

also used to monitor changes in usage which would affect crack growth moitoring.

Early in the program it was determined that all aircraft do "not fly to the
same spectrum. CQmulative probability curves of the nurier of aircraft attaining a

specific NZ ex~oedance rate at a give NZ were generated frn couunting

accelerameter usage data. Meetings with USAF concluded that all aircraft flying in

the lower 15% of the probability curve would be osidered flying a mild spectrum

and those in the upper 15% flying a severe spectrum. Between 15% and 85%, the

aircraft were considered flying in an average spectrum. The midpoint of each zone,
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that is the 75%, 50.0% and 92.5% percentile points, were selected at each NZ level

and used to develop the tracking spectra shown in Figure 4.

As previously stated, damage coefficients are a function of stress spectrum

loading. Therefore, coefficients were ccsputed for mild average and severe spectra

for each control point. The selection of which spectrum and therefore which set of

damage coefficients to use for each component was made by cmiparison of data in the

counting accelerometer windows. This is done automatically by the tracking software

routines used by the Air Force.

The airplanes are individually tracked by ccmronents. Thus a wing, tail or

nacelle could be removed fran one airplane and instalhed on another and still be

constantly monitored. In addition, major structural changes, i.e. block changes,

are accommodated by calculating a new set of coefficients, installing them and

making minor software changes to the program.

Software has been written and installed in computers at the Tinker Air Force

Base at Oklahoma City. It accepts the previously mentioned damage tolerance

coefficients for d crack growth, Flight logs, counting accelerometer data,

NZ occurrences, usage and tail numbers, and any TCIO cmpliance repairs or design

changes. This data is processed as depicted in Figure 5 and results in printed

reports of spectrum hours used, spectrum hours remaining, TCIO ccmpliance, etc.

Currently, the airplane is being tracked by spectra based on 3000 hours of

multi-channel data along with 155500 hours of counting accelerator data. These

spectra were based on early flight data gathered prior to the delivery of all

production aircraft. Currently there is approximately 20,000 hours of multi-channel

data and 2017000 hours of counting acceleraieter data available. Data is collected

in 6000 hour =uilti-channel database groups. The fleet is mature aid the current

database, 2nd 6000 hours, represents usage expected for the remainder of the useful

life of the airplane provided there are no changes or mixes in mission profil, s. It

is ccmprised of 411594 hours of counting accelerumeter and 5895 hours of

multi-channel data. Additionally the current usage is more severe and significant

changes in gross weight distributions have occurred. Figure 7 is a comparison of

the 2nd 6000 hour database vs. the 3000 hour update and clearly ehý, tý'ie 2id 6000

hour usage as more severe.
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As a result two questions surface. First, shoald the tracking program be

updated? Ard secord, if so how? This paper assumes that the answers to the first

question is yes. The answer to the second question is more complex.

The method of updating miust consider basic issues as shown in Figure 8.

obviously, the paraamount issue is prediction accuracy. This determines inspection

intervals and thus presents a major inpact on Life Cycle costs. Too cocrervative

predictions result in unnecessary fleet inspecti Uzonservative prediction--

cannot be tolerated because of impacts on pilot and aircraft safety. A&diticnally,

the method should be sufficiently flexible to acc1umodate changes in aircraft usage

without considerable testing.

Three evaluations were undertaken:

(1) Develop new coefficients using the Wheeler retardation model; then verify

by test for continued validity of the current methodology

(2) Analytic models, then verify by test
(a) AFFMD-rM-74-129 closure model

(b) NASA TM 81890 U1lti-Parameter Yield Zone (MPM) del

A limited test and evaluation proram was iplemented as summarized in Figure

9. Because of program constraints, only two control points were selected. Wing

Control points were selected because the wing is primarily NzW critical. Thus the

investigation eliminated the effects of evaluating ominations of parameters.

As shamn in Figure 10, the 2nd 6000 hour database representing 411594 hours of

counting accelerometer and 5895 hours of multichannel data was selected for this

evaluation. A statistical maneuver spectrum was developed and normalized to 1000

hours. Exceedance curves were generated for each of the four zone boundaries, 0%,

15%, 85% and 100%. The boundaries of each zune were than rotated clockwise and

counterclockwise and by linear interpolation 10 spectra were generated. Figure 11

indicates these spectra and defiras thm for future use. The fleet was examined and

the aircraft sorted according to use within each zone aid further sorted according

to spectra within each zone of severity is as shown in Figure 12. The exm edance

curve rotations statistically represented irdividual aircraft usage.

A major task of this evaluation was to assess the current method of trackirg
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the fleet while evaluating analytical methods. For each of the 10 spctra,.

coefficients and Wheeler constants were to be determine empirically a axacK

curves generated and compared to the test results. In order to evaluate the

analytical methods, material constants were determined by test and used in their

respective equations to generate crack curves to be coapared with the actual test

curves, To assist in the fractographic examination and construction of the test

crack growth curves, marker bands were inserted into each test spectrum. Figure 14

indicates the frequency of marker band insertions.

All testing was accaxplished utilizing automatic load application equipment as

shown in Figure 15. Figures 16 and 17 respectively define the coupon geometry and

material of wing control points 1 and 2. Wing control point 1 is representative of

a low load transfer hole while control point 2 is of an open hole. All specimens

were pre-cracked only on one side of the hole followed by constant amplitude cycling

prior to randum spectrum load testing. Figure 18 shows a typical fracture. It is

of interest to note that while the specimen was pre-cracked on one side of the hole,

fatigue cracks existed on both sides at failure.

Three specimens were tested to each of the 10 spectra for each control point.

Thus a total of 60 coupons were tested to failure. Figures 19 and 20 display the

pertinent data for each specimen. A crack geometry sketch relates the column

headings to the crack propagation of any cou4pon.

Both analytical models, Crack Growth Closure and MPYZ, basically utilize the

Paris equation modified by interaction material constants generated by test. The

constant for the Paris equation is derived from constant amplitude da/dn testing.

The interaction material constants were determined by controlled spectrum testing.

Figure 22 defines the specimen geometry used to generate material constants. A

controlled spectrum of loading was applied to each of three coupons, i.e. constant

amplitude with multiple overloads, constant amplitude with single overload and

constant amplitude with completely reversed overload. Figure 23 provides nur •er of

cycles and magnitude of stresses for each test.

Figures-24 and 25 are typical sections of the generated crack curves. The

curve shown is only a portion of the total. The left curve is nor . ractive. The

dots are a portion of the actual test. The overload in any spectrum provides a

plastic zone. As can be seen, the crack growth is retarded until the crack

951



propagates through the zone. It then grows as a rn interactive crack. At this
time the overload is again introduced thus providing several test curves prior to

failure. The other two curves are exauples of the evaluation of constants to be

used in the two analytical models.

Random flight by flight spectra were applied to the analytical models and
crack curves were generated. The objective was to attapt to generate an equation

that could predict crack growth without the necessity of further testing.

Figures 26 thru 31 present the results of the coupon testing, FOXMMxAleeler

and Closure equations. The MPMZ equation was used to calculate crack curves in the
severe zones for control point 1 and 2 but was found too conservative. Use of the

mPmZ equation was therefore discntinued. A possible reason for this could be the

lack of sufficient testing to determine, material constants. The Closure model was
very coservative in all zones for control point 1. Some reasons for this were

uncertainties in definitizing the load transfer stress intensity solution due to

friction effects and effects of tolerance variations in fastener holes both during

installation and as the crack opens. However, in evaluating control point 2, the

closure model yielded better results for the severe uper and mild upper tests but
was urtuervative with respect to the average uppr tests. In all instances the

FormarVWheeler generated curves yielded good results.

As a further method of validation, weighted spectra, mild, average and sever,

were generated based on the distribution of aircraft in each of the respective

zones. These spectra were then coupared to the 3000 hour spectra. As can be seen

by the ccmpari.,on on Figure 32 the spectra in each z were almost identical.

An attespt was then made to c-pare crack growth curves based on weigahed
average coefficients or weighted average Wheeler ccontants followed by a comparison

to a test weighted average exceedanae curve in the same zone. Control point 2
severe zone was selected for this test. This eliminated the variables of friction

and hole size tolerance. Three coupons were tested to failure. The cracks

generated by these tests are plotted in Figure 33. Crack curves were calculated

based on average coefficients and average Wheeler coistants. Both curves indicated

good results with the average Wheeler curve more conservative when compared to all

test cp .
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In conclusion, the analytical predictive methods (closure/MPMZ) are inadequate

for individual aircraft tracking use. Both models are much too conservative for
load transfer hole gecmeteries because of the variation in loaded hole stress

intensity solutions. Mhe Closure model was not conservative for all zones.

Additional testing must be performed to adequately characterize material constants.

The current method of calculating A-10 crack growth for tracking rmmains

satisfactory. The current method has been validated and most accurately predicts
crack growth. 7his ability allows the aircraft to be operational lonrer between

inspection intervals thus reducing life cycle costs.

Weighted average Wheeler constants, coefficients and spectrum within zone

shows great pramise for ease of accurately predicting useful life and accounting

for changes in usage without the necessity for extensive testing. However this must

be validated for all zones and all control points.

9W7/7
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1.0 INTRODUCTION

Systems & Electronics, Inc. (SEI) has developed a system that will automatically
calculate an aircraft's sink speed, horizontal velocity, pitch angle, pitch rate, roll angle, and
roll rate at touchdown. These quantities can then be plotted as a function of approach
distance at touchdown. Also, these quantities are entered into a database so that statistical
results can be obtained. The results can then be input into a structural analysis program
that evaluates the structural integrity of the aircraft and its landing gears.

Commercially available cameras are used to observe the aircraft at touchdown. One
camera is placed perpendicular to the path of the runway and the other is placed parallel
to the path of the runway. The first camera is used to obtain sink speed, horizontal
velocity, pitch angle and pitch rate. The second camera is used to obtain the roll angle and
roll rate.

The recorded images are then played back into a computer and digitized. The
computer examines the images on a frame-by-frame basis to determine the position of the
aircraft as a function of time. Once this information is known, the quantities described
above can be automatically calculated. These quantities can be processed and presented in
the form of time histories or power spectral density (PSD) functions. Structural dynamic
analyses can then be conducted using the time histories or PSD's as the input to the analysis.
The results are then used to evaluate the internal stresses developed in the critical structural
components and the potential damage to these components at touchdown. These findings
are then incorporated in the evaluation of the integrity of the aircraft.

2.0 DATA ACQUISITION TECHNIQUES

2.1 Equipment Requirements

Equipment selection depends upon the data acquisition method. In Method I, high
quality camcorders mounted on tripods are used to record the aircraft at touchdown. The
recorded images are then sent to the laboratory where they are processed as described later.
In Method II, high quality cameras connected directly to computers are used to record the
images. The images are instantaneously processed and the results are immediately available.
While Method I has easily manageable equipment requirements, Method II represents a
completely automated system. For either method, the cameras must be equipped with both
a high-speed shutter to eliminate blurring and a zoom lens to properly set the field if view.

The recorded images must be digitized by a high-speed digitizer capable of on-the-fly
digitization. This is particularly important in Method H because these images must be
processed in real time. The digitizer should be located in a computer with at least the
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power of a 80386 class machine and an 80387 math coprocessor.

2.2 Camera Placement and Field of View

Two cameras are required to obtain all the desired parameters. The images from the
first camera are used to calculate pitch angle, sink speed, and horizontal velocity, while the
images from the second camera are used to calculate roll angle. The first camera is placed
so that the line-of-sight of the camera eye is perpendicular to the path of the runway. The
second camera is placed so that the line-of-sight of the camera eye is identical to the path
of the runway.

The proper field of view must be determined for each camera so that the aircraft can
be observed for several frames prior to (and including) the touchdown. There are several
things to consider when attempting to determine the correct field of view:

• Average horizontal velocity at touchdown.
* Average sink speed.
* The range of distance in which the aircraft will touch down on the runway.
* Height of a vertical reference line on the aircraft.
* Length of a horizontal reference line on the aircraft.

The minimum error occurs when the distance fallen by the aircraft is identical to the
vertical reference of the object. For example, T-44's had typical sink speeds of 7 ft/sec, and
the vertical stabilizer (vertical reference) had a height of 5.46 feet. From this information
it can be determined that the aircraft should be in the field of view for 5.46 feet / 7
feet/second = 0.78 seconds (or about 24 30-second frames).

Next assume that the typical glide slope is 3.25 degrees. Then, the horizontal velocity
is 7 feet/second / tan(3.25°) = 123.3 feet/sec. At this velocity the initial field of view is 123.3
* 0.78 = 96 feet wide.

2.3 Error Analysis

Given that the total field of view is 96 feet wide and that the field of view for the
video system is approximately square, the height of the field of view is also 96 feet. Assume
that there are 440 vertical lines of resolution. Each line corresponds to approximately
96/440 = 0.2182 feet. Recall that the vertical stabilizer is 5.46 feet or 25 pixels. Therefore,
a one pixel error corresponds to a four percent error.

2.4 Digitizing Procedure

After the images are recorded by the camera or camcorder, they are sent to the
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computer and digitized. The computer examines the touchdown on a frame-by-frame basis.
An aircraft pcition identification algorithm is used to determine the exact location of each
aircraft within a frame. The algorithm begins by using background extraction to remove the
background from each of the images with an aircraft in the field of view. After this
procedure, only the aircraft remahiis in each image (i.e., the background has been removed).
Next, a Monte Carlo technique is used to place a long but narrow box on the aircraft. The
dimensions of the box are carefully selected so that the box will only fit in a very specific
region of the aircraft. From this small box, a larger box is constructed. The dimensions of
the larger box are chosen so that it always contains the main landing wheels. The program
examines the larger box for the lowest point on the aircraft. This point always corresponds
to the bottom of the main landing wheels. Next, a third box is constructed. The coordinates
of this box are selected so that the box always contains the nose wheels but not the main
landing wheels. Finally, the algorithm examines the third box for the lowest point on the
aircraft. This point always corresponds to the bottom of the nose landing wheels. Once
these points are found in each frame, the calculations described below can be performed and
the desired parameters determined.

To obtain the necessary results, the aircraft must be observed for at least two frames.
Additional frames are desirable because it enables the program to calculate all the desired
parameters as a function of approach distance. However, if the frame at which the aircraft
first enters the field of view and the frame at which the aircraft touches down are known,
the followi~ig se's of coordinates can be obtained (Note that Frame 1 occurs before Frame
2):

Description Abbreviation

Nose wheel (Frame 1) (nwx,,nwy,)
Main wheels (Frame 1) (mwx1,mwyJ)
Frames between Frame 1 and Frame 2 f
Nose wheel (Frame 2) (nwx2,nwy 2)
Main wheels (Frame 2) (mwx2,mwy2)
Left wing tip (Frame 2) (lwx2,1wy 2)
Right wing tip (Frame 2) (rwXrwy2)

3.0 DATA ANALYSIS

3.1 Calculation of Landing Parameters

Once the coordinates from the previous section are obtained, the following
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calculations can be performed:

• Feet per pixel, Scale,
Scale = Distancefrom the main wheelsto-the nose wheel (feet)
/ [(mwx2 + nw.j + (mwy2 + nwy2)2]12.

* Horizontal Velocity (feet/second) = 30 / f * Scale * j(mwx, - mwx2)I.

* Sink Speed (feet/second) = 30 / f * Scale * (mwy 2 - mwyl).

* Pitch Angle = tan-'[I(mwy2 - nwy2) /I(mwx2 - nwx2)J].

* Roll Angle = tan1 [(lwy 2 - rwy2)/(lwx2 - rwx2)].

3.2 Sample Results

Some of the statistical results obtained for 150 T-34 aircraft at touchdown are
presented in Figures 1 through 3. Figure 1 presents a frequency distribution of the
horizontal velocity in knots. Figure 2 presents a frequency distribution of the sink speed in
feet/sec. Figure 3 presents a frequency distribution of the pitch angle in degrees.

4.0 APPLICATION TO STRUCTURAL INTEGRITY EVALUATION

One practical application of the collected dynamic parameters of the aircraft at the
time of landing is in the area of structural integrity analysis of the aircraft in general and the
landing gears in particular. The images obtained and processed can easily be converted into
time history and/or power spectral density (PSD) functions. These functions can then be
utilized as input to structural analysis of the aircraft and/or landing gears for the calculation
of internal forces and the evaluation of system integrity. Depending on the type of data
collected, two types of structural analyses can be conducted. These are:

Dynamic analysis of the structure idealized as a system of lumped masses, springs and
dashpots. In this analysis, the time history of the recorded parameters (i.e., velocities,
pitch, roll, etc.) are needed and can be obtained using an appropriate shutter speed
for the cameras.

Analysis of the structure using the PSD functions of the recorded parameters. The
cameras' positions and shutter speed should be properly designed if the objective is
to develop PSD data for the recorded parameters.

In the following sections these structural analyses schemes, their requirements,
limitations and advantages are explained. The discussion presented here covers a general
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concept. Depending on the type of data collected, these methods can be simplified and
specially geared to specific objectives. In the case of the SEI collected data, for example,
the collected data can be used to determine an input acceleration (in the form of an
impulse) for the landing gear structure at the time of impact with the ground. This
simplifies the structural analysis process substantially while providing useful information on
the status of internal forces in the structure at the time of landing.

4.1 Structural Analysis Using Time Histories

In this analysis, it is assumed that the cameras are properly designed and installed to
record an appropriate number of frames as the aircraft approaches the ground and lands.
The processed images can then be used to determine the time histories for different degrees
of freedom of the structure. When the force in a landing gear is required, the data on the
sink speed (vertical velocity) is perhaps the most important parameter and can be used to
develop the time history data of the acceleration during landing. Idealizing the landing gear
as a multi-degree-of-freedom dynamic system, one can write:

MU +C&+KU= -MY (1)

In which the vector U contains the degrees of freedom of the structure, dot designates the

time derivative, M is the matrix of masses and mass moments of inertia, C and K are

damping and stiffness matrix, respectively, and f7 contains the acceleration components

of input motion. In a simplified case, the input motion consists of the vertical acceleration
only; and Eq. 1 becomes that of motion of a single degree of freedom. Equation 1 can then
be solved using a numerical analysis to obtain the response U of the individual spring
elements of the landing gear. Once U are obtained, the forces in these elements can be
obtained from the following matrix equation.

F=KU (2)

in which F contains the forces in the spring elements.

The advantage of this method is that it uses a dynamic analysis of the landing gear
structure. Using the method of mode superposition (Ref. 1) it is possible to obtaiAI the
maximum response (maximum force in individual spring members) and the corresponding
contribution of the individual modes of vibration. As indicated earlier, the vertical
acceleration at the time of impact is expected to contribute to the response predominantly.
The disadvantage of the analysis is that Eq. 1 requires a numerical integration technique.
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This may impose a somewhat larger error in calculation than what is expected in a numerical
analysis. This is because the input data for the dynamic analysis is from images recorded
by the cameras and processed by a computer. The accuracy of the time histories generated
to a great extent depends on the elapsed time intervals between the frames recorded by the
cameras. The limitations in the field of view and in the number of frames that can be
recorded by the cameras may impose some approximation in the time histories calculated.
This approximation is further augmented by the error associated with the numerical
integration of Eq. 1.

4.2 Structural Analysis Using the PSD Functions

In this method the analysis is done in frequency domain. The dynamic analysis
however can become complicated due to the fact that cross correlations between different
degrees of freedom and their derivatives will be involved in the analysis. A complete
description of the dynamic method can be found in Ref. 2. Alternatively, a static method
can be used considering the fact that the PSD data for different degrees of freedom of the
structure are available. These data are approximated as the actual recorded response of the
system. Using Eq. 2, the force Fi in the ith spring element can be written as:

Fj=V-:jk~uj(3)

in which r is the total degrees of freedom, u, is the jth degree of freedom and kij are the
stiffness coefficients. In terms of PSD functions, Eq. 3 can be written as:

in which 0 describes the power spectral density function. In terms of acceleration

ii Eq. 4 can be written as:

(I)I

In which a, is the jth acceleration component and ca is the frequency. If the vertical

velocity is taken as the most important dynamic parameter during the landing, the
corresponding acceleration (and its PSD function) is used as the sole input to Eq. 5. This

996



simplifies the process substantially. Once the PSD of the force component Fi is found, the
statistics associated with the exceedance of the force over specific threshold levels can be
obtained and used in the evaluation of damage in the structural components and the
corresponding probabilities of failure (Ref. 2).

The advantage of this mtbthrd is that it can directly be used to determine the statistics
associated with the force exceedance in the landing gear. The input PSD combines the
results of all sample data collected at different times. Compared with a comprehensive
dynamic analysis, the computation effort is less especially if the vertical acceleration is used
as the only input motion component. The method has successfully been used in the
evaluation of the internal force statistics for other types of structures (Refs. 3,4).

4.3 Input Data from Digitization of Recorded Landing Parameters

As described earlier, depending on the type of analysis selected, the camera system
can be designed specifically to record tk e number of frames needed to be recorded and the
type of data to be acquired. The experience with T-34 data reveals that the sink speed
(vertical velocity) is relatively constant before landing. After impact with the ground, the
velocity drops to nearly zero. The drop in the velocity occurs over a very short period of
time At when the landing gear collapses (see Fig.4). The sudden drop in velocity appears
as an impulse describing a peak in the acceleration. The impulse can be used as the input
motion to Eq. 1. This simplifies the solution of Eq. 1 and eliminates the need for numerical
integration.

In terms of the PSD function, the impulse can conveniently be presented as a limy, .d-
band white noise (Ref. 5). This is because of the special form of the acceleration function
that appears as a sudden peak. Thus with a series of collected landing accelerations at the
time of impact, the auto-correlation function of the acceleration can be idealized as the
limited-band white noise shown in Fig. 5(a) which can be considered to be independent of
the time lag r for practical purposes. The corresponding power spectral density function
appears in the form of Fig. 5(b). The PSD's constant value So can be obtained using the
mean square estimates of the acceleration. Denoting the mean square acceleration

as E(1) the parameter So will be

S E() (6)

The limiting frequencies w and (02 of the band can be selected arbitrarily; however,
the band should contain the natural frequency of the system. As it can be found out from

Eq. 5, these limiting frequencies will also appear as the limits of the it, function. It is
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noted that the final outcome of the analysis is the statistics of the exceedance of the force

Fi and these statistics require the calculation of the area under the 0., function between

the frequencies w, and o2. A change in o, and 02 will cause a proportional change in

the 0. function. However, the total area under the 40, function will not be affected.

This means that the analysis will not be grossly affected by the selection of w, and 02.

However, as described earlier, it is important that (a and o2 contain the natural frequency
of the structural system.

5.0 SUMMARY AND CONCLUSIONS

SEI has developed a technique that can be used to automatically measure an
aircraft's landing parameters. These parameters can then be used in the evaluation of the
structural integrity of the landing gears and the aircraft. The evaluation technique provides
several options which are summarized below.

Data gathering can be semi-automated (i.e., recording the images with camcorders,
then processing the images in the laboratory) or fully automated (i.e., recording the images
with cameras and processing the images on-the-fly). The fully automated technique requires
more on-site equipment but does not require a technician.

Determining the correct field-of-view is critical in obtaining accurate results. The
field-of-view is determined by many factors. The primary determining factors are aircraft
type, pilot experience and landing objectives. SEI observed T-34's and T-44's piloted by
students. This configuration generated a very gradual rate of decent and a very wide field-
of-view. A more experienced pilot practicing aircraft carrier landings would generate a very
narrow field-of-view. The smaller the field-of-view, the more accurate the results because
the cameras can be set to obtain more images in a shorter period of time which in turn
provides more data for the structural analysis techniques.

Depending on the type of data recorded and processed, two different types of
structural analyses can be conducted for the calculation of internal forces in the landing
gears and evaluation of their structural integrity. With a narrow field-of-view, where more
images of the landing process can be recorded, a fairly accurate time history of the landing
parameters including the vertical velocity can be obtained. In such a case, a structural
dynamic analysis using the time histories can be conducted to obtain the response of the
landing gears and the corresponding internal forces developed in them. However, with a
very wide field of view, since the number of images taken is limited, the time histories of the
landing parameters can not be reliably calculated. In this case, the sudden drop in the
velocity at the time of impact can be used as an input into the structural analysis of the
landing gears. As it is described in the paper, the PSD of the acceleration in the form of
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a limited-band white noise can be used in the analysis. The analysis can be a dynamic
random vibration or a static analysis which is simpler and can provide useful results with
enough accuracy.
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HEALTH AND USAGE MONITORING SYSTEMS IN AIRBORNE APPLICATIONS

I.T.Robertson
SIADS Basingstoke

ABSTRACT

This paper discusses the use of Integrated Health and Usage
Monitoring Systems (IHUMS) in fixed and rotary wing aircraft.The
prime function of IHUMS is to provide information to operators
and associated support organisations which will enable them to
promote on-condition maintenance of the aircraft.

The IHUMS comprises a complete system,enabling the user to
capture,process and store data in real time on the
aircraft,copy/transfer data between the aircraft and the ground-
based elements of the system and present data for maintenance,
analysis and management functions in a ground-station.

The information produced by the IHUMS may be related to the
condition of the airframe structure or to other components e.g.
engines and gearboxes.A variety of algorithms may be implemented
in order to provide the real-time processing functions e.g. Low
Cycle Fatigue (LCF) algorithms may be used for lifing critical
parts both of the engine and of the airframe.

As well as being implemented as a stand-alone system the IHUMS
may also be integrated with other on-board systems.In particular
integration with a Standard Flight Data Recorder (SFDR) offers
significant benefits in terms of extending the capability and
cost effectiveness of the current generation SFDR.

This paper describes which IHUMS functions may be implemented
with technology now available and attempts to identify where
further work is required before the technology may be considered
mature.
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1. SYSTEM OVERVIEW

The general system described in this paper is an Integrated
Health and Usage Monitoring System (IHUMS) whose functions are
applicable to current and future aircraft,although the
implementation in specific cases will be "special-to-type".The
prime function of the IHUMS is to provide information to
operators and associated support organisations which will enable
them to promote on-condition maintenance of the aircraft.The
IHUMS described here is relevant to both helicopter and fixed-
wing applications,although not all the features apply to both
cases.

The IHUMS comprises a complete system,enabling the user to
capture,process and store data in real time on the
aircraft,copy/transfer data between the aircraft and the ground-
based elements of the system and present data for maintenance,
analysis and management functions in a ground-stationwhich may
be configured as a commercial p.c.

Due to the variety of possible Customer needs a major
requirement of the IHUMS is for extreme modularity in design and
implementation,in order to facilitate configuration of hardware
and software to meet these needs. This applies in particular to
airborne processing and I/O elements (see para. 3.1.2) which are
best realised as a series of stand-alone modules each with some
degree of intelligence. This allows such modules to be integrated
with other equipments (e.g.with a Standard Flight Data Recorder),
combined together to produce 1 or more stand-alone Line
Replaceable Units (LRU's), or to be incorporated within Customer
systems as Line Replaceable Modules (LRM's).Such an architecture
also provides the flexibility to expand the system as additional
modules become available.

2. FUNCTIONS PERFORMED BY IHUMS

An overall list of functions is given below (with no order
of importance implied).

- Engine Monitoring

- Gearbox and Transmission Monitoring

- Rotor Track and Balance

- Aircraft/Airframe Monitoring

- Status Monitoring

1006



3 IHUMS INSTALLATION REQUIREMENTS

To perform a specific installation 3 types of IHUMS elements are
in general required,the elements implemented in a particular
case being application-dependent.The types of elements are as
follows:-

3.1 On-Board Elements

3.1.1 Sensors of all kinds (i.e. from standard transducers to
stand-alone sensors with intelligence).

3.1.2 Embedded I/O and processing elements.These may be Line
Replaceable Units (LRU's) or Line Replaceable Modules (LRM's).

3.1.3 Aircrew interfaces (i.e. controls and displays,including
"alert" warnings)

3.1.4 Maintenance interfaces (e.g. for download of data by
ground-crew)

3.1.5 Interfaces with other aircraft systems e.g. ACARS.

3.2 Data CoDy/Transfer Elements

3.2.1 Hand-held Data Transfer Unit (DTU) purely for
upload/download of maintenance data.

3.2.2 Front-end Interface Processor (FIP) with DTU functionality
plus processing capability.

3.2.3 "Detachable" elements (e.g.data cassettes or 'smart' cards)

3.3 Data Manioulation and Presentation Elements

Stand-alone Personal Computer (PC) or more powerful
derivative implementing a maintenance data-base for data
upload/download to the on-board elements and a user interface for
viewing/entering data.
In addition functionality may be included to permit a wide range
of Maintenance activities (Trending,generation of rotor track and
balance corrections,Maintenance Management,network to other
computer system(s))
In a typical Maintenance Analysis implementation updated records
are kept of the "on-condition" expired lives of aircraft (engine)
components,based on lifing algorithms performed in real time in
the aircraft.This may be expanded to embrace a Maintenance
Management function which allows individual aircraft parts to be
"tracked" in order to implement a fleet-wide Maintenance
programme.
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3.4 Airborne Versus Ground Analysis of Data

In the implementation of an IHUNS the relative amount of data
processing and analysis performed in the air and on the ground
must be considered.In general the efficiency of the airborne
computer is increased by decreasing the amount of such data
stored.The technology is available to filter and compress the
data and to perform Health and Usage algorithms in real time,and
it should be used.In particular,for usage calculations where only
the end result is of interest (e.g.Low Cycle Fatigue - see
4.1.2.4 below) there is little point in downloading the
corresponding unprocessed data or intermediate results.

However,in certain applications there may be a range of
alternative processing techniques which may be used on the raw
data and here it may be beneficial to download raw data (or
intermediate calculations) and perform such analysis on the
ground.For instance in Gearbox Vibration Analysis (see 4.2.1.2
below) the real-time signal averages may be downloaded so that
a range of damage indicators may be performed and compared on the
ground computer.In addition practical design considerations may
dictate the use of a single standard of airborne hardware (and
software) over a number of aircraft types. In this case all type-
specific calculations must be performed at the ground station.

4 FUNCTIONAL DESCRIPTION

The functions listed in para 2 are now described in more detail.

4.1 Engine Monitoring

4.1.1 Engine Health, including the following :-

4.1.1.1 Power monitoring i.e. calculation of the discrepancy
between theoretical power output at specified conditions and the
actual mechanical power delivered,based on measurement of torque
output from the engine.This automates an otherwise tedious (and
potentially unreliable) area of pilot work-load as the
implementation algorithm ensures that the all the required data
inputs remain in-range throughout the sampling period and also
performs initial averaging and filtering of the raw data.

4.1.1.2 Thermal Efficiency monitoring i.e. calculation of the
excess of a derived hot-end temperature (e.g. Turbine Entry
Temperature based on shaft speed) over a measured value.
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4.1.1.3 Recording of "snapshots" of input data to allow off-
line monitoring of the condition-of the engine.The recording may
be initiated directly by the pilot or automatically when
predefined conditions occur i.e. on take-off or at cruise.In
addition a sequence of snapshots may be recorded when a preset
condition (e.g. an exceedance or operation of a manual select)
occurs. The resultant Incident Recording will normally cover a
period from a fixed time before to a fixed time after the
occurrence of the condition.Both snapshot and incident recording
are currently used in Civil applications.The former gives an
automatic data input to Engine Condition Trend Monitoring and
similar programs;the latter is used by Operators to identify
potential serious fault conditions quickly.

4.1.1.4 Engine to Engine Divergence monitoring. In 2 or more-
engined aircraft the measured values of engine parameters from
all engines is used to evaluate their relative performance at
specified conditions.

4.1.1.5 Measurement of engine spool-up and spool-down times.

4.1.2 Engine Usage~including the following :-

4.1.2.1 Total Operating Time for the engine using a measured
shaft speed as a threshold.Operating Times above other thresholds
(e.g. above maximum compressor speed) may also be measured.

4.1.2.2 Number of starts based on accelerations through a shaft
speed threshold.The start acceleration times may also be
monitored.

4.1.2.3 Measurement and logging of exceedances of specified input
parameters. The logged data may include time above an exceedance
level,the maximum level attained and the number of exceedances
which have occurred.This type of monitoring is currently used by
Civil Operators both to track faults and to record where the
engine has been misused (i.e. a "spy-in-the-cabin" facilityl).
In addition specified input parameters may be banded i.e. the
time spent between a series of threshold values may be recorded.
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4.1.2.4 Low Cycle Fatigue (LCF) calculation of critical parts
based on measured shaft speeds,including in some cases
incorporation of a thermal modifier using a hot-end temperature
measurement.The technique requires accurate tracking of stress
maxima and minima,identification of major and minor stress cycles
and conversion of these cycles into fatigue usage. Mln LCF
counting is currently commonly used as a means of lifing critical
engine parts,based on a "cyclic exchange rate" i.e. a conversion
factor between an airframe-related parameter such as the number
of flights and the number of damage cycles accumulated by each
component.Automating the measurement allows actual rather than
notional LCF to be calculated and therefore the progressive usage
to be accurately tracked as a function of actual engine
conditions.This is of particular importance in the Military
sphere,where the flight profile and resulting engine fatigue. of
individual aircraft will in general vary significantly from a
mean value calculated at,say,squadron level.
In addition certain "hot-end" engine components (e.g. turbine
blades) may be lifed on thermal creep or thermal fatigue.Thermal
creep is a function of stress on the component (calculated from
measured rotational speed) ,component temperature and time.Thermal
fatigue expresses the damage resulting from temperature-related
stress variations;the stress cycles measured are converted to
fatigue usage in the same way as for Low Cycle Fatigue.

4.2 Gearbox and Transmission Monitoring

4.2.1 Gearbox and Transmission Health Monitoring,including the
following:

4.2.1.1 Oil Debris Monitoring - This involves the logging of
particle counts from debris monitor(s) mounted integral with the
gearbox lubrication system.Several systems are commercially
available but experience in the field indicates that there remain
technical problems with these devices.Due to their means of
operation (insertion in the oil line) they are more suitable for
incorporation in new aircraft than for retrofit.

4.2.1.2 Gearbox Vibration Monitoring - Certain types of
localised gearbox damage (e.g. cracks in gear teeth) give rise
to mechanical vibrations indicative of the damage.These damage-
related vibrations may be captured by accelerometers mounted in
suitable locations (e.g. on the gearbox casing) and the input
signals sampled and processed in ordor to quantify the damage
which has occurred.
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The sampling of the accelerometers is in each case held in phase
with a synchronising signal derived from the gearbox.This enables
the sampling of each accelerometer to be phase-locked to the
rotational frequency of a related gearbox shaft (sampling is in
fact performed at a multiple of the gear-tooth meshing
frequency). This in turn allows the "sample-sets" from successive
rotations of the shaft to be added together in real time to form
a "signal-average" from which the effects of noise and non-
synchronous components are progressively eliminated.Each signal
average is converted to the frequency domain using a Fast Fourier
Transform (FFT) algorithm and then processed in order to generate
a range of damage indicators derived from the shaft rotation and
tooth-meshing spectrum.
The fundamental basis of this technique - the successful
acquisition of the real-time signal-averages as described above -
has been successfully demonstrated in recent Flight Trials in
the UK instigated by the Civil Aviation Authority (CAA).Due to
the comparatively rare occurrence of the faults being monitored
these Trials have not demonstrated a strong correlation between
actual faults logged and measured damage indicators.However
evidence does exist from ground tests where faults were seeded
in gearboxes as well as from a wide range of non-aerospace
applications. The next phase of CAA-sponsored research work in
the UK will expand this data-base,with particular emphasis on
seeded faults,to enable a range of indicators to be established.

4.2.1.3 Bearing vibration Monitoring - The output of
accelerometers mounted near bearings may be used to give an
indication of bearing distress. Although superficially similar
to the gearbox vibration monitoring technique described above the
monitoring technique is in fact fundamentally different.This is
because the vibration generated by a damaged rolling element
bearing is dominated by high-frequency resonances in the bearing
races and the surrounding structure caused by successive damage-
related impacts of the bearing.The repetition frequency of these
impacts is asynchronous due to the motion of the cage and so it
is not possible to apply the real-time signal averaging technique
described above in this case.Instead the resonant signal is
demodulated and the resultant signal amplitude and repetition
frequency used to generate indicators of bearing damage.Although
there have been successes in this area of analysis (ref.l)
further work is required to demonstrate suitability in an
airborne HUMS.

4.2.1.4 Bearing Temperature Monitoring using thermocouples fitted
to bearing housings in order to detect heat build-up prior to
bearing failure.This is a viable technique in that reliable daLa
can be obtained but further work is required in order to develop
criteria for inspection and removal of bearings.
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4.2.2 Gearbox and Transmission Usage Monitoring - this is based
on measured or calculated torque values.It includes damage to
gear wheels as a function of measured torque and damage to
splines and planet wheels based on the number of major torque
cycles recorded.
Successful incorporation of this in an airborne HUMS has been
demonstrated but application of the technique requires
initiatives from gearbox manufacturers.

4.3 Rotor Track and Balance (RTB)

This involves measurement of accelerometer outputs and optical
tracker data to give diagnostic information on rotor track errors
which give rise to airframe vibration.
This is a well-established Maintenance technique with equipment
available from several manufacturers.In its present form it is
implemented as "carry-on" rather than permanently fitted
equipment but there is considerable benefit to be gained by
integrating it with airborne HUMS.By this means 24-hour RTB
functionality may be obtained and the following functions
provided -

4.3.1 Track - Collection and storage of averaged track data when
the aircraft is in one of a number of predetermined steady-state
flight conditions. In addition monitoring of track data on a rev
by rev basis and storage of statistical information. This allows
diagnostic assessment of rotor control system faults to be made
e.g:

- Rotor RPM - detection of the effectiveness of the engine
governor systems and recording of exceedances in terms of
magnitude and duration.

- Blade Height - detection of excessive variations,leading
to the detection of worn pitch link bearing and/or swash
plate defects.

- Inter-Blade Timing - detection of excessive
variations,leading to the detection of worn damper
attachments or defective damper performance.

- Rotor Run-Up and Run-Down - recording of resonant
behaviour of the rotor-to-tyres/skids behaviour of the
aircraft,leading to the detection of worn undercarriage
attachments,defective oleo struts,incorrectly inflated tyres
and worn skid mountings.
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- Raw Track Data - storage of limited amounts of raw track
data for later analysis in order to detect and analyze
transient fault conditions that would not be apparent in the
averaged data.

4.3.2 Balance - Sampling of a minimum of 4 balance channels
(accelerometers) synchronised in each case to a once-per-rev
(OPR) input signal which is also used to derive the sampling
frequency.This enables out-of-balance amplitude and phase data
to be derived as follows -

- Main Rotor Lateral and Vertical Accelerometers - Lack of
consistency of balance or lack of correlation with airspeed
may be used to diagnose brinelled or fouled bearings.

- Tail Rotor Radial and Axial Accelerometers - Lack of
correlation with airspeed may be used to diagnose
worn/damaged stack bearings and/or brinelled feathering
hinge bearings.

4.4 Aircraft/Airframe Monitoring

4.4.1 Airframe Vibration Monitoring - Measurement of
accelerometer outputs and storage of selected spectra.The balance
data acquired as described in 4.3.2 above may be used to provide
a baseline set of airframe vibration data as harmonic
signatures.Additional airframe vibration information may be
collected as required,normally up to 5KHz.

4.4.2 Logging of aircraft flying hours.

4.4.3 Measurement of airframe structural fatigue,either by direct
measurement of strain or indirectly by measurement of related
parameters (e.g. g-level).There is currently a Programme in the
UK (Harrier GR5) where an airborne computer is being introduced
which monitors airframe-mounted strain-gauges and calculates
fatigue usage of individual components in real time.Once
operational this should give a much more satisfactory means of
assessing airframe life than the currently-used fatigue meter
which relies on a single g-measurement.

4.4.4 Control loads monitoring and analysis - Strain-gauges may
also be used to monitor control loads so as to detect excessive
values resulting from failures in control systems.To implement
this monitoring technique in a meaningful fashion requires the
involvement of the manufacturer with regard to the definition of
normal and abnormal strain levels.
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4.5 Status Monitori__nQ

With the introduction of on-board computers and Electronic
Instrument Systems this monitoring can be more comprehensive than
on previous generations of aircraft.Typically the parameters
monitored are exceedances of various kinds (e.g. turbine
overspeeds) and other undesirable conditions.The outputs are
various categories of alarm,some of which are maintenance actions
and not directly indicated to the pilot.

5. FUTURE DEVELOPMENTS

As well as the areas indicated above where further work is
required it is useful to consider future application of certain
areas of current state-of-the-art technology.All of the
techniques described above may be classed as analytical and
discrete;together they comprise a series of separate algorithms
each of which gives information on a limited set of components.Iln
order to combine the various types of information in a meaningful
way a higher level of processing may be utilised to diagnose the
various "symptoms" and produce an overall,integrated assessment
of aircraft condition.In this context 2 main approaches may be
considered.The first of these is Expert Oystems where all the
available relevant expertise is implemented in a software program
which provides the integrated diagnostic functions required.While
such systems are now widespread in many applications their use
in an IHUMS presents difficulties largely due to the complexity
of the system being monitored and the lack of definitive
diagnostic rules.Nonetheless work has been done in this area
(e.g. ref.2) but concentrating on ground analysis rather than in
an airborne processing role.

An alternative approach to Expert Systems is that of Neural
Networks.This represents a radical departure from conventional
ideas in that a system utilising this approach has no human-
programmed fault condition symptoms with which to compare actual
sensor data but rather "learns" from its own experience and
builds its own internal model of its environment purely by
exposure to it. Subsequently,on encountering an unusual,and so
potentially abnormal,condition the system can signal an
appropriate degree of concern depending on the improbability that
the observed input is a member of the "normal" or familiar set.A
diagnostic database can then be built up over time and the
prospect exists for more general diagnostic capabilities than can
be realised by triggering on known fault symptoms.Research is
currently in progress in the UK in this area whereby aircraft
test data is input to an Experimental Development System
containing a neural network encoder and an intelligent monitor
(ref.3).
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"SHOT PEENING CAN REDUCE part, there is little danger
EFFECTS OF AGING ON of crack initiation. Over
AIRFRAME AND ENGINES" time, though, there are fac-

tors that can dissipate the
protective effect of the shot

J. S. Eckersley and peening. The subject of this
T. J. Meister paper is to outline some

Metal Improvement Company applications where peening
Paramus, NJ, USA has been used as a rejuvena-

tion process but it is use-
ful, first, to consider the

ABSTRACT dissipation factors.
Metal Fatigue, Corrosion * Heat, of course, will

Fatigue and Stress Corrosion relieve the compressive
Cracking are the catastrophic stress. Structural compo-
modes of metal failure that nents are not usually subject
can be significantly con- to high heat (more than
troled or even avoided by the 250OF for aluminum and
use of Controlled Shot Peen- 800°F for titanium) in
ing. This processes is often service. However grinding or
applied to new airframe, welding a shot peened surface
engine and landing gear compo- will not only relieve the
nents but it is being increas- beneficial compressive stress-
ingly used at overhaul to es, but will replace them by
restore compression to metal detrimental tensile stresses.
surfaces that have been sub- * Service stresses,
jected to high cycles and/or particularly peak load stress-
stresses, corrosion, wear, es, will eventually cause
fretting, etc. localized yielding of the

There are some cautions peened surface, after many,
to be observed relating to many cycles. Peening the
ensuring correct intensity, surface again, before cracks
coverage and choice of media, appear, will restore the
particularly when parts are compressive stresses to the
to be peening on previously original value of at least
fatigued specimens. Computer 50% of the ultimate tensile
Monitored Shot Peening, on strength of the material.
site and off, will also be (Fig. 4)
discussed. * Physical removal of

the surface layers, by gener-
DISCUSSION al or pitting corrosion or

Shot peening is a exfoliation can cause eventu-
well-recognized method of al penetration of the compres-
preventing or greatly retard- sive layer. Tn this category
ing metal failures from fa- falls also the mechanical
tigue, stress corrosion crack- dressing of the surface to
ing and corrosion fatigue remove the corroded layers,
(Fig. 1).1,2 Most aircraft which will also remove the
structural parts are shot, shot peened layer. To fur-
peened during manufacture to ther weaken the component,
offset the life-,iebitting the dressing of the surface
effects of machining, grind- will reduce the effective
ing, welding, anodizing, etc. cross section and in many
(Figs. 2&3) Shot peening cases, the dressing can intro-
introduces known, high magni- duce tensile stresses. 5

tude residual compressive Under these circu'. _,ices,
st.resses. 3 , 4  As long as Lepeening of the dressed
these compressivr stresses surface is mandatory.
remain in the surface of the
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SHOT PEENING FOR REJUVENATION paint and anodic coating were
The same parameters and removed in the critical areas

specifications should be and energy absorbent tape
adhered to when peening an applied to mask off adjacent
aged component as were em- surfaces. The general area
ployed during manufactur- was enclosed in plastic
ing.6 The one recommended sheet. The shot was con-
change is to use ceramic shot tained by the differential
rather than cast steel. Cast pressure peening nozzle and
steel will leave an iron returned to the pressure
deposit on the surface of generators for recircula-
aluminum. During manufactur- tion. After peening, the
ing, the iron is removed anodic coating and paint were
prior to the application of reapplied. It would appear
the anodic coating but it is that no further evidence of
better to avoid it altogether cracking in these areas has
when peening a structural been found, after the shot
component that is attached to peening was performed.
the aircraft. 7  b) In an paper entitled

Maintaining Almen intensi- "Maintenance of Concorde into
ties is critical, particular- the 21st Century," Mr. M. J.
ly in thin areas (Fig. 5). Phillips, Senior Engineer,
Coverage is especially criti- British Airways plc., states
cal when the problem is asso- the following: "The power
ciated with stress corrosion flying control unit (PFCU)
and the use of a fluorescent cradles have caused problems
tracer is recommended (Fig. in the past... The rudder
6).8,9 Where peening on PFCU cradles were reshaped
the original part might have using a clamp-on profile jig
been desirable, now repeening as a guide, and then the
of a reworked part becomes cradle was shot peened in
essential since even with the situ, to improve its structur-
repeening, the aged part is al reliability" (Fig 11).12
not as resistant to fatigue c) Drawings relating to
and SSC as when it was new. Boeing 747, "corroded lower
For this reason, automatic or web, wing ctr. section, stn.
eveni computer controlled shot 1000" carry the following
peer ing is to be preferred "Repair Procedure" (abbreviat-
and available.'°,'' Peen- ed):
ing using hand-held nozzles "1. To inspect lower web
or I lapper wheels is not for corrosion hidden by lower
reccmmended and shuld be chord, refer to Boeing S.B.
avoided (Fig. 7). 747-53-2064.

With a clearer under- 2. Blend out corrosion in
standing of the process, web...
applications can be described 3. Remove fasteners shown...
where shot peening has been 4. Shot peen corroded area
used to increase or restore per BAC 5730 all over blended
the resistance to SCC & CF on area.
aging aircraft. Use 230-280 grade shot,

a) As far back as the .004"-.008" A-2 intensity -
early 1970's, SCC was found see ref. drg. 65B 10276 note
on DC9 main landing gear 6 and Boeing Overhaul Manual
attach fittings (aluminum). Chapter 20-10-03 for inform-
McDonnell Douglas required ation.
that all DC9s irn service at 5. Alodine and paint whole
that time be shot peened on of repaired area...
site in the critical areas of 6. Apply sealant ... to all
the attach fittings. The faying surfaces.
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7. .. replace removed section stance, has broken down,
of chord along with splice permitting a galvanic action
plates and fixings." between the dissimilar met-

d) There is a current als. Where fasteners are
Boeing specified retrofit involved, the corrosion ex-
process on all attachment tends outward from the fasten-
lugs for the B-737-200 tail er hole, either from L1,j,
fin assemblies. The rework entire circumference of the
calls for reaming the lug hole, or in one direction
bores to an oversize dimen- from a segment of the hole.
sion, shot peening of the In severe cases, the surface
bores, followed by installing bulges upward, but in less
new bushings to fit. Due to severe cases, there may be no
the proximity of the lugs, a telltale bulging, and the
special tool has been manufac- corrosion can only be detect-
tured to allow on-site peen- ed by nondestructive inspec-
ing of the lugs so that the tion methods (Fig.
fittings do not need to be 9&10).14 Controlled shot
disassembled from the air- peening is of little value in
craft or the fins. Sophisti- preventing exfoliation corro-
cated mask tooling is re- sion but it can be very effec-
quired to contain the shot. tive in the process of repair-

The above examples are ing the damage. Service
only typical of many applica- manuals normally call for the
tions of shot peening used on removal of the fasteners and
aging aircraft to prevent or then for the use of rotary
greatly retard SCC, CF and files to grind away the cor-
metal fatigue. The process roded material followed by
is applicable not only to the blending the area and polish-
aluminum alloys (including ing out the tool marks.
aluminum lithium) but also to Aircraft engineers have used
steels (landing gears, for controlled peening after the
instance), titanium and the polishing to increase the
super alloys used in jet fatigue strength of the newly
engines. Jet engine compo- reduced cross-section. The
nents, incidentally, are shot action of the peening can
peened several times for cause the surface to bulge
restoration of compressive out again where deeper exfoli-
stresses at periodic over- ation has taken place. The
haul, usually as a protection surface can then be reground
against fretting fatigue and repeened until no further
(Fig. 8).13 bulging occurs. The shot

peening provides excellent
EXFOLIATION CORROSION NI)T of the exfoliated materi-

Exfoliation Corrosion, a al. The action of the peen-
more severe form of Intergran- ing on the thin exfoliated
ular Corrosion, occurs along layer is essentially the same
aluminum grain boundaries, as that employed in the pro-
which in sheet and plate are cess of peen forming, used to
oriented parallel to the generate the aerodynamic
surface of the material, due curvatures in the wing pancis
to the rolling process. It of most commercial airliners
is characterized by delamina- (Fig. 11).1s.16 Peening of
tion of thin layers of alumi- corroded surfaces can be
num, with white corrosion accomplished using special
products between the layers. enclosures to contain the
It is often found next to media (Fig. 12) .. s essen-
fasteners where the electri- tial to maintain extreme
cally insulating sealant or a control on the intensity of
cadmium plating, for in- the peening not to cause
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bulging of the skin itself, and aluminum oxides on the
rather than just the exfoliat- skins and structural mem-
ed layer, which would scrap bers. These oxides are very
out the entire panel. hard and removal is difficult

unless a media of equal or
PREP OF CORRODED SURFACES greater hardness is used.

Chronologically, this Glass beads, for instance,
section should have preceded may be too soft. Fine alumi-
the other but it is necessary num oxide grit works very
to understand the principles well and has been used suc-
of controlled shot peening to cessfully on a DC8 to clean
properlb appreciate how these along the rivet lines of the
principies can be applied to wings and fuselage prior to
effective blasting for remov- repainting. The expertise
al of paint and the products uomes in determining the
of corrosion. energy level (intensity) and

Plastic Media Blasting dwell time for a given area
for paint removal showed bearing in mind that it is
great initial promise but has quite easy to blast a hole
fallen down in some important right through the skin if the
areas. Airframe manufac- correct parameters are not
tures, for instance, have observed. Of necessity, the
limited, by specification, DC8 was blast cleaned manual-
paint removal by PMB to one ly but automatic equipment is
time only because of the now being developed for this
danger of damage to the sur- purpose.
face of aircraft skins.1 7  There exists also a
Most aircraft will require requirement for blast clean-
several paintings during ing the corrosion, followed
their useful life so a better by shot peening, between the
method is still to be found. skins in the overlap joints.
Also, dust and disposal of After the fasteners are re-
paint contaminated PMB has moved, the skins can be sepa-
become a major problem -- not rated sufficiently to allow
on the magnitude of the dis- insertion of specially de-
posal of paint solvent chemi- signed, automated, differen-
cals, but a problem nonethe- tial pressure nozzles that
less. The current applica- will contain the media in
tion techniques for PMB have addition to doing the blast-
largely been developed by the ing.
manufactures of plastic media
in conjunction with the manu- CONCLUSION
factures of paint. Well established tech-

There is a ?rocess devel- niques of controlled shot
opment under way to apply the peening, as used on aircraft
controls of shot peening to components at the manufactur-
the technique of paint remov- ing stage, are being applied
al which, together with non- to aging aircraft in the
toxic water soluble blasting field to prevent or retard
media, shows considerable failures from fatigue, stress
promise in reducing substrate corrosion cracking, corrosion
damage, dust and disposal of fatigue, fretting, etc., by
paint chips. Blasting to the introduction of high
remove the products of corro- magnitude compressive stress-
sion from aircraft surfaces es. Peening is also being
is very cost effective but it used to identify and combat
requiires great expertise. the effects of exfoliation
The most common products of corrosion. Similarl), the
corrosion on aircraft are controls of shot peening are
iron oxides on fastener heads being applied to blasting for
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the removal of paint and the
products of general corrosion.
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Figure 1- Photomicrograph of crack found
in a 7079-T6 forging, 500X.
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Figure 3- The influence of hard anodiz-
ing and shot peening on the failure

-60 strength of Duralumin (LI).
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Figure 2- Residual stress in 4340 Steel
(HRC 50) after surface grinding.
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Figure 4- Example of Residual stress
profile created by shot peening.
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(A) (B)

(C) (D)

Figure 6- The PeenscanR System. (A)
Coated, unpeened. (B) Peened 15 seconds,
partial coverage. (C) Peened 60 seconds,
improper nozzle angle in cavity (arrow).

SHADED AREA
INDICATES

NOZZLE PEENED SURFACE

RECIPROCATING
WORK IECEAND ROTATING

PEENING LANCE

RECIPROCATING
SHOT DEFLECTOR

IA) (B)

Fivure 7- Shot peenirng of holes using
deflector lance nozzle.
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r- SHOT -PIENED STANDARD BLADES,
10 ROOM tEMPERATURE AND 900 F .21
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NO. Of CYCLES TO FAILURE

Figure 8- Suppression of fatigue damage
of Incone! 713C turbine blades by shot
peening.

Bur, near'

Figure 9- Exfoliation corrosion, which
shows as bulges around rivet heads, can
propagate into fatigue cracks.

EXTERNAL SURFACE PROTRUSION.
SWELLING. OR BLISTER CAUSED
BY SUBSURFACE CORROSION

STEEL FASTENER

/ ALUMINUM SKIN

EXFOLIATION
CORROSION

Figure 10- Section through trpical exfo-
liation blister or protrusion.
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THIS SURFACE PEENED

BEFORE PEENING AFTER PEENING

Figure 11- Compound curvature resulting
from tri-axial forces induced by shot
peening.

Art& to be peened

Nozl
Actuator mount for.
each station..

Electrical box for Operation
onctions Cycle Station

"n. t box for r --- Dust collectorS.l1 Connections

! • •r*•• i r- Gener atorj~~/~le•//

Figure 12- Schematic of computer con-
trolled system for on-site shot peening
of aging aircraft structures.

1038



cn C.

Mp

C.D1
C=C

LUOW

aL -_

~0 4
god-

103



LUJ

LU

CM

Co U3 mW M &JM C)c mc

0c) CU 0j LO ' r..
roI cc 0) .&.' C) MW0

C2 C- -n CA.) C
_j CL c C =r F-, c- "Cr c6.1 =

o 0~ U3 a 4L J M CU w c.
0r c DD CL) r ,a- .

LL cr) -P4U LfU LL- 0 n to~ LL2
~COO En r-t'4 Mt CUC 1

C03 CD .. U0 M3 CL_)L_- L nmm
C- Iq C=) mm Lo=" -"ui

cn LI3 C=~ LU. 4-j = -"- M ._ .P' r4 LI3
CC = = II C=) L.) "- .e-:low r- -r

0-4 cu LU I. - *C. = *'4 r." F-I C--

C.)CL)4- gnJ=cr) C.. cc
EnCfL 03 CC ZIP En = .CC)CC .j0

= - Lu c6 -4 C.. - F--I Pu- C=
LlU '-4 cn c=) a)- 0. -" -) 03 C
CL) LL.. M u C) " m )-f 0.U aj cn 03 c

Un C= cc -4 CL) oc C.. CO _ Li
LD I f CD=I-=i j Co .2 CO Cý I.-

C. I- -_4 cc CU U) r-4 a~WI
cm aL m tn 41 Co r- 0A3 03C -qý nc

C=_ jC - = CM -= CM LUJ G3 to
LUL I-- c L- C..6-1 cr -1-j L 0.- 0 a CD Lqzo

I- C) t--46- "r 030W. Li L- 4-1 i
a ,c L.7 -'4 C-M LLLO CC46

MEc I.- ke wa)-ie 0. *La. ,-C'
1-0.. C- Cd o 0) = Cr) -E 00 C

-jLL. ci U I--.d..j r-4t0 cc *4 &- & -3.c
u- u- m- r c

1040



CJ)

LU)

I-I __C- cu

-3.-4 .1-4 = (0 U
_4-1 (0IM C C-

*r-4 LL- CD -J M)
:D wU 4-1 1= r

Ir = =I~ CL) C

C-3 CL)= ==

Cc ro U) =
=D -= C) a) C~.3 C) UOI- 4- cC, 4&-1

cc C:' n4- -U. 03I C. 0363
Uc CL) ro-- 4- C=

U) L6 CL) 03 =~ ý- m: C.. -I-j L.O LUj
U)' 4-&- LJ C3 C- W W3Cl-4i '

>- = = 1 .46 .L C
I.-CL 0L3 o~. ca cn Li 3 --- J cc 1= LUJ
P-- = -= to _L 03C- LU -" = "

>< = LL - CL d.- cm = = _

-j m =. 0) -r-4 r- - m: 2

C3 5 = *ro r'4.. -- C=. 3 L.)Cl(
CC- r 3 4j 4-I 03 C- cc 4 c-cn

C3 a.)4J-1 -" M T= ~a)= C. = r-4 3C 4-
4-1 --4r-- tJor-"a-~ >C- C0

LUL =E -4 ME ME ME LU LJL Enl _-

I--I

1041



LUJ

LUL

LLU

LU71 03*--qO

C3- -L .r- zig ~ -- 0 )-

C = L . c o L-

-.. :P ..n 43 LL. ClM.
P-- *J &j 4 .41 .W.4 "% 3 )

*j .l* -e *4

L I C- CM dot -&- C.. C=to

U) 1-ý.4-1 4-1 I-P =i. Zoo

cc Im 9i4--

CL - C- r- a) Li CCI v4 03Lm
C.. = 4-- 4.1 r~-

-P-4i A.. CL M-am .- CL Z l ) - 0

a)l I-- 03- - CV. tL)

&P 03 C.. = CL)
.r) CU M' V-1 I.- C.. -r- %4 =.. co C.

CD.) L 4 :Pb .C O

C- C=) AjLL
= *m41&JC ) a

Mc Cu *~CA - %* L C

cn rocu a o m 1042L



1tn

U,

Un

UU

(\I)

cmt
IC'

IsI

CII

A
CL)O

.fC cd

010 *0'0 0018 two o 0w0

I

1043



IA-

Cona

U*.j

II~" e~Li C

q~lI ccc

Li -3 +t o~m LL LL IW

LLJ4- -4 -5

omo-

w. w- a .,of

opC. .- *

m ~cm

1044



Uw

C3

(L (a
CD

ClI
0

E 'I

0)

C 0 X

0 C

004



0I

0r

E CF

0

1046



ii iii!I I

EL

IL.

w

LLU

II I I I I
0". 8"0 9'0 *' 0 0"0

:100

1047



C>l

COL.
0l)

CO)

0

104



~LLL

cno

LL >-C, LUI

_- LU>-

LU LL I-4 I--

P % LLI C-3.

0-4 Uj -4LLJ~ CD

25 LW 3ý 1-'-- C

LU cm F- -o u n0

LI ~ ~ C. LU C U -0.
_ U~- =I. cn =4

I:nL I- " f I-- C=

Cfl m -ccI-.
I-uj- -4 3-o -4. =

0-4 LU E8 C' 4-4L2 .-

1049



ýlb.. cc.C

tto
'4- = w2
=t ccm I-.3

4~ C4- LL.

LU =i CU C-C
M %&- 03 = -"

C= CM C= 4-A Cflro cc

Cr CU-- C-3
C=, --4d)-4-j

_l 0" 0L LM *r- Ca~
Cn~ .C .1-4 ccW

= cc is V"
__CJ CM C 3l W r4

_- =U .- "o CL cc

Cnf r- I.M

CDJ

C,,Io

L:U__ LU LL- ccL

C- LU 3C LUJ LU LUL

ED ED c.h _El-
LU U- LU-

LU_ I-w LL U
5.- -,cc LU 3 I-i LU

ic~> - Cq >-C/0=:,.m
CJ~~LL. J ! LUL

F- 1- LU q u
UI.- C-3

I.- Cr 4 LU

I.S I--rnr I--l~n Offic --A--p C

Cf)1050


